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INTRODUCTION 

The Apollo Lunar Landing Mission Sympos ium was held at the NASA Manned 
Spacecraft Center on June 25, 26 and 27, 1966. The papers presented 
during the three days covered all aspects of the lunar landing miss ion, 
with primary emphas is on the lunar operations phases of the mission. 

The purpose of the Symposium was to present the current lunar landing 
miss ion plan, and to subject the plan to a critical review by the body 
of experts who composed the audience . 

To accomplish this objective, the papers were necessarily very detailed . 
Questions and comments were solicited from the audience after each paper, 
and this participation produced some excellent results . However, due 
to the volume and detail of material presented, the audience could not 
be expected to provide a critical appraisal from a s ingle look at the 
material . For this reason, then, the papers and proceedings have been 
published and transmitted to each attendee . The attendees are urged to 
review the material and submit comments to Mr. Owen Maynard at the 
Manned Spacecraft Center . 

The Symposium material has been published in three volumes ,  generally 
in the order that the papers were presented . The questions and comments 
from the audience follow the particular paper at which they were directed . 

Volume I of the Symposium material contains , in addition to the formal 
papers presented on the first day, the introductory remarks by Dr . Gilruth, 
General Phillips , and Dr . Shea; Volume I also  contains Dr. Shea's con
cluding remarks from the final day of the Symposium. 

Due to time limitations during the Sympos ium, there were several topics 
of interest for which presentations had been prepared but were not for
mally discus sed.  These topics were the following: 

a .  Control of Lunar Surface Contamination and Back Contamination 

b .  Thermodynamic Constraints on Lunar Mission Capability 

c .  Service Module Reaction Control System Propellant Management . 

This material has been included in the published version of the Symposium. 
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DR. ROBERT G JLRUI'H - OPENING REMARKS 

Dr. Gilruth opened the symposium by welcoming the attendees to the 
Manned Spacecraft Center . He discussed the fact that this was not the 
usual kind of symposium in that it was designed more for the people 
who were conducting it, rather than for the audience . It could be con
sidered as a working session in which NASA expected to get a hard-core 
review of the lunar mission. 

He urged the participation and comments of the audience throughout 
the sessions, and then introduced General Phillips . 

GENERAL SAMUEL PHJLLIPS - OPENING REMARKS 

General Phillips discussed the fact that the Apollo Program is committed 
to a set of technical requirements and configurations which are con
sidered adequate . All the elements of the overall system either have 
been or are scheduled to be fully evaluated and qualified by tests be
fore flight . 

He stated that the purpose of the symposium is to focus attention on 
the lunar mission and to  insure that the right things are being done 
in planning and preparing for the execution of the mission.  Also, the 
symposium would serve to  clearly identify any additional actions or any 
redirections of actions or efforts that this critical review of lunar 
mission planning might indicate . 

General Phillips then turned the symposium over to Dr. Shea . 

DR. JOSEPH SHEA - INTRODUCTION 

Dr. Shea opened the discussions by explaining that the symposium covers 
the first lunar mission only and that the details of the earth orbital 
missions and the ground test program will not be discussed. 

The current mission approach will be presented, and it is not claimed 
that this approach is necessarily correct in every sense . It may 
change between now and the time when it is actually accomplished, and 
it is not claimed to be unique . 'lhe question is more "Will this way 
work; is it adequate; then, is it the best?" Dr. Shea then went on to 
summarize several maj or considerations in the design of the first lunar 
landing mission . Detailed discussions of these points will, for the 
most part, make up the body of the symposium.  

1. The first mission will be "open ended", that is, there will be dis
crete sets of decision points and the decision to continue, stop, 
or modify the mission will be made at these points along the way. 
'lhe general concept for the mission is to keep it going as long as 
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possible; in effect, continue the philosophy in the test program 
of capitalizing on success. If everything continues to operate 
properly, the first lunar mission would be a landing mission. If 
there are problems of any significance along the way, depending 
on what the problem is and where it occurs, the mission will be 
changed or brought back. 

2 .  The various limitations and constraints imposed on a lunar landing 
mission limit launch to roughly three days in any given month. Due 
to recycle time associated with the launch vehicle there must be 
an intervening day between each of these three days. 

3. A major launch date constraint is that of lighting at the moon at 
the time of arrival. Lighting conditions are limited to the sun 
being in the region of 7° to 20° above the horizon and behind the 
astronaut as he approaches the site. 

4. Due to the considerations far recycle time and the lighting con
straints the mission will have to be prepared to go to any of three 
selected sites. 

5. Data on the landing sites will come from three major sources: earth
based information, Orbiter A information, and Orbiter B information. 
Surveyor will be used to confirm this information and to tell in 
general what the lunar surface is like rather than to certify an in
dividual site. We are not proposing to land, for the first mission, 
at an actual Surveyor site. 

6. The spacecraft will be loaded with the maximum propellant and con
sumables that are consistent with the launch vehicle capability at 
the time of the mission. 

7. Attitude variations will be used to control the spacecraft thermal 
extremes. This has resulted from design trade-offs which ease hard
ware design problems and save weight. 

8. 'lhe Manned Space Flight Network will be used as the prime navigation 
source; however, onboard navigation capability is provided. 'lhe 
normal mission will be designed to conserve RCS consumables so that 
attitude maneuvers are to be minimized. 

9. The LM descent engine will be used as a valid backup to the SM 
engine through lunar orbit insertion. 

10. A :free return trajectory will be used through lunar orbit insertion. 
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11. A limited number of landmark sightings, made by the onboard systems, 
will be used to reduce altitude uncertainties and effectively tie 
the Manned Space Flight Network to the moon. 

12. 'lllere are three types of areas in which a landing could be made: 

a. A general area, possibly ten miles in length, in which any 
particular point could be an acceptable landing site. 

b. A specific area determined by the guidance dispersion. This 
could be an area8bout one and one-half miles in length. 

c. A specific point which would require considerable maneuvering 
to reach. 

The first landing mission will probably use the specific area type of 
site. This would result in a saving of fuel ( over the specific point 
site) which could be used for the hover and touchdown phase. The main 
point is that the capability exists to reach all three types of sites. 

13. The crew will be used integrally throughout the mission, particu
larly in site selection and during the landing phase to avoid 
local obstacles and to provide visibility during touchdown. If 
increased knowledge indicates minimal dust problems from engine 
exhaust interaction and we can presume visibility through touch
down, then same of the mechanization of the landing and touchdown 
operation can be simplified. 

14. The first mission will have an 18-hour surface stay and two joint 
excursions by the astronauts. 

15. The concentric flight plan will be used for ascent from the lunar 
surface to rendezvous with the CSM. The LM Rendezvous Radar, the 
CSM optical system, and the MSFN tracking of both spacecraft will 
combine in the navigation and checking of the maneuvers. 

16. The CSM has the inherent capability to rescue a LM from a low 
lunar orbit. Providing for this capability is one of the major 
contingency considerations for Service Module reaction control re
actants. 

17. The mission is planned for a water landing with the prime recovery 
zone in the Pacific Ocean. 

18. There is essentially continuous abort capability throughout the 
mission. This includes LM descent up to and including touchdown. 
There is also the ability to stage the LM after impact if the im
pact dynamics could cause the LM to tip over. 
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19. 'lliere are several accumulators in the mission f'light plan. 'lliese 
are places where the spacecraft could essentially mark time to get 
ahead or behind mission planning in the event of any unforeseen 
problems. These accumulators are as f'ollows: 

a. Number of' earth orbits. 

b. Number of lunar orbits before landing. 

c. Surface stay time. 

d. Number of orbits bef'ore rendezvous. 

e. Number of orbits after rendezvous • 

20. The nominal and backup modes and redundancy provided for systems 
operation are significant, but will not be covered f'or all systems, 
such as environmental control and electrical power. 

21. There is essentially a continuous communication capability except 
while behind the moon and occasionally during coast when the space
craft is in a thermal roll condition. These intermittent losses of 
spacecraft to ground communications are not considered to be seri
ous. 

22 . There are a reasonable set of precautions against contamination of 
both the lunar surface and the earth. It is recognized that as 
long as men are involved, there are biological products generated 
and there is a lower level of contamination at the moon which is 
essentially unavoidable. 

2 3. There are some concerns of' which the major ones are listed: 

a. Environmental effects can cause unexpected problems but these 
are not considered to be large. 

b. The calibration of the Guidance and Navigation system is a more 
significant point. Experience has shown that when a system is 
operated for the first time it can cause problems. The concern 
is that the first lunar mission is the f'irst time that the G&N 
system will be used at lunar distances. 

c. The lunar landing is naturally of some concern. It has been 
simulated on earth, but lunar conditions cannot be completely 
duplicated. 

d. Crew tasks must be carefully watched to keep from overloading 
the astronauts. 
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CONCLUDING REMARKS - DR. SHEA 

Dr. Shea concluded the symposium by emphasizing that there are going to 
be many decisions to be made over the next 18 months, and that we will 
be in a position to make them as necessary. However, there is not much 
time for gross changes. 

He brought out the fact that the software is at least as critical as 
the hardware, and that we will never have as much confidence in the 
qualification of the software as we have in the qualification of the 
hardware. This is because the software comes late, and because it con
tains so many multiple paths of operation that it is almost impossible 
to run enough simulations to check every possible combination. 

He then summarized the status of the hardware: 

The Saturn I-B is already flying as a launch vehicle. 

The checkout cycle of what will be the first manned CSM is al
ready far along and the flight will occur next year. 

Almost all of the stages of the Saturn V have been delivered. 
It will fly next year. 

The LM and the first Block II CSM should fly next year. 

The capability to do the lunar mission should be available to 
us very soon. 

Dr. Shea closed his remarks by suggesting that all attendees have an 
obligation to review the results of the symposium and send comments to 
Mr. Owen Maynard at the Manned Spacecraft Center. 
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PLATEAUS AND GROSS MISSION DESCRIPTION 

This section of the Sympos ium will describe the first Apollo 
lunar landing mis sion in its entirety- -from lift off to 
recovery . It is intended to provide the general framework 
for a proper understanding of the subsequent presentat ions 
wh ich will explore part icular aspects of the mi ss ion in 
cons iderably greater detail. 

It is useful to think of the lunar landing mis s ion as being 
planned in a series of steps ( or decis ion points ) separated 
by mis s ion "plateaus " (Figure l ) . The decis ion to continue 
to the next plateau is made only after an as ses sment of the 
spacecraft's present status and its ability to funct ion pro
perly on the next plateau . If , after such as as ses sment , it 
is  determined that the spacecraft will not be able to funct ion 
properly , then the decis ion may be made t o  proceed with an 
alternate mis s ion .  Alternate mis s ions , therefore , will be 
planned essentially for each plateau. Similarly , on certain 
of the plateaus , including lunar stay , the decis ion may be 
made to delay proceeding in the mis s ion for a period of time . 
In this respect , the miss ion is open-ended and cons iderable 
flexibility exists . This  flexibility will be discus sed in 
detail throughout the sympos ium . 

It will be convenient , for purposes of overall mis s ion description ,  
t o  quickly go through the mis s ion plateaus and decision points . 
Following this gros s description , the operations for each plateau 
will be examined in greater detail . 

The end ·points of these  plateaus representing maj or "commit" 
points in the lunar landing mis s ion are characterized by 
propulsive maneuvers res ulting in maj or changes in the space
craft energy . These  commit points and mis s ion plateaus can 
both be represented schematically on a s ingle chart as shown 
in Figure 2 .  

Figure 2 illustrates the maj or maneuvers during the lunar 
landing mis s ion in terms of both delta V ( on the left ) and 
pounds of ·propellant ( on the right ) . These maneuvers repre
sent the "commit" points , and the space in between represents 
the plateaus . A pictorial representat ion of the mis s ion is 
illustrated in Figure 3, in which the Earth , the Moon , and 
their relative movement throughout the mis s ion are shown to 
scale in an earth centered coordinate system. The spacecraft ' s  
orbits about the earth and moon are ,  of c ourse , not to scale . 
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The first plateau, pre-launch, terminates at launch from the 
Complex 39 facility at Merritt Island. The launch to earth 
orbit is performed with the first two stages and a partial 
burn of the third stage of the Saturn V launch vehicle. As 
shown in Figure 2, the earth ascent phase represents the major 
expenditure of propellant for the lunar landing mission, approx
imately 5� million pounds of propel�ant has been expended to 
place the approximately 300,000 pound payload in earth orbit. 

Referring to Figure 3, the earth ascent phase is shown schemati
cally as it might be seen from some distant point in space looking 
down on the earth-moon plane. The moon's position at launch is 
shown in the lower right hand corner, and its daily movement, 
as as the mission continues, is shown at successive points. 

Following the ascent, the spacecraft reaches the second mission 
plateau, earth parking orbit. During each parking orbit, which 
can last up to 4� hours, spacecraft systems are checked out and 
made ready for the next major maneuver, translunar injection. 
As shown in Figure 2, translunar injection represents a consider
able change in s·pacecraft energy; the velocity is increased by 
some 10,000 ft/sec with a propellant expenditure of about 150,000 
lbs. from the second burn of the launch vehicle's third stage. 

Following translunar injection, the spacecraft is on the next 
plateau, translunar coast. An initial period of ground tracking 
is performed to confirm that the spacecraft is on a satisfactory 
trajectory, and following this confirmation, the transposition 
and docking operation is performed. This operation involves 
the Command and Service Modules (CSM) separating from the rest 
of the configuration, turning around and dockin� on the Lunar 
Module (LM), which is still attached to the S-IVB, and continuing 
the translunar coast. Sufficient separation velocity is applied 
by the Service Module Reaction Control System (RCS) to assure 
that there is no possibility of subsequent recontact with the 
S-IVB. 

The spacecraft continues to coast on the translunar leg of the 
trip for approximate 1y the next three days. 'I'11o or three mid
course corrections will be made by the Service Propulsion 
System (SPS) during the translunar coast phase to assure that 
the spacecraft arrives at the correct location for its next 
major burn, lunar orbit insertion. 

The lunar orbit insertion maneuver occurs bel1ind the moon after 
the spacecraft has passed out of line of sight to earth. The 
maneuver is performed with the SPS and requires approximately 



3500 ft/sec dalta V and 25,000 lbs. of propellant. If the 
lunar orbit insertion maneuver is not performed for some 
reason, then the spacecraft merely circumnavigates the moon 
and returns to safe earth entry conditions on the free return 
trajectory with no SPS engine burns required. 

The successful execution of the lunar orbit insertion maneuver, 
however, will have placed the spacecraft in a circular orbit 
about the moon at an 80 anutical mile altitude. This is the 
next plateau. After at least three revolutions in lunar orbit, 
the 1M is separated from the CSM and the two man crew begins 
their descent to the lunar surface, leaving a single crewman 
behind in the Command Module ( CM) . 

The initial deboost of the LM from its 80 nautical mile orbit 
is made behind the moon and is performed by a small impulse 
from the LM descent engine. Following a coast period of about 
one hour, during which the LM has slowly descended to 50,000 ft. 
altitude, the descent engine is again ignited and the main braking 
maneuver is initiated. From this point, the descent to the sur
face requires about 10 minutes, the latter portion of which is 
under manual control of the crew. As noted in Figure 2, the 
fuel expenditure for this maneuver has been over 15,000 lbs. , 
with an equivalent delta V of about 6500 ft/sec. 

Following the lunar landing, the crew will secure the LM, don 
their extravehicular life support equipment, and exit to the 
lunar surface. During the 18 hour lunar stay period, there 
will be two exploration periods of three hours each performed 
by both crewmen. The extravehicular activity will consist of 
sample collection, emplacement of the experiments package for 
long term operation, photography, and general geological obser
vation. Following the return from the last exploration period, 
the crew performs the pre-launch checkout of the LM systems and 
prepares for launch. At the proper time, with the CSM approxi
mately 10 degrees ahead of LM, the ascent engine is ignited, 
and the LM ascent stage lifts off from the moon, leaving the 
descent stage on the surface. Although the ascent trajectory 
involves several maneuvers from lift-off until rendezvous with 
the CSM is accomplished, the most significant of these is the 
main powered ascent which involves a continuous engine burn 
from the surface to burnout at 50,000 ft. altitude. From 
Figure 2, it may be seen that about 5000 lbs. of propellant is 
expended with an equivalent delta V of about 6000 ft/sec. The 
conclusion of the main ascent burn at 50,000 ft. is such that 
the LM is placed on a safe coasting trajectory which will not 
impact the moon, even if the subsequent rendezvous maneuvers 
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were not made for some reason. This leaves the LM in a relatively 
stable situation from which rescue by the CSM could be made, if 
necessary. However, the planned ascent phase continues with a 
series of small impulses provided by the LM RCS, and rendezvous 
occurs with the CSM about two hours after lift-off. 

After the LM has docked on the CSM, the LM crew is transferred 
to the CSM, along with the data and samples collected on the 
lunar surface. The LM is then jettisoned, and preparations are 
made for the next major maneuver, transearth injection is slightly 
less than for lunar orbit insertion, and the propellant expendi
ture for the SPS is considerably less, about 8000 lbs. since the 
s·pacecraft is considerably lighter. 

It is of interest to nate that up until the LM began its descent 
operations, a backup for transearth injection was available in 
the LM descent engine. This is considered a particularly useful 
capability, since it allows one to guard against an SPS failure 
during its first major burn for lunar orbit insertion. For this 
reason, then, the propellant requirement for transearth injection 
is also shown in terms of what would be required from the LM 
descent propulsion system, approximately 14, 000 lbs. 

Following the transearth injection, the spacecraft is on a plateau 
much like the outgoing leg of the trajectory to the moon. It is 
targeted to arrive at safe entry conditions at the proper time to 
allow it to reach its primary recovery area in the Pacific Ocean. 
Small midcourse corrections during the transearth coast assure 
that these conditions are reached. Shortly before arrival at 
the entry point, the Service Module is jettisoned, and the CM 
is oriented for entry. Entry range varies between 1500 and 2500 
nautical miles and is controlled by rolling the CM during the 
entry phase. At 25, 000 ft. altitude, the drogue parachutes are 
deployed and followed a short time later by the main parachutes 
which slow the CM to safe touchdown conditions. 

Recovery is soon effected, and with the CM and crew safe aboard 
ship, the mission is completed. 

Having completed this gross description of the total mission, it 
will be of interest to devote some attention to a few basic mission 
planning considerations before proceeding with the more detailed 
description of the mission. 
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PLANNING FOR LAUNCH ATTEMPTS, LUNAR LIGHTING AND SITE SELECTION 

This section will cons ider launch attempts at the earth , the 
light ing conditions for landing at the moon , and any intervening 
accumulators that could c ontribute to a balanced planning scheme 
for a first manned landing attempt . Cons ider first the question 
of launch attempts at the earth : very briefly , it is highly 
advantageous to allow at least 48 hours between each of 2 or 3 
scrubs . Certainly more than one 2� hour launch window per month 
is required because of the reasonably high probab ility of scrub 
against a particular scheduled time , and the resulting impact on 
the following program. 

The causes of scrubs and holds c ould be due to launch vehicle , 
spacecraft , launch c omplex or MSFN systems problems , or pos s ibly 
weather .  

Probability of scrub has historically , and for good reason , 
increased markedly after the time it becomes neces sary to  recycle 
in the event of a scrub . 

Recycle t ime is controlled by "fix" t ime , holding limits , 
s ervic ing cycle , weather ,  launch and control team recycle and 
flight crew change time . It is interesting to  note here that 
although there are multiple shifts involved there are no com
·plete backup teams except in the case of the flight crew . 
H istorically ,  and again for good reason , recycle t imes are 
most frequently in excess of 24 hours and usually more l ike 
48 hours . 

The probability of a scrub against a particular s cheduled launch 
t ime is reasonably high: approximately l/3.  The probability 
of launch , therefore, increases markedly as multiple recycles 
are allowed: starting at about . 67 for no recycle , . 89 for one 
recycle , . 96 for two recycles , and . 99 for three recycles . 
S ince the recycle t ime is usually in the neighborhood of 48 
hours , then planning launch opportunit ies for consecutive days 
will not s ignficantly increase the probability of launch over 
that which considers only alternate days as opportunities . From 
these cons iderations , then , it is highly advantageous to provide 
some accumulator time in the system t o  permit at least two and 
poss ibly three recycles of at least 48 hours each (Figure 4). 

Before cons idering the implicat ions of this , another bas ic  
constraint will be examined ;  namely , the lighting requirements 
at the moon . Present understanding of the nature of the photo
metric funct ion at the moon , and more direct observation as well , 
leads to  the conclus ion that there probably exists a small range 
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of s un elevation angles where a flight crew's ability to s elec t  
an acceptable touchdown point i s  markedly improved over angles 
outs ide that range . Again , pres ent unders tanding of the nature 
of the lunar s urface leads to the c onclus ion that it is neces sary 
to provide a high capability in this area in order to enhance  
mis s ion suc c e s s  and crew safety . The first  lunar landing mis sion 
is now being planned for s un elevatio�s between 7° and 20° to 
take maximum advantage of the crew's vis ibility in the landing 
operat ion ( Figure 5). 
Since there i s  only a range of 13° in the planned sun elevat ion 
angle , and s ince sun elevat ion angle changes at the rate of 26° 
for a s ingle 48 hour recycle , 52° for two re cycle s,  and 78° for 
three recycles , then this obviously leads one to look at multiple 
landing s ites . 

S ome slight flexibility in launch to a single site c ould be 
realized if accumulators were used as built-in holds . That 
i s , plan to launch early after a suc c e s sful c ountdown , and 
wait at s ome point in the mis s ion for the planned landing 
s i te t o  catch up to the c orrect  lighting condition . For 
example , additional earth orbits and lunar orbits c ould be 
us ed as built-in holds at t'l.e rate of l/2° per hour (3/4° 
per earth orbit and l 0 per lunar orbit ) . S imilarly , trans-
lunar transit  time could be  used as  an  accumulator at  this 
s ame rate . Since there is  a limitation of only three earth 
orbits (from S-IVB consumables cons iderat ions ) , and s ince the 
free return trajectory requirement restric ts tran slunar trans it 
time to a narrow range , then about the only s ignificant flexi
bility item is in the number of lunar orbits prior to LM de s cent . 
However , to  make full use of this , one would s omet imes launch s o  
early that more than 70 hours i n  lunar orbit would b e  required 
to rec tify the lighting conditions at the landing s ite . Con
sumables and systems limitat ions would then bec ome a problem. 

Therefore , the multiple landing philosophy bec omes an inherent 
feature in lunar mi s sion planning . 

Apollo miss ion ·planning personnel have , of course, been involved 
in Lunar Orbiter and Surveyor s ite s election . The s ites shown 
on Figure 6 are from the Orbiter A and Orbiter B mis sions as 
planned to  be flown later this year . The s e  particular sites 
have been identified at this point in time as mo0t probable to 
contain acceptable touchdown points in a large dispers ion ellips e 
and radar approach terrain . 
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Considering now the question of spacecraft performance, F igure 7 
shows the dates in 1968 when certain of these sites can be 
ach ieved with the 7° to 20° sun elevation. In generating the 
performance scan , a 95 , 000-pound spacecraft was assumed loaded 
with 37 , 500 pounds of SPS propellant of which 1% was reta ined 
for reserve. 

It is apparent that changing the magnitude of sun elevation 
would shift the days that a particular site could be reached. 
Increas ing the range of sun elevation would increase opportun
it ies and decreasing the range of sun elevation would obviously 
decrease opportunit ies. 

Figure 7 (for Pac ific inject ions ) and Figure 8 (for Atlantic 
injections ) show that availability of a considerable number of 
potent ial sites generally clustered in three groups wh ich are 
separated in longitude such that a 48-hour recycle back at 
earth launch could be accommodated as planning is shifted 
westerly from one group to the next. 

It is apparent from Figures 7 and 8 that Pac ific injections (with daylight launches ) are available during most of the year. 
During the latter part of the year , Atlantic inject ions would 
probably be used , and night launches would be necessary. 

The distribut ions for 1967 and 1969 are not markedly different 
from 1968 . F igures 9 and 10 illustrate the landing site 
accessibility for 1969. 

F igures ll and 12 illustrate this mission planning concept for 
typical launch dates in 1968 and 1969 to three of the candidate 
sites. These figures show how.the earth , moon , and sun cooperate 
t o  give a reasonable mission concept allowing two 48-hour recycle 
times at the launch ·pad and near optimum lighting at the moon. 
The precise target ing points would not have to  be determined 
unt il about 6 months before the mission. 

Data for site selection starts with earth-based photography , 
radar, IR , and other observations , which , at this point in time , 
have lead to  the selection of a relatively large number of 
contender sites for Apollo landing. This number will decrease 
as Orbiter and Surveyor data lead to conclusions as to which 
are the better sites in the three groups. By 6 months before 
the mission it would be highly desirable to have narrowed these 
s ites down t o  one in the east , one in the central portion ,  and 
one in the west. 
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The s cientific object ives  of at least the early miss ion have 
been developed s o  that they may be achieved virtually independent 
of the s ite location. 

Having es tablished thes e  bas ic  mis s ion cons iderat ions  of launch 
opportunities , lunar light ing , and s i te s elect ion , we will now 
return to the mis sion its elf and examine it in more detail . 
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DETAILED MISSION DESCRIPTION 

Figure 13 illustrates the orientation of the space vehicle on 
the launch pad. The s·pacecraft 's -Z axis (direction of crew's 
heads), and the launch vehicle's Position I are pointing east. 
In the event of a pad abort at this point, the orientation is 
such that the trajectory of the launch escape vehicle would 
take the Command Module over the water. 

The inner gimbal of both the spacecraft's and launch vehicle's 
Inertial Measurement Unit (IMU) are aligned normal to the 
upcoming orbit plane. 

EARTH ASCENT 

Lift off occurs after a 6-second hold down period following 
engine ignition (Figures 14 and 15) . During this time, the 
thrust of the first stage, which is fowered by five F-l engines, 
has built up to its rated value of 72 million pounds. The 
thrust-to-weight ratio of the vehicle at this ·point is 1. 25 , 
so its initial ascent acceleration is relatively small. 

The space vehicle rises vertically from the launch pad until 
the mobile launcher is cleared. It then performs a roll maneuver 
to align the launch vehicle Position I along the desired launch 
azimuth, which can vary between 72° and 108° . The orientation 
on the pad was such that Position I was pointing east. 

Following the vertical rise ·period, which lasts 12 seconds, a 
programmed pitch is commanded which will continue throughout 
the first stage burn. Maximum dynamic pressure (700 psf) is 
reached at about 84 seconds at an altitude of 43 , 000 feet. 
The inboard engine cutoff of the first stage will occur about 
155 seconds after liftoff and will be followed by the outboard 
engines' cutoff four seconds later. During this first stage 
operation, the spacecraft will have attained an altitude of 
about 200 , 000 feet and will be about 65 nautical miles down 
range. Maximum acceleration will have occurred at this point 
and amounts to about 4! g's. Tracking and communications will 
have been continuous during this period with the ground-based 
facilities in the Cape area and with the facilities at Grand 
Bahama during the latter portion of the burn. 

Since the launch vehicle operations during this ·period are 
automatic, the crew has been functioning in mainly a capacity 
of monitoring launch events and communicating the occurence 
of these events to the ground. Critical spacecraft systems 
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are being checked and abort readiness maintained. An Emergency 
Detection System is provided onboard for sensing various mal
functions of the launch vehicle and displaying this information 
to the crew, who can then initiate an abort, if necessary. 
Automatic abort capability is maintained to nearly the end of 
first stage operations to allow for extremely time critical 
situations. 

Following cutoff of the outboard engines of the first stage, 
thrust decay to lo% occurs in about one-half second, at which 
time the second stage ullage rockets and first stage retro
rockets are fired, and S-IC/S-II separation occurs (Figure 16). 

The S-II stage is powered by five J-2 engines, each having 
200,000 pounds of thrust. Thrust buildup to the rated value 
occurs rapidly and at 163 seconds after liftoff, the second 
stage has reached full thrust. 

At this point, the switchover is made from the programmed-pitch 
guidance scheme, used during first stage operations, to a path
adaptive scheme used during second and third stage operations. 
All guidance equipment for the launch vehicle is contained in 
the Instrument Unit located between the S-IVB stage and the 
spacecraft adapter. As stated previously, all guidance opera
tions during ascent are performed automatically by the launch 
vehicle. However, from this point on in the ascent, the capa
bility exists onboard the spacecraft to take over the guidance 
function in the event of a failure of the launch vehicle inertial 
platform. 

Approximately 2 5  seconds after S-II ignition, the S-IC/S-II 
forward interstage is jettisoned, and this is followed by the 
Launch Escape System jettison five seconds later (Figure 17). 
Up until this point, the Launch Escape System has been the 
means of safely removing the CM and crew away from a malfunc
tioning vehicle in the event an abort was necessary. The high 
thrust and acceleration capability of the Latmch Escape System 
motors was required to accomplish a safe abort during the 
atmospheric portion of the flight. At this point in the mission, 
however, the Service Propulsion System has the capability to 
abort the s·pacecraft off the launch vehicle, so the LES is 
jettisoned. 

The Boost Protective Cover is attached to the LES and is 
jettisoned at the same time. The BPC is a semi-soft fiber
glass construction, and its function has been to absorb the 
CM aerodynamic heating during boost and to provide a protective 
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shield to maintain a satisfactory thermal control surface during 
the rest of the mission back to entry. The actual jettison opera
tion of the LES, however, produces another thermal problem. The 
exhaust products of the solid jettison motors will impinge on the 
clean surfaces of the CM and SM and degrade the thermal performance 
to same extent. The complete nature of this problem is currently 
being investigated in ground tests and will be investigated in the 
early development flights. A later paper in the Symposium will 
discuss this in detail. 

The second stage burn continues for a total duration of about 375 
seconds, a little more than 6 minutes. At this point, orbital 
altitude of 100 nautical miles has essentially been reached but 
the spacecraft is still short of orbital velocity by about 3000 
ft/sec. (Inertial velocity is about 22, 650 ft/sec. ) The vehicle 
is almost 900 nautical miles down range from Cape Kennedy. The 
tracking stations at the Cape are out of range by this time but 
other stations at Grand Turk or Bermuda have picked up the space 
vehicle, so that communications have been uninterrupted. 

Following shutdown of the five J-2 engines on the S-II stage, 
S-II/S-IVB separation occurs, and third stage operations being ( Figure 18 ) .  The separation sequence is similar to the one 
described for S-IC/S-II stage separation -- the S-II retro-rockets 
and S-IVB ullage rockets fire and pyrotechnic devices separate 
the stage. The problem mentioned previously of thermal cotaing 
degradation from the LES jettison motors is similar to one which 
occurs during 8-II/S-IVB separation in that the 8-II retro-rocket 
gases impinge on the Service Module thereby degrading its thermal 
coating. As mentioned previously, this problem is currently under 
investigation. 

The S-IVB burn during the boost phase lasts for about 2� minutes 
and imparts some 3000 ft/sec to the spacecraft velocity--boosting 
it up to the orbital velocity of about 25, 600 ft/sec. Thrust of 
the S-IVB stage is about 200, 000 pounds--produced by the single 
J-2 engine. At the conclusion of the S-IVB burn, the spacecraft 
is at 100 nautical miles altitude and has traveled another 600 
nautical miles downrange for a total distance during the boost 
phase of almost 1500 nautical miles. The total ascent has taken 
about ll� minutes (Figure 19 ) .  

During this third stage burn, communication with the land-based 
stations has been lost, but the spacecraft has been acquired by 
the insertion ship which has been specifically located to fill in 
this gap and to provide a period of tracking immediately after 
insertion for the purposes of confirming a safe orbit, and issuing 
the decision to continue the mission. The insertion ship coverage 
is shown in Figure 20. 
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EARTH PARKING ORBIT 

Following this confirmation of a good orbit, the spacecraft is on 
the second mission plateau which was discussed earlier ( Figure 21). 
The capability exists to spend up to three complete revolutions in 
the earth parking orbit, but normally the plan will be to execute 
the next commit point, translunar injection. during the second 
revolution. The limitation of three revolutions is associated with 
considerations of S-IV consumables limitations. A later paper in 
the Symposium by M. P. Frank will discuss the geometry of trans
lunar injection opportunities will occur every day over both the 
Atlantic area and the Pacific area, but one of these will be pre

ferred from a performance standpoint. In addition, it is not planned 
to have support aircraft covering both areas simultaneously. There
fore, having planned the mission for a specific period during a 
specific month, and have launched at a specific time of day, then 
the mission is committed to either a Pacific or Atlantic injection. 
For reference purposes, the Pacific injection will be considered 
as the appropriate windown, and for the reference mission, it will 
occur over the Western Pacific Ocean, near the equator. The only 
parameter left to choose is which of the three opportunities during 

the three revolutions translunar injection will occur. The answer 
to this question is dependent upon how extensive a set of operations 
is planned during earth parking orbit. These operations will be 
discussed below. Figure 22 shows the ground track and station 
coverage for the typical reference missions; it will be useful to 
refer to this figure during the discussion of earth orbit operations. 

Immediately after S-IVB cutoff at earth orbit insertion, the launch 
vehicle propellant tanks are vented of hydrogen and oxygen gases 
to relieve the pressure buildup. Venting is performed at this time 
in order to prevent unpredictable vents from interferring with 
sensitive attitude operations later on. The venting sequence is 
preceded by ullage rocket firing to assure propellant settling sc 
that only vapors are vented. After settling the propellant, the 
oxygen tanks are vented for about 15 seconds. Hydrogen venting will 
be done continuously throughout earth orbit, along the spacecraft's 
thrust axis; however, the propulsive force of the hydrogen venting 
is extremely low and, therefore, would not interfere with other 

operations during earth orbit. 

Following earth orbit insertion the crew remains in their couches 
until the Manned Spaceflight Network (MSFN ) has verified that the 
spacecraft is in a safe orbit. This confirmation is provided after 
about three minutes of tracking by the insertion ship in the Atlantic. 
At this time a sate vector update is provided by the ground which 
the crew inserts into the onboard computer. 

Following a brief onboard checkout of spacecraft systems, the 
navigator will leave the center couch and go the lower equipment 
bay of the Command Module and prepare for the first operation--
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the alignment of the CM inertial Platform. This is done both as 
checkout of the IMU and its associated equipment and to establish 
a precise onboard inertial reference as a backup to the inertial 
reference in the S-IVB Instrument Unit. 

The spacecraft attitude at this point is such that the longitudinal 
axis is in the local horizontal and pointed in the direction of 
flight. This local horizontal mode is maintained automatically 
throughout the earth orbit phase by a constant pitch rate equal 
to the orbital rate of .067 deg/sec. The S-IVB control system 
provides this mode and maintains it within a one-degree deadband. 
This orientation in the local horizontal mode assures communication 
coverage of the spacecraft and launch vehicle antennas when passing 
over a ground station. 

The crew takes over manual control of the vehicle attitude through 
the S-IVB control system during spacecraft operations requiring 
specific attitudes. This is the case during the IMU alignment 
mentioned earlier. Depending on the time of day that launch 
occurred, the sun location may interfere with the optics line of 
sight during the JMU alignment. A roll maneuver would then need 
to be performed by the CM crewman before beginning the alignment. 
Following the alignment, the crew would return the vehicle to the 
original roll orientation with the -Z axis of the spacecraft point
ing down the local vertical. 

Because of the relatively high inertias of the vehicle, these maneu
vers must be performed at relatively slow rates to conserve S-IVB 
RCS propellant. Present rates are set at .3°/sec. in pitch and 
yaw, and .6°/sec. in roll. For the IMU alignment operation, then 
to roll 60°, say, to avoid the sun will require 2 minutes; allowing 
10 minutes for alignment, and another 2 minutes to roll back for a 
total of 14 minutes. This figure, together with the time required 
to get set up for the operation, means that some 40 minutes have 
elapsed since liftoff before this operation is completed. The space
craft's position at this point would be over the Indian Ocean. 

Meanwhile, the other systems checkout are being conducted by the 
other two crew members. Data transmission and voice communication 
are being maintained over every ground station. In between the 
stations, data is being recorded onboard for playback when over a 
station. Tracking periods by ground-based S-band stations (subse
quent to the initial insertion ship tracking ) will have been provided 
by the Canary Island station for the case of northerly launch azimuths 
and by Ascension for the southerly azimuths. For the range of around 
90° azimuth, tracking by a ground-based station will not be avail
able until the pass over Australia; however, a ship in the Indian 
Ocean will be stationed to provide coverage before this time. These 
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tracking periods by MSFN will provide a precise determination of 
the spacecraft's orbit and the translunar injection parameters 
to be inserted into the Command Module computer, which will back 
up the launch vehicle guidance system for translunar injection. 

The actual commit point for translunar injection must occur at 
least 7 minutes before S-IVB ignition, since this is the period 
required for the S-IVB restart sequence. This sequence initiation 
may be inhibited by the crew if it is· decided to delay injection 
until the next orbit, but once the sequence is started on a given 
orbit it is not possible to delay injection to the next orbit. 
The sequence can, of course, be terminated at any time, but the 
limitations on S-IVB consumables ( associated with the chill-down 
and with the ullage propellants ) do not allow a second opportunity. 

These considerations of tracking, spacecraft checkout, IMU align
ment, and data transmission and analysis would, therefore, make 
it unlikely that translunar injection would be able to occur on 
the first Pacific opportunity when this injection point lies over 
the Western Pacific. It may be practical, however, to make the 
first Pacific opportunity when the injection points are in the 
eastern part of the Pacific. This is being looked into at the 
present time and there appears to be no strong reasons why it 
could not be accomplished. The advantage to planning the mission 
to inject as early as possible would be to allow maximum time (within the 4�-hour limitation for the S-IVB ) to correct a tem
porary malfunction of either the onboard systems or the gound 
systems. 

For purposes of the reference mission description, however, it 
will be assumed that injection will occur on the second Pacific 
opportunity, so the spacecraft continues on in earth orbit passing 
over the Pacific Ocean ship, over the Hawaii station, and finally 
coming up on the West Coast of the United States. Across the 
United States, the tracking is continuous by stations at Goldstone, 
Guaymas, Corpus Christi, and Cape Kennedy. 

Since injection is not taking place during the first orbit, then 
time will be available to perform a series of landmark sighting 
in earth orbit to test the ability to perform the same type of 
navigation to be used in lunar orbit. These are not necessary to 
earth orbit determination since this has all been done by the 
ground; however, if time, lighting, and cloud cover permit, then 
a few sightings may be taken as a further checkout of our onboard 
system. To perform the sightings, it will be necessary to roll 
the spacecraft 180 degrees from the standard attitude, so that the 
optics axis is pointing toward the earth. Following the sightings, 
t he spacecraft is rolled back to its normal attitude. 
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Voice communications , data transmission, and tracking cont inue 
during the second orbit . Another IMU alignment is performed 15 
minutes before the planned injection time ,  the "go" decision is 
given by the ground, the crew secures the spacecraft ,  the S-IVB 
restart sequence begins , ullage rockets are fired, and the veh icle 
is ready for translunar inject ion (Figure 3 ) .  

TRANSLUNAR INJECTION 

During the approximately 5� minutes of S- IVB burn for translunar 
injection, the spacecraft velocity will increase by more than 
10, 000 ft/sec . Altitude will increase to about 160 nautical miles 
and about 50° to 60° of longitude will be transversed .  

Tracking by ground based stations during translunar injection will 
be available on many missions, but due to the large envelope of 
translunar injection points , tracking, even with a limited number 
of ships ,  will not always be possible . In any case, however, the 
spacecraft will be acquired and tracked by a MSFN station within 
no more than 7 or 8 minutes after translunar inject ion . However, 
voice communications and data transmission will be maintained 
during the inject ion phase by means of relay aircraft . 

Having completed translunar inject ion, the spacecraft is now on 
the next plateau, translunar coast ( Figure 24 ) .  

TRANSLUNAR COAST 

The translunar injection maneuver was configured such as to place 
the spacecraft on a c ircumlunar coast trajectory which c ircumnavi
gates the moon and returns to a safe entry condition back at earth 
with no major intervening maneuvers required . This is called a 
"free return" trajectory and will be discussed in more detail in 
a later paper by M .  P .  Frank .  

Imme1iately after injection the hydrogen and oxygen tanks on the 
S- IVB will be vented to a low pressure to assure that uncontrolled 
venting will not occur during the c ritical attitude operations for 
the next two hour period . 

Following a quick systems status check after the end of injection, 
the first operation will be for the c rew to reorient the vehicle 
in a direction favorable for docking illumination while at the same 
time maintaining communications with earth during the next two 
hour period . One additional constraint is that the maneuver se
quences for this reorientation must avoid yawing the vehicle more 
than :45° so as not to result in gimbal lock for the S-IVB inertial 
platform . 
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For the sun position in the 7°  - 20° range at lunar landing, the 
transpositi on and docking operations will be i n  daylight , as shown 
in Figure 25 . The reorientation maneuve r wi l l  be such that the 
sun is inc ident on the LM docking tunnel for best vis ibility . The 
maneuver then is such that the vehic le is pitched through about 
.So degrees .  At this point , both the spacecraft and launch vehicle 
are communicating over their S-band omni antennas which , in fact, 
have a 30° to 40° null zone in both fron and back. In a short time , 
however (about 15 minutes after inject ion ) , S- IVB communicat ions 
will be switched automatically from the omni antennas to directional 
antennas ; this switchover to the directional antenna must be taken 
into consideration in the selection of the reorientation maneuver .  
Therefore , following the 60° pitch , there must be approximately a 180° roll maneuver to place the launch vehicle direct ional antenna 
in the proper position for transmission when the switchover is 
made . Actually, the pitch and roll maneuver will be done simulta
neously, subject to the gimbal lock considerations . As discussed 
in the earth orbit phase, these maneuvers are performed at low 
rates in order not to require an excessive amount of S-IVB RCS 
propellant . 

During this period of reorientat ion the earth will have acquired 
the vehicle and tracking will have been continuous except for a 
brief period during the u0° pitch maneuver when the omni antenna 
null zone swept through the ground station .  A tracking period 
of about 10 minutes will be required for the ground to accurately 
determine the vehicle ' s  orbit , and to provide a "go" dec ision for 
transposition and docking to proceed . 

Having rece ived the decision to proceed with transposition and 
docking, the Command and Service Modules separate from the S- IVB/LM 
combination using the SM RCS System . This separat ion severs the 
hardline control interface between the c rew and the S- IVB; any further 
maneuvers of the S- IVB will need to come from the ground command. 
However, the orientation selected before separation was one which 
will not require any adjustments - at least for the first hour, 
during which transposition and docking will normally be completed . 
Present plans are to place the vehicle in an inert ial attitude hold 
mode before separation, oriented so that the launch vehicle direc
tional antenna continues to see the ground stat ion as the spacecraft 
trajectory sweeps through about 45 degrees of central angle during 
the next 45 minutes . During this period the S- IVB directional 
antenna has been switched to its narrow beam, but communications 
are maintained .  During the second hour of the transposition and 
docking phase, which is provided for contingenc ies ,  it may be nec
essary to reorient the S-IVB (from the ground ) to maintain communi
cations with the launch vehicle . 
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Returning to the transposition and docking sequence, Figure 26 
illustrates the separation of the CSM from the S- IVB-LM. The 
adapter panels are deployed as part of the separation sequence 
and are held at a 45° angle with respect to the longitudinal 
axis . This is sufficient to clear the LM and allow a clean ex
traction maneuver . If the petals are folded back completely, 
then they shroud the S- IVB antennas located around the periphery 
of the Instrument Unit . 

The Service Module RCS is used to translate some 100 feet away 
from the S-IVB. At this point , the translation is stopped and 
the CSM is rolled to the proper indexing for docking and then 
pitched 180° so that it is pointing back at the LM (Figure 27) . 
The roll-pitch secuence rather than a pitch- roll sequence is 
used to avoid pla�ing the spacecraft omni antenna null zone at 
the MSFN station during the 180° pitch maneuver .  In the case 
of the spacecraft , yaw maneuvers must be restricted to less  than 
�70° to avoid gimbal lock .  Unlike maneuvers during the rest of 
the mission, the turnaround is done at the rapid rate of 5 degrees 
per second in order to reduce the time requi red for transposition 
and docking; and, in particular, to minimuze the time the crew 
is out of line of sight of the launch vehicle in the separated 
condition . 

Having turned around, the crew will now deploy the spacecraft 
high gain steerable antenna and orient it to earth before closing 
on the LM for docking . This is  required because the spacecraft 
omni antennas will be blanketed by the adapter petals once the 
CSM gets in close to the LM for docking; therefore , communications 
with the ground will have to be maintained us ing the high-gain 
antenna . 

The docking operation continues under the manual control of the 
spacecraft crew as the final translation is made and the CSM 
slowly closes on the LM/S- IVB . Initial contact is made when the 
docking proble on the CM engages the drogue mounted on the LM; 
the docking mechanism pulls the two vehicles firmly together the 
final few inches , four latches automatically engage , and the initial 
soft docking is completed (Figure 28 ) . The next step will be to 
manually hook up the CM-LM umbilicals , and complete the latching 
operation by manually engaging 8 more latches . The functions of 
the umbilicals are twofold : first to supply the hardline connec
tion between the CM controls and the explosive ties which attach 
the LM to the adapter . These ties will be severed by crew command 
when they get ready to withdraw the LM. The other function of the 
umbilicals is to supply a small electrical power level to certain 
LM equipnent from the CSM power source during the translunar coast 
phase of the mission . The chief user of this power are small 
heaters in the LM IMU which needs to be maintained within narrow 
temperature limits at all times . This permits use of smaller 
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batteries in the LM than would otherwise be required, so the LM 
will remain inact ive for most of the translunar phase .  The 
operations during the docked period prior to separation will 
require about 20 minutes and will, of course,  necessitate one 
of the crewmen leaving his couch and moving to the area of the 
docking tunnel . There is less  inherent radiat ion protection from 
equipment and storage in the tunnel area for the crew; however, 
these operations do not require the crewman to be in this area 
for very long, and, further, this period coinc ides with the pas
sage between the inner and outer radiat ion belt s where the radiation 
level is lowest . Hence , there are no radiation constraints as a 
result of this operation . 

A schematic representat ion of the docking indexing is shown in 
Figure 29 . The CSM-LM axes are offset by 60 ° .  This allows the 
CM pilot to line up on the docking target located on the LM. 
Similarly, when docking in lunar oribt , this indexing will allow 
the LM pilot to see the docking target mounted in the CM right 
hand window. Also shown in the diagram is the CSM high gain 
antenna which , unless the pitch attitude is properly selected, will 
be shrouded by the adapter panels . The S- IVB high gain antenna 
is located in this same quadrant (along the - Z  axis of LM ) .  

After completion of hard docking , the LM attachment ties are severed, 
and the LM is extracted from the adapter using the SM RCS system 
to bake away (Figure 30 ) .  Approximately 3 ft/sec . separation 
veloc ity is applied by the RCS which is suffic iently high to vir
tually assure no problem of subsequent recontact with the S- IVB . 

It would be well here to point out a general characterist ic of 
the Apollo spacecraft - namely, its large radius of gyration in 
pitch and yaw, its small value in roll .  This being the lunar 
vehicle ,  it is not close coupled as Mercury and Gemini , except 
in roll . 

One deg/sec . rate costs ll lbs . in pitch and yaw and l lb . in 
roll (to start and stop ) . The 5 °/sec rate referred to earlier, 
then, cost about 50 lbs .  This is a large price to pay for that 
s imple maneuver, but experience indicates that long periods remote 
from the station-keeping target should be avoided .  It is  illustra
tive of the cost pe r  maneuver . This cost leads to pre-planned 
maneuvers to take advantage of the low inertia in roll and to 
think through each maneuver to minimize propellant consumption . 
This frugal use of RCS reactant is mandatory until the possible 
requirement for LM rescue in lunar orbit has passed . 
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At this point the spacecraft is about one hour past the translunar 
injection point at an altitude of about 9, 000 nautical miles . 
Inertial veloc ity has decreased to about 23 , 000 ft/sec . or about 
13, 000 ft/sec . less than at injection cutoff . The velocity will, 
of course ,  continue to decrease for most of the trip until the 
spacecraft nears the moon . 

The spacecraft is now being tracked by one of the three deep space 
stations with 85 ft . dishes (Madrid, Canberra, or Goldstone ) ,  and 
two of the unified S-band stations with 35 ft . dishes . Similar 
tracking coverage will be available throughout the rest of the 
mission back to entry, except for periods when the spacecraft is 
behind the moon . 

The first midcourse correct ion will be made in about two hours , 
after the spacecraft ' s  trajectory has been accurately determined 
by extensive ground tracking . During this period, the crew will 
make a series of star-landmark sightings to check out their space 
mode of navigation ,  whi ch is a backup to the ground navigation . 

The time of the first midcourse correction is not a critical event . 
Delaying the correction will, of course, allow the initial 
injection errors to grow, so that a larger delta V will be required 
for the correct ion once it is made ; however, it is not extremely 
sensit ive in the range of 3 to 5 hours after injection . In some 
cases ,  it will even be preferred to wait ;  if the injection has 
been particularly good, the delta V required for the early correc
t ion may be so low that it could not be performed accurately with 
the 20,000 lbs . thrust SPS engine ( less than about 4 ft/sec . ) .  
Such small corrections could be made with the SM RCS engines but 
it would be preferred to conserve RCS propellant wherever possible , 
even at the expense of SPS propellant , where the reserves are 
considerably greater . 

The typical midcourse correct 1on, then, will be done with the 
SPS (Figure 31 ) about three hours after translunar injection, and 
will require a delta V of about 25 ft/sec . ,  based on analyses 
of expected injecti on accuracies . This corresponds to about 3 
seconds burn time by the SPS, and could occur in any direction . 

Following the midcourse correction, the spacecraft is set up 
for the long coast period ahead. Another correction is not 
expected to be required until the spacecraft nears the moon, 
about 2! days later . 

The first operation to be performed is to orient the spacecraft 
for passive thermal control . The object of passive thermal 
control is , of course, to insure that critical components in the 
spacecraft do not get too hot or too cold during the long 
coast period, as a result of either looking directly at the sun 
or directly away from the sun for long periods of time . For 
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example , the SM-RCS propellant valves are located adjacent t o  
the SM skin, and their temperature is relatively s ensitive to 
spacecraft or ientation ( even though they are insulated) . Heaters 
are provided for the valves to accommodate the unavoidable thermal 
c ycling exper ienced in lunar orbit , but the use of pas s ive thermal 
c ontrol dur ing the translunar and transearth coast phas es , allows 
cons ervat ion of ele ctri cal energy which would otherwi se be required 
for heater operat ion . More important , however, the use of pas s ive 
thermal control negat es the ne ces s ity for an act ive coolant loop 
to cool these s ame sens it ive component s .  

Pas s ive thermal c ontrol is usually referred to by the les s  
t e chni cal, but more des cript ive , term o f  "barbequing" . The 
orientation maneuver is made such that the spac ecraft longitu
d inal axis is placed perpendi cular to the vehicle - sun l ine 
( figure 32) . The orientat ion of the longitudinal axis about 
the sun vector is chosen to minimiz e the interference of the 
subsequent roll maneuver with high gain antenna coverage . After 
stabil iz ing the spacecraft in this or ientat ion , a slow rotat ional 
rate about the X- axis is established to achieve the des ired 
thermal cycling . 

As a result of small residual rates about all these axes when 
the space craft was " stabilized" , and as a result of other sour ces 
ot disturbances such as fuel slosh and steam vent ing , the vehi cle 
will begin slowly to pre cess about its angular momentum vector . 
CUrrent analys is indicate that a roll rate of about 2 . 5  revo
lut ions per hour wi ll be required in order to ma intain the space
craft YZ plans within 20° of the sun line , whi ch is the tolerance 
required t o  maintain effective thermal control . 

It is emphas ized that the thermal cycling operat ion can be inter
rupted for periods of up to three hour s ,  provided the s e  attitude 
hold periods are followed by an appropriate period of barbequing 
( 5  to 7 t imes the hold period) . In addit ion, the thermal design 
is such that a three hour period prior to lunar orb it ins ertion 
and prior to entry can be accommodated without the ne ces s ity of 
sub s equent thermal cycling . 

Following the establishment of the barbeque mod e ,  operat ions 
onboard the space craft w ill s ettle down to a rout ine for the 
next � days . Periodic s ys tems status checks will be performed 
by the crew, the spacecraft ' s  posit ion and veloc ity will continue 
to be monitored by the ground , and data will be transmitted 
cont inuously b� the sgacecraft . For the sun ' s  pos ition such as 
to give us a 7 to 20 elevation angle at lunar land ing , the 
pas s ive thermal control maneuver can usually be s et up such as 
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to provide cont inuous coverage of the ground stat i on with the 
high-gain antenna dur ing the trans lunar coast phase ( except for 
s ites west of about 20° W longitude ) . This will not be the case 
for the transearth coast phase, but the s ituat i on is not con
s idered to be a problem s ince the ground station (because of 
its higher radiat ive power) w ill always be able to contact the 
space craft over the omni antennas , and reque st that the roll 
maneuver be dis continued for a period, if continuous communi
cations were required for s ome reas on . 

A se cond mid course correct i on wi ll be made about one hour after 
enter ing the moon ' s  sphere of influenc e ,  several hours before 
reaching lunar orbit . It is exe cuted with the SPS in the s ame 
manner des cribed previ ously . 

Following another rest per iod ,  the crew begins a per i od of c on
s iderable activity whi ch will c ont inue for the next several hours 
through lunar landing and the f irst exploration per i od . These 
act ivit ies will be dis cus s ed in detail in a later paper by 
Mr .  Loftus , but the highlights will be mentioned here . 

About three hours before lunar orbit ins ertion, the LM will be 
che cked out . After pressur iz ing the LM, whi ch has leaked down 
during the long c oast per iod, one of the three crew members w ill 
transfer to the LM through the tunne l  and begin an act ivat i on 
and che ckout of the LM s ystems ( figure 33) . This i s  c ons idered 
des irable for two reas0ns : Fir s t ,  it provides the ground and 
the crew w ith the first knowledge s ince leaving the launch pad 
that the LM systems will indeed be able to funct i on properly for 
a lunar land ing . The dis covery of some system malfunction whi ch 
would preclude lunar land ing may be suffi c ient reason not to 
c ommit the mi s s ion to lunar orb it . 

The se cond reason for LM che ckout pri or to lunar orb it is to 
assure that the des cent propuls i on s ystem i s  available as a 
ready means of abort in the event of SPS failure dur ing lunar 
orbit insertion . S ince the abort mode us ing the des cent pro
puls ion system als o  requires the us e of the LM guidance and 
c ontrol s ystem, it w i ll be ne ces sary to act ivate, che ckout and 
align thi s s ystem als o .  Similarly, the Environmental Control 
and Ele ctr i c al Power Systems w i ll need to be act ivat ed . A 
second crewman will j oin the f irst when freedom from h i s  dut ies 
in the CM permits . 

Cont inuous ground tracking c onfirms that the spacecraft is 
indeed on the proper cour s e  and the dec is ion i s  mad e to pro c eed 
to lunar orbit insertion .  Th e  LM crew has returned t o  the CM 
by this t ime and the next operat i on is to ori ent for lunar orbit 
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insert i on and prepare the spacecraft for SPS thrust ing . A few 

minutes later , sunset o c cur s and s hortly t hereafter the spac e

craft passes out of earth l ine of s ight . Three or four minute s  

lat er , SPS ign it i on oc curs for lunar orb it ins ert ion ( figure 34) . 

LUNAR ORBIT INSERTION 

The space craft alt itude at this point is typ i cally 150 naut i cal 

mile s . Burn durat i on for t he lunar orb it ins ert i on is typi cally 

somewhat over s ix minut e s , for a delta V of 3200 ft/s e c . Corre s 

ponding SPS propellant for t h i s  maneuver i s  about 24 ,000 lbs . 

Dur ing the ins ert ion maneuver the sgacecraft has travelled 
through a central angle of about 20 , an� ends up in a c ir cular 
orbit of 8o naut i cal mile alt itude . During the insert ion , a 

plan change was executed to make the orbit inc l inat i on such that 

t he spacecraft orbit pas s e s  over the intended land ing s ite on 

the third revolut i on .  This s ituat i on allows an in-plane des cent 

with the LM on this t h ird pas s . 

LUNAR ORBIT COAST PRE - SEPARATION 

The space craft is now on another plateau, lunar orbit coast 
( figure 35) . The CSM and LM will remain in the attached con

dit ion in lunar orbit for the next 5� hours ( figure 36) . During 
this t ime , t hree pas ses over the front s id e  of t he moon will have 
been made , and the spacecraft will have been tracked by the earth 

on each pas s . Th is will have been more than suff i c i ent t o  

ac curately determine t h e  lunar orb it parame t ers . I n  order t o  
reduce t he uncertaint ies i n  the selenographi c  pos i t ion and 
alt itude of the land ing s it e ,  and t o  enhan ce conf iden c e ,  a 
s er ies of onboard landmark s ight ings in the v i c inity of the 
landing s ite will be made dur ing two of the s e  pas se s . Thi s  
point will be dis cussed i n  more detail i n  t h e  paper b y  Mr .  
Cheatham . 

Communi cat ions with earth and data transmi s s ion w i ll have been 

maintained on each pas s in front of t he moon . Dur ing periods 

when t he space craft is beh ind the moon, data is r e c orded on
board for subsequent playback when line of s ight is reacquired . 

Addit ional operati ons during this per iod will involve t he crew 

going back into the LM, and activat ing and che c k ing out t hose 

s ystems not che cked out before lunar orb it ins ert ion . After 

transferring c ertain equipment to be used on the lunar surface 

from t he CM to t he LM, t he LM platform i s  al igned , information 

in t he CM computer is transferred to the LM comput er , the hat ches 
are c los ed, and preparat ion i s  made for s eparat ion . 



C SM/LM SEPARATION 

Separat i on is per formed by the LM RCS s ystem ( 5  s e c onds burn) 
about 30 minutes pr ior to the actual t ime of LM transfer orbit 
ins ert ion . The s eparati on delta V is small , about l ft/sec . ,  
s o  that the two veh i c le s  drift apart very gradually ( figure 37) . 
When the veh i cle s  are about 6o feet apart , the LM will pit ch up 
to an att itude which allows the CM crewman vi sually t o  inspe ct ( with the sextant ) the external port i on of the LM including the 
land ing gear and probes . 

A few minut es later the vehicles are far enough apart t o  perform 
a checkout of the LM rendezvous radar and CSM transponder . Als o, 
dur ing this separated per i od ,  the LM platform is fine aligned, 
the controls and displays are che c ked out in t he LM- alone con
figur at ion, and preparat ions are made for transfer orbit in
s ert ion . 

Before the LM pas sed out of l ine of s i ght of earth, data tran s 
mi s s ion and voi c e  c ommun i cat ions had been maintained d irectly 
us ing the LM S-band high gain antenna . Aft er los ing line of 
s ight , the LM data will be transmitted to the C SM where it i s  
recorded for subsequent playbac k .  Thi s  w i l l  b e  the s ituat ion 
dur ing all phas es when t he LM i s  behind the moon, s ince it 
carries no onboard data recorder of its own . 

The separat ion maneuver was made in such a direction as to place 
the LM ahead and below the C SM throughout the 30 minutes c oast 
per iod to the transfer orbit ins ertion point . This type of 
separat i on maneuver avoids the pos s ib ility of jet impingement 
or c ollis i on dur ing the transfer burn by increas ing the LM/CSM 
range ( for a small delta V) as · compared to the forward or rear
ward separat ion method s . Another advantage is that it provides 
c lear VHF commun i cat ions between CSM and LM dur ing the coast 
and during the transfer maneuver . The two vehi cles are about 
one - quarter mile apart at the t ime of transfer orb it insert i on .  

TRANSFER ORBIT INSERTION 

Prior to the engine burn, propellant settling is provided by 
a five second RC S firing of the four X- ax i s  thrusters . 

The ins ert i on maneuver takes place behind the moon about 200° 
central angle from the landing s it e  ( figure 38) . De s cent engine 
thrust i s  maintained at 30% for the f irst three s e c onds and is 
then reduced to 10% for the next 23 s e conds and i s  then increased 
to 92 . 5% thrust ( 9700 lbs . ) for the f inal s ix s e c ond s of bur n .  
The period at low thrust i s  required due to the pos s ib i lity that 
the veh i cle ' s  center of gravity deviates from it s nominal locat i on 
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and that the engine thrust vector is not acting t hrough the e . g . 
Since the engine gimbals are used for trim control only and are 
relatively slow , the engine thrust is reduced to insure that the 
moment control of the RCS is not exceeded dm· the initial travel . 
The high thrust at the end of the burn allows a check to be made 
on the engine through its full throttling range . 

The fuel expended during the insertion maneuver i s  about 330 
lbs . ,  and the corresponding delta V is slightly less than 100 
ft/se c .  

COASTING DESCENT 

The spacecraft is now on the next plateau, des cent coast ( figure 
39) . At this point , the LM is on a sh1wly descending trajectory 
which will continue for about the next hour until it reaches its 
pericynthion altitude of 50 , 000 ft . During this period ,  the LM 
will track the CSM with its Rendezvous Radar and determine its 
descent trajectory onboard . Similarly, the CM can track the LM 
flashing light with its sextant and perform an independent deter
mination of the LM orbit . Finally, when the LM comes within line 
of s ight of earth, then the ground station will track the vehicle 
and provide the LM with the final source of navigation data . As 
in all operations discussed up to this point , the ground based 
navigation is the primary source of data . 

If the decision is made not to initiate powered descent', the LM 
is in a safe orbit from which it could subsequently rendezvous 
with the CSM, or if necessary, the CSM could perform a rescue . 
Having decided to continue descent , however, another IMU align
ment will be made and preparations for powered des cent begin . 
Up to this point in the coasting descent , the LM has been leading 
the CSM .  At pericynthion, this lead angle is about 10 degrees . 
From this point on, however, once the LM begins powered descent , 
the CSM will catch up and finally go ahead of the LM during the 
latter part of the landing maneuver . 

POWERED DESCENT 

At the 50 , 000 ft . pericynthion altitude, a propellant settling 
maneuver is performed with a 5-second RCS firing,  followed by 
descent engine ignition . The thrust profile is the same as 
before with a 3-second burn at 30� thrust, followed by a 28-second 
period at 10� thrust, and then increased to 9� thrust ( 9700 lbs . ) .  
The powered descent phase will be discussed in detail in a later 
presentation by Mr .  Cheatham, so only the gross profile will be 
described here . 

The powered descent is divided into three distinct portions , 
called the braking phase ,  the final approach phase ,  and the 
landing phas e .  

36 



Phase I ,  the braking phase is designed primarily for efficient 
reduction of the orbital velocity and is therefore performed 
at maximum thrust with near horizontal flight path angles 
( figure 40 ) . It is the longest of the three phases - lasting 
almost 8 minutes while covering almost 2 50 mile s ,  down to an 
altitude of about 86oo feet . 

Phase II ,  the final approach phase , begins at the 86oo ft . point , 
called "high gate" ) about 8 nautical miles range from the landing 
site . It begins with a pitch maneuver which brings the horizon 
and the landing site into the pilot ' s view for the first time 
( figure 41) . The purpose of this  phase is to provide the crew 
time to assess  the trajectory as the LM approaches the surface ,  
to provide the crew the opportunity to assess the landing area, 
and to allow for pilot takeover of the control tasks if required . 
The throttle is reduced back to 60% thrust during this  phase . 
Duration of this phase is somewhat le ss than l� minutes .  
Forward velocity is reduced from about 450 ft/sec . at the beginning 
to about 50 ft/sec at the end . Altitude is 500 ft . at the end 
of the final approach and the range to the landing site is 
about 1200 ft . 

Phase III , the landing phase , is designed specifically for pilot 
control and provides the capability for making a detailed 
assessment of the landing site . The vehicle is pitched back to 
a near vertical attitude , the thrust is reduced , vertical and 
horizontal velocitie s are rErlucErl, and a vertical descent is 
made from the last 100 ft . altitude ( figures 42 and 43 ) . 
Duration of this  phase is nominally about 75 seconds , but the 
capability exists to extend it longer if more landing site 
assessment time or small redesignations are required . 

Fuel used during the entire powered descent is  around 16 ,000 lbs . 
corresponding to a delta V of about 6600 ft/sec . 

LUNAR SURFACE STAY 

At this point , the spacecraft i s  on the next plateau , lunar 
stay ( figure 44 ) . Following an assessment of the vehicle situation 
to determine if there is a necessit� for an early abort , the 
postlanding checkout is begun . The descent engine is  disarmed 
and the de scent propellant tanks are vented . The IMU is aligned 
and placed on standby operation . Systems not required during 
the lunar surface stay are shut down . 

Following a period of coordination with the ground , a thorough 
check out of the Extravehicular Mobility Unit is performed, 
an EMU i s  donned b y  each crewman and preparations are made for 
egress . Life support is  switched to the Portable Life Support 
System, the cabin is depressurized , and the forward hatch opened . 
This occurs about l- 3/4 hours after landing . 
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The lunar surface stay time on the first mission is planned 
for approximately 18 hours ( figure 45) . During this  time , 
two 3-hour exploration periods are provided for each astro
naut to be done simultaneously - for a total of 12 manhours 
of lunar surface activity. The scientific objectives and 
activities will be the subject of a leter paper ,  but the 
general activities will be described here . 

The initial portion of the first exploration will be oc 
cupied with a general external inspection of the vehicle . 
Measurements will be made of the landing gear stroke , 
depression made b :- the pads , any evidence of sliding will 
be noted , etc . ,  for the kind of engineering measurements 
that might be helpful for future landings . This will re 
quire about � hour. During this time , 'the second astronaut 
has stationed himself on the forward boarding platform and 
is making a detailed description and photographic record 
of the lunar terrain from his vantage point . Both astro
nauts are in voice contact with the ground during this 
period . 

The next step will involve unloading equipment ,  including 
the Lunar Surface Experiments Package from the descent stage 
storage bay. The lunar surface erectable high gain antenna 
will be set up so that continued data transmission from the 
1M can take place at a lower power .  Television pictures can 
be transmitted during this exploration as time permits .  

In keeping with the stated scientific priorities ,  the first 
scientific task will be to gather lunar samples . One of the 
two specimen return containers will be filled during this first 
exploration , and stored in the 1M cabin at the end . This 
insures that at least part of the scientific objectives 
will be met in the event some malfunction prEvented a second 
exploration period . 

If time permits ,  and if the work load has not been excessive , 
then one of the astronauts can begin the LSEP deployment , 
while the other collects lunar samples in the same vicinity. 
The actual LSEP deployment will be discussed in a later paper 
by Mr . Vale . 

At the end of the first exploration the two c rewmen TP.turn 
to the LM, pressurize the cabin and remove the EMU . One 
of the PLSS units is  put on recharge while the crew has a 
meal , and the other i s  recharging during the 6 hour sleep 
period which follows . 
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Following the 6 hour sleep period , the crew will have another  
meal , check and don the EMU ,  and prepare for the second ex
ploration period. During the second exploration , the LSEP 
will be deployed , and a more selective collection of lunar 
samples will be mad e ,  filling the second specimen return 
container .  The astronauts will be able to range somewhat 
further from the landing site on this exploration . 

During the period that the LM is on the lunar surface , the 
astronaut in the CM performs periodic systems checks of the 
CSM systems , and maintains communications directly with 
earth and indirectly with LM over the earth relay link . 

Returning to the LM, following the last exploration period , 
the prelaunch checkout is conducted wherein all systems are 
activated , checked out , and prepared for launch . The 
Rende zvous Radar will have been checked by tracking the 
CSM on its previous pass over the landing site prior to 
launch . 

LUNAR ASCENT 

Ascent engine ignition will occur at the beginning of the 5i minute launch window when the CSM leads the LM by about 
9 degrees ( figure 46) . The ascent engine prop�llant tanks 
are pressurized , propellant valves are opened , and the 
structu�l ties  and umbilical between the descent and 
ascent stage are severed by explosive charges . 

Following a 12 second vertical rise period , the guidance 
system commands the LM attitude to an optimum profile de
signed to boost the vehicle to orbital velocity. The ascent 
engine has a fixed thrust of 3500 lbs . ,  and is non-gimballed , 
so moment control �st be provided by the RCS engines .  
The main ascent trajectory i s  a standard one which ends 
at 50 , 000 ft . altitude with a slight overspeed such that 
the re,c,ultant coast trajectory is an ellipse with about 
a 30 nautical mile apocynthion and a 50 ,000 ft . pericynthion . 
Hence , at the end of the main ascent , the LM is on a safe 
trajectory, or plateau , which will not impact the moon even 
if the subsequent burns are not performed ( figure 47) . 
That i s ,  it is in a relatively stable situation from which 
a rescue by the CSM could be performed , if necessary. 

The main ascent burn is typically of 6� minutes duration 
during which about 4800 lbs . of propellant is consumed. 
Delta V is typically about 6ooo ft/sec . 
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The ascent maneuvers  are illustrated in figure 48 . Following 
the engine shutdown, the 1M acquires and tracks the CSM 
with the Rendezvous Radar to determine its orbit . At this  
point, the CSM is  still leading the 1M and i s  about 350 mile s 
away . The ground has been tracking the LM during the entire 
ascent and continues to do so . Based on thi s tracking, a 
determination will be made of the next maneuver to be per
formed some thirty minute s after beginning of coast . 

This  next maneuver is  called the concentric sequence initia
tion or CSI . It i s  a relatively small maneuver made with 
the RCS jets ,  and is de signed to raise the pericynthion of 
the LM orbit to an altitude consistent with that required 
for proper phasing with the SM. At the same time , it is  
somewhat like a midcourse corre ction in that it will be 
calculated to absorb the trajectory dispersions re sulting 
from the main as cent . For an on-time launch (beginning of 
launch window ) the pericynthion altitude will be rai sed to 
65 n .  miles with the CSI maneuver .  This  will require 
about 60 ft/sec .  delta V, consuming about 40 lbs .  of RCS 
propellant; burn time for the two RCS thrusters  would be 
about 50 seconds . If launch had not occurred until the 
end of  the launch window, then the proper phasing altitude 
would have been 30 n .  mile s ,  so no CSI manuever would have 
been required in this case , except as a small corre ction 
to ab sorb the launch dispersions . 

Depending on the landing site longitude , line of sight to 
the earth has probably been lost by this  time . The 1M to 
CSM range has been reduced to slightly le s s  that 200 n .  miles 
at the CSI point, with the CSM leading . The 1M continues 
to track the CSM with the Rendezvous Radar and preparations 
are made for the next step in the ascent sequence whi ch will 
o ccur when the 1M reaches the high point in its new orbit 
about 50 minutes after CSI . At this  point, another 
maneuver i s  made which circularizes  the 1M orbit at 65  n .  
miles ( for the on-time launch case ) , such that the 1M and CSM 
orbits are concentric and separated by an altitude of 15 n .  
mile s .  

Actual range to the C SM  is  about 50 n .  miles at this  point . 
The circularization maneuver use s about 45 lb s .  of RCS pro
pellant with a corresponding delta V of 65  ft/sec .  Burn 
duration is  about one minute . 

Following the circularization maneuver the 1M continues to 
track the CSM and shortly emerges from behind the moon, at 
which time tracking from the ground station is re sumed . 
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Based on the LM onboard tracking and the ground based tracking , 
the conditions are determined for the next maneuver,  called 
the terminal phase initiation or TPI . This maneuver is made 
about 20 to 30 minutes from the time cir,�ularization occurs 
and i s  designed to place the LM on an intercept trajectory 
with the CSM about 140° away from the initiation . 

The range to the CSM is about 30 n .  miles at the initiation 
of the transfer maneuver .  The transfer burn is made with the 
RCS jets and amounts to about 23 ft/sec . ;  15  lbs . of propel
lant are consumed and burn duration is about 20 seconds . 

Following the burn, tracking is performed both on-board and 
by the ground , and based on this information , a small mid
course correction will be made about 10 to 15  minutes after 
the initial burn. 

During the next 3 5  minutes ,  the range to the CSM will be 
reduced from 30 n .  miles to about 3 n. mile s ,  and the range 
rate to the CSM will be reduced from about 130 ft/sec . to 
about 30 ft/sec . 

A series of range - range rate gates are specified such that 
( l ) at the 3 n .  mile point an RCS burn reduces the range rate 
to 20 ft/sec. ; ( 2 ) at l n. mile range a short burn reduces 
the range rate to 10 ft/sec. ; and ( 3 ) at 500 ft. the rate is 
reduced to 5 ft/sec . These burns are all in the range of 
4 to 8 sec . and consume a total of about 20 lbs . of propellant. 

DOCKING 

Having passed this last gate , the vehicles are in close 
proximity at a low relative velocity, and the manual docking 
phase begins ( figure 49 ) .  The capability exists for docking 
in darkness , ( lights are provided on-board and the docking 
target is luminescent ) ;  however,  in most  cases ,  it will be 
preferred to wait a few minutes until the vehicles come into 
sunlight . The relative rates of the two vehicles will be 
nulled until this time. 

At a range of about 50 ft . ,  the LEM will be pitched back 
so that the CM become s  visible in the overhead window. The 
pilot then translates toward the CSM at a low rate and engages 
the CM probe in the LEM drogue . The docking tunnel is pres-
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surized, the upper hatches are removed, and the docking 
latche s secured ( figure 50) . 

LUNAR ORBIT COAST AFTER OOCKING 

�1e spacecraft is  now on another plateau, and the capability 
exists to remain on this plateau for . an extended period if 
desired . However,  the mission will normally proceed on to 
the next commit point within a few hours . 

During the next hour or so, the 1M i s  deactivated, the crew 
and equipment are transferred to the CSM, and finally the LM 
i s  j ettisoned by firing a shaped charge which separates 
the CM and LM, and the CSM translates away with the SM-RCS ( figure 52 ) . 

The first opportunity for transearth injection will occur 
in about one hour , but injection will not normally be planned 
for this first opportunity, since systems readiness checks ,  
exchange of data with the earth, and IMU alignment have yet 
to be performed . So the spacecraft continues in lunar orbit 
for one more revolution before transearth inj ection . 

TRANSEARTH INJECTION 

Transearth injection occurs on the back side of the moon 
with respect to the earth, and will normally be in the dark . 
The SPS burn is pre ceded by a 14 second ullage burn from the 
SM-RCS to settle the propellants .  Thi s  ullage manuever was 
not required on the previous SPS burns on the way to the moon 
since the tanks were essentially full, but now they are only 
about one -third full . 

Transearth injection delta V will vary from about 2600 ft/se c .  
to about 3200 ft/sec .  depending on whether the return 
trajectory is  a relatively slow ( 1},0 hr . )  or a relatively 
fast ( 86  hr . )  transfer . The 24 hour flexibility is necessary 
to allow a return to the primary recovery area on earth ( in 
the vicinity of Hawaii )  from any mission . 

A typical value for propellant consumed during transearth 
injection is about 8000 lbs .  with an SPS burn time of about 
2 minutes . 
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TRANSEARTH COAST 

Soon after the end of the burn , the spacecraft comes within 
line of sight of earth and continuous tracking begins . Data 
recorded on board the CSM during the injection burn is played 
back to the ground station , the CSM is powered down , the 
passive thermal control maneuver is  initiated , and the crew 
goes to sleep . The spacecraft is now on another mission 
plateau , transearth coast ( figures 54 and 55 ) . 

Operations during the transearth coast phse are similar to 
those described during translunar coast , with few notable 
exceptions : 

First , the position of the sun relative to the transearth 
trajectory will be such as to result in hi-gain antenna 
communications loss during each revolution of the thermal 
cycling maneuver .  Typical values for a 2 . 5  revolution per 
hour roll rate would be loss  of earth for 4 minutes out of 
every 24 minute revolution . As mentioned in the previous 
discussion , this is not considered a problem, since the ground 
can contact the spacecraft at any time and request that a 
communications attitude be held . Also , it is likely that 
voice and low bit rate telemetry can be maintained over the 
omni-antennas for much of the transearth phase . 

'I'he other major difference from the translunar phase concerns 
the midcourse corrections . In this case , it is almost certain 
that the corrections will need to be made with the SM-RCS .  
The spacecraft is considerably lighter now, but the mini-
mum impulse capability is the same , so that the minimum 
delta V which can be performed with the SPS is 12 ft/sec . ; 
the addition of 5 ft/sec . to this value for the ullage 
maneuver results in the fact that the midcourse correction 
must be at least 17 ft/sec . before it can be performed 
with the SPS . Error analysis of the MSFN tracking capability 
and the SPS cut off errors indicate that the corrections will 
be considerably less  than 17 ft/sec . ; hence , the plan will 
be to perform these corrections with the SM-RCS ( figure 56) . 
As in the translunar case , two corrections will probably 
suffice : the first about 10 hours after injection and the 
second about 2 hours before entry. 



About 15 minutes prior to the entry interface ( 4oo ,ooo ft . )  
the SM is jettisoned when the spacecraft is some 2500 nautical 
miles from earth ( figure 57) . The spacecraft is oriented 
for SM jettison in such a way that the 3 . 5  ft/sec . separation 
velocity applied by the SM RCS jets places it on a path 
which minimize s the probability of subsequent recontact 
with the CM. '.1'he CM is then oriented to the entry attitude 
using its own RCS jets ( figure 58 ) . 

ENTRY 

Entry will normally begin over the western Pacific at about 
400 ,000 ft . altitude . Range from this point to splashdown 
will be from 1500 to 2 500 n .  miles , and it will be controlled 
by varying the direction and time application of the space
craft lift ( figure 59 ) .  

A ground based station at Guam or in Australia , depending on 
the inclination of the approach path , will track the space
craft just  prior to entry, but the entry phase itself will 
normally not be in line of sight of a ground based station . 
Tracking during entry will be provided by two ships positioned 
along the entry path . This  insures that tracking is  continuous 
during this  period , except possibly during the blackout 
period . 

EARTH LANDING PHASE 

The earth landing sequence begins at 24 ,000 ft . The forward 
heat shield is j ettisoned , which exposes the CM bay where 
the parachutes are stored . The two drogue chutes are deployed 
immediately thereafter and are disreefed a few seconds later 
( figure 60 ) .  The drogue chutes serve to orient the CM 
properly for main chute deployment , and reduce the velocity 
from about 400 ft/sec . at deployment to about 200 ft/sec . 
at 10 ,000 ft . altitude where the main chutes are deployed . 

Three pilot chutes pull out the three main chutes and the 
drogue chutes are disconnected ( figure 61 ) .  A :few seconds 
later ,  the main chutes  are disreefed and the descent rate 
is reduced to about 25 f�/sec . at splashdown . 

Recovery is soon effected and the crew and spacecraft are 
taken aboard ship ( figure 62 ) . 
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DELTA VELOCITY BUDGET AND SPACECRAFT WEIGHTS 

In the previous sections concerning the mis sion des cription ,  
there were many references t o  the delta V and propellant 
requirements for the various propulsive maneuvers during the 
lunar landing mis s ion . It will be of interest at this point 
briefly to summarize the overall delta V budget and spacecraft 
weight data currently being considered for the mission . 

DELTA V BUDGET 

Figure s 63 and 64 show the budgets currently specified for 
lunar mission planning for the Service Module and Lunar 
Module , respectively . 

A comparison of the minimum possible delta V requirements with 
the budgeted values indicates that considerable flexibility 
exists to accommodate the items listed in the figures . 

SPACECRAFT WEIGHTS 

Figure 65 shows the weight breakdown of the spacecraft con
figuration as it appears just following translunar inj ection . 
The three columns of "current , "  "predicted , "  and "maximum" 
inj ected weight represent a range of total spacecraft weights 
to be used for various miss ion planning purposes . The "current " 
weight represent s the best estimate of what the spacecraft 
would weigh today, based on pre sent mis sion requirements . 
Propellant tanks are not full for this weight but sufficient 
propellant is included to meet the delta V budget specified 
in Figures 63 and 64 . 

The "predicted" weight shown in the center column of Figure 65 
is a tentative agreement with the Marshall Space Flight Center 
to be used for mis sion planning purpos es . Some investigation 
has to be conducted to understand whether the capability 
really exists in both the MSFC and the MSC vehicles to handle 
weights of this magnitude . 

The "maximum" weight shown is that weight which MSFC is 
analyzing pres ently to determine if the launch vehicle can 
perform with a payload of 100, 000 pounds .  This appears to 
be primarily a structural problem. 

Figure 66 is  a breakdown of the total Lunar Module weight that 
was shown included in the spacecraft weight data of Figure 65 . 
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Quest ions and Answers 

GENERAL MISSI ON SUMMARY AND C ONFIGURATION DESCRIPTION 

Speake r :  Owen E .  Maynard 

1 .  General Phillips - Is t he Saturn V re cyc le time quoted 
in the presentation realis t i c ?  

ACTION - MSC will work with MSFC to ve rify the recycle 
requi rement s .  

2 .  Dr . Haeus sermann - Wouldn ' t  direct asc ent to translunar 
injection have advantage ove r the mult iple ea rth parking 
orbi ts ? How advantageous is the c he c kout in earth orb it ?  
What are the t ra j e c tory related impl i c ati ons ? 

ANSWER - Thi s answer was prepa red a fter the presentation . 
A s ignific ant payl oad gain c an be ac hieved for the launch 
ve hicle i f  a direct t rans l unar inject i on i s  use d ;  however , 
to be c onstra ined to us ing only t ranslunar injection s  
would re s ult in una c ceptable limited laun c h  opportunities 
a s  wa s indicated i n  t he presentati on .  To pe rform an 
effic ient trans lunar injection the burn should be i n  the 
vic inity of t he moon ' s antipode . Thi s  means that for 
di rect i nj e c t i ons we c ould only c ons ider laun c h  date s 
when the moon ' s a nt ipode wa s in the vicinity of' the 
nominal orb ital i nsertion pos i t i on .  Under the se c onditi ons 
we c ould c onduct the S - IVB b urns to provide the trans lunar 
i nj e c t i on ve l oc ity . To e s t imate the l imitations on la unch 
opport unities we can look at where the nominal insertion 
would oc c ur . Launch opportunit ies will exist only when 
the antipode is in t hi s  vivinity . Thi s  means that t he 
earth launch could oc c ur only when the moon i s  in t he 
vic inity of' the maximum southern dec li nat ion . It i s  esti
mated that there would be from 8 to 10 days each month in 
which t he moon ' s ant ipode wo uld be far enoug h  nort h to be 
i n  the proximity of' the nominal i nsert i on pos i t i on .  If 
these 8 to 10 days did n ot matc h  the days for whi c h  t he 
requi red lunar lighting c onditions were me t then the 
mi ss ion c ould not be c onducted . The first s ix months of 
the years 1968 - 1969, the c urrent s un  elevat i on require
ments are met when the moon is at nort h de c l i nati on .  
Since t he direct inj ection i s  incompatible with northe rn 
lunar de clinat ion the mi s s i on would not be po s s ible during 
this pe ri od . Al s o ,  as wa s indicated in the presentation ,  
only n ight launche s would be poss ible for the s e  two years . 
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In addition to the elimination of many of the launch 
opportunities , the duration of the daily windows would 
also be greatly reduc ed .  To provide a daily window 
would require non-optimum steering of the launch vehicle . 
This would reduce much of the advertised payload gain 
that is possible with a direct injection . These daily 
windows would be of approximatel1 20 minutes duration 
which is much shorter than the � hours that is available 
if earth parking orbits are used.  

3 . Mr .  Nix - What happens to the S-IVB after it has been 
jettisoned? 

ANSWER - MSC has recommended that MSFC implement the 
following CSM-LME/S-IVB post separation maneuvers in 
the IU .  MSC has also requested that these maneuvers 
be initiated by the S-IVB/IU only upon receipt of a 
ground command to preclude inadvertent initiative prior 
to separation . 

Upon receipt of this ground command the S-IVB will 
maneuver to an attitude to optimize communications and 
separation distance (approximately 170° pitch and 1800 
roll ) .  This attitude will be maintained inertially until 
loss of S-IVB attitude control . Once at thi s  attitude , 
the IU will command a blow down of the LH2 ( non-propulsive ) 
and LOX (propulsive ) vents in order to minimize probability 
of recontact . The S-IVB Auxiliary Propulsion System (APS ) 
will then be used to round off the translational velocity 
at about 3 ft/sec in order to simplify subsequent recontact 
calculations . 

The above sequence combined with appropriate SPS midcourse 
precedures in failure mode cases will insure against 
CSM-LEM/S-IVB recontact . However, use of S-IVB venting 
and/or S-IVB APS will have only a minor effect on the S-IVB 
lunar impact probability . Current S-IVB targeting pro
cedures result in about a 50/50 probability of lunar impact 
in order to optimize spacecraft payload . A payload penalty 
on the order of 1000 pounds would be required to signifi
cantly reduce thi s  impact probability . This would result 
in targeting for a decreased S-IVB injection energy but 
maintaining free return capability . The required injec
tion energy would be achieved through use of the CSM SPS 
during the first midcourse correction burn retargeting to  
a different free return trajectory .  
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Due to the significant payload penalty, current lunar 
mission planning has proceeded without a requirement to 
minimize S-IVB lunar impact . 
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NASA -S-66-7320 JUL EARTH LAUNCH DATES 

PAC IF IC I N J ECT ION - D A Y  & N IGHT ( N )  L A U N C H ES 

WEST -r- EAST 

O R B ITER A -9 B - 1 1  A-8  B - 1 0  B - 8  A - 5  B - 6  A - 3  B - 3  B - 2 B - 1  
S ITE N O .  
M I N  N O .  4 7 8 9 3 1 1 7 1 3 2 O F  S ITES 

JAN 2 6 ( N }  26 (N }  26(N}  2 5 (N} 24(N} 2 3 (N }  2 3 (N}  21  21 20  20  

F E B  2 5 (N }  2 4 (N }  24 (N}  2 3 (N}  � 2 (N} 21  21 1 9  - 1 9  1 8  

M A R  2 5 (N} 2 5 (N}  2 5 (N}  2 4  2 3  - 2 2  - - 1 9  1 9  

APR 24  24  24  2 3  2 2  - 2 1  - - 1 8  1 8  

MAY 24 23 2 3  2 2  2 1  2 0  2 0  1 8  1 8  1 7  1 7  

J U N  2 3  2 3  2 3 - 2 �  2 2  2 1  2 0  2 0 - 1 9 1 7  1 7  1 7  1 6  

J U L  - 2 1  - 21  2 0 -1 9 1 8  1 8  1 6  1 6  1 5  1 5  

A U G  - 2 0  - 1 9  1 8  1 7  1 7  1 5  1 5  1 4  1 3  

S E P  - - - - 17 - 16  - 1 5  1 3  1 3  1 3  1 2  

OCT - - - - 1 6  - 1 5  1 3  1 3  1 2 (N }  1 2 (N }  

NOV - 1 7  - 1 7  1 6 - 1 5 - 1 4  - 1 2  1 2  1 1  

D E C  - 1 � !MI - 1 5  1 4  1 3  1 3  1 1  1 1  1 0  1 0  1 6  N 
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ATLA N T IC INJECT ION - N IGHT LAU N C H ES O N LY 
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4 7 8 9 3 O F  S ITES 1 1 7 1 3 2 

J A N  27 26  26  26  2 5  2 4 - 2 3  2 3  2 2 - 2 1  2 1  2 1  2 0  

F E B  2 5  - 2 5  - - 2 2  - 1 9  1 9  1 8  1 8  

MAR - - - - - 2 3  - 2 0  - 1 9  1 8  

A P R  - - - - - - - - - 1 7  1 7  

MAY 2 4  - 2 3  - - - - 1 9 - 1 7  - 1 7  1 6  

J U N  2 4  - 2 3  - - - - 1 8  1 8  1 6  1 6  

J U L 2 2  2 2 - 2 1  2 1  2 1  2 0  1 9  1 8  1 6  1 6  1 6  1 5  

A U G  2 1  2 0  2 0  2 0 - 1 9 1 8  1 7  1 7  1 5  1 5  1 4  1 4  

S E P  - 1 9 - 1 8 1 9 - 1 8 1 8  1 7  1 6  1 6 - 1 5  1 4 - 1 3  1 3  1 3  1 2  
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NASA-S-66 - 6 H 6  J U N  D E LT A  V ELO C ITY B U D G ET 
S ER V I C E  M O DU LE 

TRANSLU N A R  
M IN IM U M  P O S S I B L E  
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Fig. 63 
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NASA - S -6 6 - 6 5 8 5  J U N  

A PO LLO SPAC E C R A FT WE IGHT DATA 
C U R R E N T  P R E D I C T E D  M A X I M U M  

( L B S ) ( L B S )  ( L B S )  

C O MM A N D  M O D U L E  1 1 , 7 5 5  1 2 , 0 5 0  1 2 , 2 5 0  
( I N C L  C R E W )  

S E R V I C E  M O D U L E  1 0 , 3 0 0  1 1 , 25 0  1 1 , 3 0 0  

S M  B A Y  P A Y L O A D  0 0 1 0 0 0  

S P S  P R O P E L L A N T  3 7 ,0 7  5 3 8 , 8 0 0  3 8 , 9 6 4  

L U N A R  M O D U L E  3 0 , 7  5 5  3 2 , 0 0 0  3 2 , 4 8 6  
( N O T  I N C L  C R E W )  

S C /  L M  A D A P T E R  3 7 5 5  3 9 0 0  4 0 0 0  

T O T A L 9 3 , 6 4 0  9 8 , 0 0 0  1 0 0 , 0 0 0  

Fig. 65 

NASA - S - 66 - 65 8 6  JUN 

LU N A R  MO D U LE W E IGH T BREA K D O WN 

C U R RE N T  P R E D I CTED MAXIMUM 
I L B S )  (L BS )  (L BS )  

ASCENT STAGE 4450 4620 4 6 4 5  

R C S  PROPELLANT 507 5 4 0  5 4 0  

APS PROPELLANT 4 5 3 8  4 8 1 0  4 9 2 1  

DESCENT STAG E 4 6 8 5  4 7 9 5  4 7 9 5  

D P S  PROPELLANT 1 6 , 5 7 5  1 7 , 2 3 5  1 7 , 5 8 5  

TOTAL 3 0 , 7 5 5  3 2 , 0 0 0  3 2 , 4 8 6  

Fig.  66 
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APOLI.O NAVIGATION ,  GUIDANCE AND CONrROL 

by 

Robert C .  Duncan 





INTRODUCTION 

The purpose of the guidance system is to control the pos it ion 
and veloc ity of the vehicle. The navigation proc ess  involves 
the determinat ion and indicat ion of pos it ion and veloc ity, and 
the guidance process involves controll ing these quant it ies in 
a closed-loop fashion. Fig .  l sho¥s a generalized funct ional 
diagram of the guidance and control system. In order to mini
mize gu idance errors the system must  reduce the effect of inter
ferring quant it ies, and it must respond quickly to command s ignals . 
An inert ial guidance system is fundamentally mechanized as a 
spec ific force measuring system us ing s ingle axis ac celerometers 
which operate in coordinates that are determined by gyros . 

The guidance system operates as a forc e-vector control system, 
i. e . , the system must change the direct ion and magnitude of con
trollable forces ( lift, drag, and thrust ) in such a way that the 
vehicle reaches its des ired point in space and t ime. It is 
usual in the theory of dynamics of rigid bodies in three dimen
sions to separate the mot ion of the center of mas s from the 
mot ion of the body around the center of mas s . Guidance  is the 
process of moving the center of mas s  of the vehicle along some 
des ired path. Stab il ity and control are assoc iated with mot ions 
about the c enter of mas s. 

The guidance and control systems for all manned s pacecraft have 
involved a mix of spac ecraft systems and ground systems. Fig.  2 
shows the guidel ines used in the Apollo program for this mix of 
spacecraft and ground systems : 

(l ) It is mandatory that there be  a ground navigat ion 
capabil ity provided in earth orb it , c islunar spac e ,  lunar orb it ,  
during the lunar landing phases, and during the lunar rendez 
vous phases. 

( 2 ) It is mandatory that the spacecraft contain onboard 
a completely s elf-contained navigat ion ,  guidance ,  and control 
capab il ity to be used in the event that the data link with the 
ground is lost. 

( 3) The onboard system is des igned in such a way to take 
maximum advantage of the grolmd system and to include all 
neces sary interfaces. 

Fig. 3 shows the navigat ion , guidance,  and control system which 
evolved for the command module .  The LEM system is very s imilar 
and will be discussed later. The primary navigat ion system in 
c islunar space is the ground system .  This cons ists of the manned 
space fl ight network (MSFN) comprised of a number of tracking 
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s tat ions around the world operat ing in c onjunc t i on with the 
Houst on M i s s ion C ontrol C ent er (MCC ) . Thi s  sys t em is  connec t e d  
to t h e  onboard system b y  way of t h e  updata l ink and vo i c e  com
municat ions . The updata l ink provides the nav igat ion stat e  
vector t o  the Apollo gui danc e comput er ( AGC ) . The primary 
guidance and c ontrol syst em cons i s t s  of the AGC , the inert ial 
measurement unit ( IMU) , the s c anning t el e s c ope ( SC T ) , s extant 
( SXT) , and the display and keyboard as s embly ( DS KY ) . 

The primary guidanc e and control sys t em operat es the react ion 
c ontrol sys t em ( RCS ) which is u s e d  pr imarily for att itude con
trol in s pac e and during reent ry . The AGC al so act ivate s  the 
g imbal s ervos to drive the s erv ice propul s ion ( SPS ) eng ines . 
In the event the primary c ontrol system has a failure , the backup 
system ( lab eled in Fig . 3 the Stab il izat ion Sys t em) c an also 
drive the react ion cont rol sys t em and the S PS g imb al s . The SCS 
( st ab il i z at ion and cont rol syst em) provi des an att itude refer
enc e and al so has an accelerometer to measur e AV . The entry 
mon itor system ( EMS) is a s impl ified b ackup guidanc e syst em to 
b e  u s e d  dur ing the ent ry phas e of the mis s ion in the event of 
failure of the primary sys t em .  An int egral part of both the 
pr imary system and the backup stab il i z at ion syst Pm is the astro
naut . He obtains info rmat ion from the comput er by the DS KY and 
from the display panel . He communicat e s  with the comput er through 
the DSKY and is able to c ontrol the sys t em through the u s e  of the 
engine throttle and att itude hand controller . 

The s t ab il i z at ion sys t em is shown in block diagram form in Fig . 4 .  
The bas ic funct ion o f  this sys t em i s : 

( l )  Drive the j et drivers to turn o n  and off the small 
reaction thrust ers . 

( 2 ) Direct t h e  gimb al s  of the s ervi c e  module engine to 
o r i entate properly the thrust vector o f  the main engine . 

Att itude informat ion c omes e ither from the G&N system ( guidanc e 
and navigat ion sys t em) or the AGAP ( att itude gyro accelerometer 
packag e ) . Rate informat ion c omes from the rate gyro package 
( RGP) and is displayed on the display panel . Rat e  and att itude 
informat ion is used in conjunct ion with the manual controller 
to c ontrol the att itude j et s  and the main engine g imbal s . The 
att itude j et s  c an be controlled through two paths , one path via 
a deadband l imite r ,  ps eudo rate logic , and j et s elect log ic to 
the j et drivers and the othe r path direct by manual cont rol to 
the j et drivers . The t e rm ps eudo - rate means that the output of 
t he switching ampli fier ( an on-off devi c e )  conwands a vehicle 
ac c elerat ion which neglec t s  react ion j et t ime delays and dynam
i c s . The short period output of this s ignal through a lag 
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filter  is indicat ive of the vehicle rate . The t ime constant 
of the lag network determines the interval over which the out 
put is  a valid indication of the vehicle rate . The gains and 
t ime constant have been s elected for the Apollo SCS to provide 
the des ired signal for an average vehicle inert ia during the 
lunar mis s ion . The configurat ion of the ps eudo-rate feedback 
for the Apollo SCS has been developed for l imit cycle operat ion . 
During maneuvers the effect of the feedback should be  to puls e  
the j et s  prior  t o  the commanded maneuver rate being achieved ,  
thus result ing in  an  over-damped  respons e .  To avoid this , the 
pseudo-rate feedback is  switched out during manual maneuvers . 

The guidance and navigation system is  located in the lower 
equipment bay of the spacecraft , Fig . 5 .  

The G&N equipment i s  shown in a handl ing fixture in Fig . 6 .  
The primary components o f  thi s  system are the DSKY ' s ,  the gim
bal pos it ion indicators , sextant , scanning telescope , displays 
and controls , power and servo as sembly (PSA) , and computer .  
The inert ial measurement unit is behind the panel and is mated  
with the  optical system on the navigation bas e .  A prec i s e  
angular relat ion must b e  maintained between the opt ical system 
and the inert ial measurement unit ; this angular relat ion is  
provided through the  navigation bas e .  

Fig.  7 i s  a s c hemat ic  diagram o f  the gimbals  o f  the IMU. The 
s table member houses  three s ingle -degree-of-freedom 25  IRIG 
gyros and three 16 PIPA 'acc elerometers . The gyros maintain a 
coordinat e  system with respect to  inert ial spac e in acc ordanc e  
with reference directions determined by the opt ical system and 
gravity. The accelerometers measure specific forces  in the 
three coordinat e  directions of this inertial referenc e system .  
The accelerat ion measurements are integrated i n  the computer to 
g ive veloc ity and integrated again to give pos it ion . The plat 
form is isolated from the spac ecraft by the three -gimbal system 
shown in Fig . 7 .  The three-gimballed platform was chosen 
instead of a four-gimballed platform because  it could be  built 
with smaller s ize  and weight . The only disadvantage of a three 
gimbal platform is that of gimbal lock in c ertain orientat ions . 
This  i s  readily avoided in Apollo by a s imple subrout ine in the 
computer program which torques the platform away from potent ial 
gimbal locks as the con dition approaches . 

Fig . 8 shows the Apollo inert ial measurement unit ( IMU) with the 
resolvers on one of the outer  gimbals  removed ,  Thi s  unit is 
about the s ize  of a basketball and is  very s imilar to  a Polaris  
platform. The corrugations on the outer  port ion are  coolant 
l ines through which the coolant fluid flows to maintain precis ion 
temperature control of the IMU. 
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Fig . 9 shows the TIMU with the top removed .  Three gimbal s , 
plat form electronics , and the acc elerometer and gyro package 
can be s een in this picture . 

Fig . 10 is a photograph of the inert ial measurement unit and 
the opt ical system ( scanning telescope and sextant ) mounted on 
the precis ion navigat ion base which maintains accurate angular 
orientat ion between the two subsyst ems . The opt ical system is 
used to al ign the inert ial system and for navigat ion in earth 
oribt , lunar orb it ,  and in c islunar space . The inert ial meas 
urement unit is used as a primary att itude reference and is used  
for guidance purposes  during all maneuvers and during reentry .  

Fig . 11  shows the instrument panel in front o f  the command pilot 
of the CSM. The switches in the panel to the right control the 
CM RCS and SM RCS propellant . The switch and dial at the top 
r ight indicat e  the quant ity of RCS propellant . The c ontrol 
panel in the c enter is the display and keyboard ass embly (DSKY) . 
This  will b e  discussed  in more detail shortly . 

The indicator with curved l ines and rays at the t op left is the 
entry monitor system .  This system is discus sed in great er 
detail near the end of this paper where the entry phase of the 
miss ion is discus sed .  Directly below the entry monitor system 
is the FDAI ( flight director att itude indicator) , commonly called 
the " 8-ball" or the " gyro horizon . " The needles above , below, 
and to the right of the 8-ball itself are error needles . To 
the left of the FDAI are control switches for the SPS ( s ervice  
module propuls ion system) . Below the SPS switc hes are the 
att itude s et indicators and controls . 

Directly b elow the FDAI i s  the " 6  V Remaining" count er and thrust 
and direct ullage switches . At the bottom are the control mode 
s elect switches for the SCS ( Stabil izat ion and Control System) . 
It can be  s een that the modes available are : 

( 1) Monitor 

(2 ) G&N att itude c ont rol 

( 3) G&N 6 V 

( 4) G&N entry 

( 5 ) scs local vert ical mode 

( 6) scs att itude control 

( 7) scs A V  

( 8) scs reentry 
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The throttle control is the T-handle in the lower left-hand 
corner of the photograph. 

Fig . 12 shows the faceplate of the display and keyboard (DSKY) . 
The computer in both the command module and LEM are identical . 
They are microelect ronic computers which are des igned by MIT 
and produced by Raytheon . The �pollo computer is a very power
ful lightweight computer with the largest memory of any airborne 
computer in history .  It has a memory of 36, 000 words ( each of 16 bits )  and is approximately equal to an IBM 704 in computa
tional capability. 

The DSKY provides the communicat ion link between the astronaut 
and the computer.  Through the DSKY· the astronaut can monitor 
system act ivity, alter parameters , and dictate system modes . 
In addit ion , the DSKY has indicator lights which display system 
and computer status and alarm. The computer display on the DSKY 
cons ists of three two-digit displays labeled "Program" , Verb" , 
and " Noun" and three five-digit general word readout s .  The two
digit displays are coded for various modes in instruction . The 
program display indicates the major operating mode of the com
puter such as " lunar landing maneuver . "  The "verb" and "noun" 
displays are used together and coded to give numerous possi
bilities of meaningful phrases or instructions . Examples of 
typical "verb" and "noun" displays are : 

Verb Noun 

Display value Veloc ity 

Compute Abort veloc ity 

Read in Landmark angle 

When the computer wishes to communicate a request for data or 
s ignal an alarm to the astronaut , the "verb" and "noun" numbers 
flash until the astronaut takes action. He enters data to the 
computer through the keyboard which is on the right hand s ide 
of the display as seen here . 

A schematic representat ion of the operation of the manned space 
flight network tracking system (MSFN) is shown in Fig . 13.  The 
vehicle is illuminated by an 85 ft . antenna which provides 
range , angles , and velocity. This information is transmitted 
to the Mis s ion Control Center in Houston from which navigation 
information is determined. The vehicle can also be tracked by 30 ft . antennae which use three-way doppler information to 
provide posit ion and veloc ity data . 
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Distance is determined by modulating the carrier with random 
digit s ( o  and 1) . The signal is received by transponders in 
the CSM or the LEM and r�transmitted.  The measurement of trans it 
t i:nc• of t h e  s .i :_�nal is a rccasu re of the l i s t a:1 ' �  o f' ;:, he 
spacecraft . Veloc ity is determined by measuring the doppler 
shift in the s ignal returned by the spacecraft . 

Fig . 14 shows the loc at ion of MSFN unified S -band station s ites . 
There is overlap of coverage among the three 85 ft . stat ions . 
These  stat ions are located in the western United States (Gold
stone , California) ; Madrid,  Spain ; and Canberra , Australia.  
Additionally, there are ten 30 ft . antennae spaced strategically 
around the world ( Bermuda , Carnarvon , Guaymas , Hawaii , Cape 
Kennedy, Corpus Christ i ,  Houston , Guam, Ascens ion , and Antigua) . 

Fig . 15 summarizes  the characterist ics of the tracking stat ions . 
The one-s igma tracking accurac ies are as follows : 

Range : Noise 60 ft . Bias 120 ft . 

Angles : Noise 0 .  8 milliradians Bias l .  6 milliradians 

Two-way doppler : Noise 0 . 1  ft/s ec Bias . 07 ft/sec 

Three-way doppler : Noise 0 . 1 ft/sec Bias 0 . 2  ft/sec 

The frequency reference is a rub idium frequency standard with a 
short and long t erm stab il ity of 5 x lo-ll parts per part . The 
MSFN stat ions with either the 30 or 85 ft . antenna can track 
spacecraft at lunar distances us ing either the high-gain antenna 
or omnidirect ional antenna . 

Fig . 16 summarizes  the operat ing modes of the system during a 
mis s ion . During the earth orbital phase ,  the system uses C -band 
and measures range and two angles .  During the c i s lunar phase ,  
the system uses the uni fied S -band measuring three-way doppler . 

Onboard derived navigat ion data is telemetered to the MSFN . The 
radar tracking data and the telemetered data are piped into the 
Mission Control Center at Houston and the guidance and naviga
t ion parameters are then computed in the real-t ime computation 
c enter ( RTCC ) . After the guidance and navigation data is deter
mined,  it is telemetered to the Apollo guidance computer onboard 
the spacecraft . 

Fig . 17 shows the measurement uncertaint ies of the MSFN system.  
Here we  as sume that the system is operating in  the three -way 
doppler mode with one 85 ft . station transmitt ing and two 
stat ions receiving . The one s igma measurement uncertainty in 
moise  and bias for two-way doppler and three-way doppler were 
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indicated in Fig . 15 . Additionally , we as sume an uncertainty 
( one s igma) in location of the stat ion in lat itude and longi
tude to be  l to  6 arc seconds . The alt itude error is as sumed 
to be 100 to 200 ft . The uncertainty of the gravitat ional 
constant ( one s igma) for the earth is as sumed to be 106 x 109 
ft3js ec2 . For the Moon , thi s  i s  assumed to be 6 x l09ft3js ec2 . 
In the orb it determination program, the parameters estimated 
are three components of veloc ity , three components of pos it ion , 
and two three-way doppler b iases . Us ing these as sumptions , 
the accuracy in performance of the system was computer and will 
be discus sed shortly . 

Let us look now at the techniques for navigating onboard the 
spacecraft . One technique for navigating is shown in Fig . 18 . 
Here a star is p icked up with the scanning teles cope and cen
tered, at which time the astronaut shift s  to the sectant ( a  
28-power narrow field-of-vis ion instrument ) .  The astronaut 
uses the sextant to pos i t ion accurately the star over the land
mark . When the star and the landmark are superimpos ed ,  the 
astronaut presses  a button and the angles between the two , as 
well as t ime ,  are entered into the computer autoJnat ically . This 
information is entered by the astronaut via the DS KY .  Fig . 18 
shows a star superimposed  on the Golden Gate Bridge . 

In earth orb it the astronaut can measure his pos it ion by track
ing known landmarks which are entered into Keplerian equations 
in the computer . It is also pos s ible , by knowing the error 
propagation equat ions , to track unknown landmarks and to com
pute his pos ition accurately in earth or lunar orb it .  At the 
same time the computer determines the geographic pos ition of the 
unident ified landmark . When the Apollo program was initiated ,  
it  was planned that known landmarks would be t racked and navi
gation would be  performed in this way . During the many Gemini 
fl ights , however , it has been obs erved that it is quite d ifficult 
to plan ahead for those  landmarks which will not be obscured by 
clouds . On most Gemini mis s ions much of the earth has been 
obscured . If one is limited to known and predetermined land
marks , mis s ion planning becomes quite complex .  Therefore , it 
is l ikely that greater and greater rel iance in Apollo will be 
placed on unknovm landmark tracking for both earth orb ital and 
lunar orb ital navigation . 

Let us look at the geometry of measuring a navigational fix in 
c islunar spac e .  Fig . 19 shows the various angles involved us ing 
the stars Fomalhaut , Deneb , and Antares . In this geometrical 
sketch , the lunar hor izon is used with Antares and navigational 
landmarks are used with Fomalhaut and Deneb . The angles meas 
ured with the three stars form three cones in spac e .  The 
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intersection of two of these cones forms a line and the inter
section with the third cone forms a point . 

Computation is performed automatically in the computer . Apollo 
does not use the conventional method of computation performed 
by mariners for many centuries , i . e . , computation based upon 
two or more star sight ings and running the earlier s ightings 
forward to the last sighting and computing a fix . This we call 
" determinist ic" techniques .  In Apollo , recursive navigation 
techniques are used ( involving Kalman filter theory) . Under 
this concept the accuracy of position and veloc ity determina
tion is improved as more and more sightings are taken and the 
uncertainties are reduced with each s ighting . This method 
involves statistical mathematics techniques . Fixes as they 
are known in maritime navigation are not performed in Apollo . 

Another method of navigation originally planned in Apollo is 
shown in Fig . 20.  Here the elevation angle of a star is meas 
ured with respect to the earth horizon . It is common knowledge 
that a prec ise definition of the horizon is difficult in space 
due to cloud cover and the uncertainty in the definition of the 
terrain horizon . Apollo planned to use a horizon at 100 , 000 ft . 
to be measured by a horizon photometer operating at a specific 
narrow frequency in the optical band. This horizon measurement 
is made automatically and the angular information is used in 
much the same way that mariners use elevation angle .  The com
putational procedure involves recursive navigation c ited earlier. 
Due to technical problems in the development of the horizon photo
meter electronics , th is system will not be flown in early Apollo 
spacecraft . 

Fig . 21 shows the accuracy of the navigat ion and guidance system 
us ing the optics in the way c ited previously . In the earth 
orbital phase scanning telescope uncertainties are 4 milliradians 
and landmark pos ition uncertainties are 1000 ft . Nominally, 
seven landmark s ightings are made . During the translunar and 
transearth phases , the sextant uncertainty is 10 arc seconds 
and the uncertainties in the horizon are l nautical mile for 
Earth and 0 . 5  nautical miles for Moon. Additionally, we assume 
that forty landmark s ightings are made enroute to the Moon and 
enroute back to the Earth . The velocity correct ions made enroute 
to the MJon and returning to the Earth are accurate in magnitude 
of 1% . The pointing of the thrust vector is accurate to 10 
milliradians . 

Fig . 22 continues with the accuracies of the onbaord navigation 
system. In the lunar orbital phase ,  the scanning telescope 
uncertainty is 4 milliradians and the landmark position 



uncertainties on the Moon are 1000 to 5500 feet in a horizontal 
direction and 2300 to 3000 feet in a vert ical direction. Five 
landmarks on the earths ide are chosen along the lunar orbit 
track and three sightings per landmarks are made on each of the 
first two orbits . Periodic updates are made thereafter. 

GUIDANCE AND NAVIGATION PERFORMANCE 

Let us look now at the performance of the system using the per
formance of the manned space flight network (MSFN) and the on
board system discussed previously. Fig . 23 summarizes the 
results of a digital computer simulation program using the 
accuracies c ited previously. The RMS pos ition measured by the 
onboard system and by the MSFN is giver in nautical miles and 
veloc ities are measured in feet per second. The accurac ies are 
shown at injection as measured either by land stations or by 
ship .  Also shown are accuracy at the first midcourse ,  second 
midcourse ,  and third midcourse corrections enroute to the Moon 
and at perilune . In lunar orbit ,  the accuracies are shown at 
LEM separation and LEM rendezvous . The return accuracies are 
shown for inj ection at the transearth phase and at first , s econd, 
and third midcourse corrections and at entry. You will note 
that at Earth reentry ,  the MSFN accuracy is 0 . 5  naut ical miles 
while the onboard system accuracy is about 9 nautical miles . 
With the MSFN, veloc ity is accurate to 2 .2 ft . per second while 
the onboard system is inaccurate to the extent of about 45 ft . 
per second. 

Fig . 24 is a comparison of the data as measured onboard and by 
the MSFN during the translunar phase .  The top plot is position 
and the bottom plot is veloc ity as a funct ion of time .  The MSFN 
system is more accurate until about 35 hours after the space
craft is injected toward the Moon . At that time the onboard 
system is of somewhat greater accuracy. The midcourse cor
rections are indicated here by the diamonds labeled MCC . These 
are made at two hours after injection , 49 hours after injection ,  
and 61 hours after injection . 

Fig . 25 gives surpris ing results concerning navigational uncer
tainties during the lunar orbit phase .  The earth-based manned 
space flight network is more accurate than the onboard system 
throughout the trajectory. Time is measured from the time of 
spacecraft insertion into lunar orbit .  The solid lines show 
points of MSFN tracking and the dashed lines show periods during 
which telescope sightings of lunar landmarks are made . Of  
course ,  errors grow during the period between tracking or s ight
ings and they immediately drop to more accurate values as 
greater data is accumulated. 
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F i g . 26 s hows the m i dc ou r s e  veloc ity pe rformanc e dur ing the 
t ran slunar pha s e .  'rhe b ot t om plot shows the ft/ s e c ond unc e r 
t a inty i n  veloc ity c o r r e c t ion wh ich woul d b e  made as a function 
o f  t ime f rom inj e c t ion to the first vel o c ity correct ion as 

measur e d  by the MSFN and t h e  onboard sys t em .  The uppe r  o f  the 
two f igures s hows the sum of the f i r s t  two veloc i t y  c o rrec t ion s . 
The r e  i s  a s ign i f i c ant veloc ity s avings by us ints MSFN dat a .  
The s e  f igure s  s how that i t  i s  wo rthwh il e  to dela�r , from a fuel 
st andpo int , b efore making veloc ity c o r r e c t ions . The s e  f igur es 
are indic at ive o f  the fuel e c onom i e s  wh ich c ould be made as 
the unc ertai nt i e s  in veloc ity c o rrect ion s  are r e d u � e d .  

F i g . 27 de s c r ib e s  in s impl e form the int e r fac e b e t He en the 
onboard system and the mann e d  s pa c e  fl ight ne tworl'c .  The c om
put ations fo r the �m FN are made by the Hous ton Mi s s ion C ont rol 
C ent e r . The int e r fac e w ith the c omputer is made via two rout e s , 
the up and down data l ink directly from the MSFN t o  the Apollo 
guidanc e c omput e r  and vo i c e  commun i c at ions t o  t h e  c rew Hho ent e r  
the dat a t hroue;h U t e  DSKY to the comput e r . The :: omput e r  updata 
rat e  is 10 up -l ink 1110 rds p e r  s e c ond . The total navigat ion updata 
i nfo rmat ion r e qu i red ls a s t at e vec t o r  cons i s t ins of s ix c om
ponent s and t ime . 'I'hc· updata f r e quency r e qu i r e d  l s  onc e prior 

to each gu i danc e maneuver . Total t ransmi s s ion t ime i s  60 
s e c onds max imum ( for a 99% prob ab ility o f  no errors ) . The 
navigat ional updat o. info rmat ion i s  not t ime c r i t i c al .  

AFJLLO REENTRY 

The end r e s ult of the lunar mis s i on i s  a s aff' r r:' ent ry int o the 
e arth ' s  atmo s phe r e . Fig . 28 r ep r e s ent s this prob 1.em . The guid
anc e  syst em mus t  hit a c o rridor approximately 2G miles deep . 

Thi s  ac curacy i s  obt ained in
-

three midc ou r s e  c or r e c t ions during 
the return fl ight from the Moon . Prior t o  ent e r ing the earth ' s 
atmo s phere , the s erv ic e module i s  j ett i s one d .  I f  the spac ec raft 
c omes in above t h i s  ent ry c or r i do r ,  t o o  l it t l e  ene rgy will b e  
t rans ferred from the veh i c l e  t o  t h e  atmo s phe re and t h e  s pac e 
c raft will ent e r  a hi8hly ell ipt i c al earth o rb it .  The e c c ent r i c 
ity o f  thi s o rb i t  i s  a funct ion o f  how far above the upp e r  ent ry 
b oundary the s pac e c r a ft t ra j e c t o ry c ar r i e s  it . S in c e  there i s  
no s ign ific ant p ropul s ion onboard t h e  C M  other than t h e  100 
pound RCS s y s t em ,  there would b e  no way for t h e  a s t r onaut to 
r e c over from thi s highly ellipt i c al o rb it . It is nec e s s ary that 
this ent ry c o r r i do r  b e  ent e r e d .  If the ast ronaut s c ome in t oo 
l ow they will exceed the heat c apab il it i e s  of t he heat shiel d .  

O n e  o f  the mo s t  c rit i c al port ions o f  the m i s s ion from t h e  gui d
anc e  and c ont rol s t andpo int i s  the r e entry phas e .  In Apollo 



the earth ' s  atmosphere i s  entered by making one s k ip . The 
total range of the vehicle from the point of entry i s  nominally 
2500 mil e s . No propul s ion sys t em i s  u s e d  to remove energy from 
the vehicl e ; all of the energy must b e  removed by the atmo s 
phere . We expect to land within 30 mil e s  of the chos en land ing 
point . 

ENTRY TECHNIQUES 

There are many different t echniques which may b e  used to gui de 
a spac ec raft dur ing the atmospheric entry maneuver . The s el e c 
t i on of a part icular t echn i que i s  influenced b y  a numb e r  of 
cons ide rat ions , s ome of which are sho1-m in Fig . 29 . The mos t 
important cons iderat i on which will influenc e the ent ry guidance 
i s  the r e quirement for the s afety o f  the c rew . The veloc ity 
and angle at which the spac ec raft ent ers the atmosphere affec t s  
the entry guidanc e .  The entry guidanc e must cons i der the phys i 
c al propert i e s  o f  the spac ec raft and the amount o f  range cont rol 
which i s  required, The entry guidanc e i s  l im it ed by the phys ical 
quant it ies wh ich c an b e  measured and by the s iz e  and speed of 
the onboard comput e r .  There mus t  b e  some technique for monitor
ing the primary entry guidanc e in order to insure a s afe ent ry. 
The primary guidanc e  system and the entry monitoring sys tem 
must b e  c ompat ible with each other . 

The maximum permis s ib l e  ac c el erat ion i s  normally c on s i dered t o  
b e  10 g ' s  although the maximum emergency ac c elerat ion may b e  as 
h iGh as 20 g ' s .  The prot ect ion from the aerodynamic heat ing is 
provided by the heat shield, but ent ry gui dance mus t  minimize 
heat ing prob l ems . 

The Mercury and Gemini spac e c raft ent ered at near c ircular 
veloc i t i e s  while the Apollo spac ecraft ent ers at near parabol ic 
veloc it i e s . The task of the entry guidanc e sys t em b e c omes more 
difficult as the ent ry veloc ity increas e s . The entry angle mus t  
b e  kept within a value which will allow the spac ec raft to b e  
captured by the atmosphere and a value whi c h  will not result in 
exc es s ive ac c elerat ion . 

The aerodynamic propert i e s  of the entry veh icle may b e  divided 
into the g eneral c at egories s hown in Fig . 30 . The first group 
cons i s t s  of vehicl e s  such as the Mercury spac ecraft which do 
not develop any l ift and which have a constant b all i s t ic numb er 
(W/CnS ) . In this dis cus s ion the aerodynamic propert ies are 
cons idered to b e  variable only if the values of thes e  quant i e s  
c an be c ontrolled b y  t h e  guidanc e sys t em .  Although t h e  aero
dynami c s  propert i e s  are t e rmed c onstant they may vary as 
funct ions of Mach number and Reynolds number . The s econd g roup 
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listed in Fig . 30 are vehicles which do not develop lift but 
whose drag propert ies can be varied. Such a vehicle would have 
a small amount of range control . The third group includes both 
the Gemini and Apollo spacecraft . The vehicles of this group 
develop lift but their lift -to-drag ratio (L/D) and their 
ballistic number are constant . The traj ectory which is followed 
by a spacecraft of this type can be controlled only by rolling 
the spacecraft . This changes the direction of any lift which is 
developed. Finally there is the last group of vehicles for 
which the ratio of lift-to-drag and the ballistic number can be 
varied. 

ENTRY GUIDANCE SCHEMES 

An entry vehicle which is des igned to develop lift to change 
the path of the vehicle overcomes many of the problems which are 
inherent with a ballistic vehicle . The guidance system of such 
a vehicle must be capable of utilizing this lift properly. Many 
of the characteristics of the entry guidance will depend upon 
the amount of lift which can b e  generated and the manner in 
which the lift is generated. Both the Gemini and Apollo space
craft are trimmed at a constant angle of attack. This results 
in a constant lift -drag ratio and a constant ballistic number . 
Therefore the only way that the path of the spacecraft can be 
controlled is by rolling the spacecraft about its longitudinal 
axis . 

The possible entry guidance methods may be divided into two 
general classifications : 

( 1 )  Guidance using predicted capab ilities 

(2 )  Guidance using a nominal trajectory 

The choice of which type to use depends upon cons iderations 
such as the size  and speed of the onboard computer and the range 
of entry conditions which the guidance system must be capable 
of handling . The dividing line between the two class ifications 
is somewhat obscure . It is pos sible that an entry guidance logic 
will use elements of both techniques . 

In the method of guidance about a nominal trajectory, the state 
variables along the nominal path are precomputed and stored 
onboard the spacecraft . The variations in the measured variables 
from the stored values are used in the guidance logic either to 
control the spacecraft back to the nominal trajectory (path 
controller) or to establish a new traj ectory to reach the desti
nation ( terminal controller) . For this guidance logic , a 
desirable nominal trajectory must be s elected. The desired 



nominal trajectory is  selected prior to the entry by optimiza
tion procedures . 

The method of guidance us ing predicted capabilities is capable 
of handling a wider variety of entry conditions than the 
guidru1ce about a nominal traj ectory. This guidance technique 
predicts the path by which the vehicle will reach the desired 
destination without violating the heating and acceleration 
limits . The prediction of the future traj ectory may be accom
plished by a rapid forward integration of the equations of 
motion for the remainder of the flight , or by using approxi
mate closed-form analyti c  solutions to the equations of motion . 
The main advantage of the fast prediction method is that it 
is able to handle any possible flight condition . The princi
pal disadvantage of this  method is the requirement for speed 
in the computer . The use of closed-form solutions reduces 
the required computational speed and flexibility of the 
guidance system . 

GEMINI ENTRY GUIDANCE 

Projects Gemini and Apollo furnish this country with experience 
in the entry guidance of lifting manned spacecraft . Two forms 
of entry guidance logic are used in the Gemini program. The 
same footprint capability of about 600 nautical miles across 
range exists for each technique . The two technique s may be 
termed rolling entry and fixed-bank entry . 

In the r Olling entry technique the steering logic is based an 
calculating the difference between the actual range to go and 
the predicted range based on a continuously rolling entry . 
During entry, the ratio of the downrange error to the cross 
range is  us ed t o  compute the bank angle required to rotate 
the axis  of symmetry of the footprint the amount required to 
pas s through the des ired touchdown point before the downrange 
goes to zero . When this rotation is completed, the spacecraft 
flies at zero bank angle until the downrange error is zero . 
At this point a continuously rolling entry is  initiated . 
Bec ause downward lift is not used , the range calculation is  
biased slightly to  predict a greater range than the time 
value , thus preventing the target from moving outside the 
footprint . The continuous rolling w ill therefore be interrupted 
occasionally for correction by flying near zero bank angle . 

The second technique appears to have certain advantages over 
rolling entry. The entry traj ectory is flown at a fixed series 
of bank angles .  The prediction is based on the range obtained 



at a fixed b ank ane;le a nd the b ank angle i s  ad j u s t e d  t o  make 
the predic ted r ange agr e e  w i th the d e s ired r ang e to the 

t ouchdown point . Cro s s r ange error is allov1 e d  to incr e a s e  
unti l  it r e a ches a f i x e d  per c entag e  of t h e  lat e r al range 
c ap able at that parti cular t ime . The bank a.nr:le L3 then 

r eve r s e d . Thus the entry is flown in a s er i e s  of rever s als 
o f  an e s s ent ially c on s t ant b ank angle . Theor e t i e ally , any 
point in the foot-pr int i s  available 'JJi th only ow· b ank angle 
r ever sal,  but guidan c e  ina c c ur a c i e s  w ill gener ally r e quir e  
addit ional maneuvering . 

The f i x e d -b ank- ane;le me thod has the advant ae;c of b e ing more 
c omp at ible with the c r ew monitor ine; fun c t i on than the r olling 
e ntry method . By vic'.<lin['; the hor i z on out the s pa c r: cr aft 

window s the a s tr onaut s c an c ompare the maneuver s "1-l i th tho s e  
exp e c t e d  for the entry c ond i t i on and t ake O'rcr c ont�·ol in 
the event of a malfun c t i on . Th e manually c ontl· ollr� d b ackup 
te chnique i s  s imilar to the automatic method , but us e s  a 
prec omput ed program o f  bank angle s . The fixc � d -b ::m k - angle 
method w ill r e qu i:r c le s s  att itude c ontrol fue l  t h a n  the 
r olling method . F igur e 31 summar i z e s  the re sult s of reentry 
dur ing the Gemini proe;r am to dat•, • The c� arly fli r;ht s of 
Proj e c t  Gemini d r ama t i c ally d e monstrated the E: ff'c :ct of the 

d i f ference b e tw e en the e s t imat e s  of the a erodynani, � s  obt a ined 
from w ind tunnel t e s t s  and the a erodynami c s  of the a c tual 
spac e c r aft . The unmanned fligh t  of GT - 2  ind i r 3t ,� d  that the 
L/D r atio of the spa c e c r a ft was higher than the i Y c d i c ted 
value over mo st a:' the Ma ch number rang e . Thi ::: lr>l to the 
remov al o f  58 p01md �; of non- fun c t ional balla s t  :·or the f i r s t  
manned flight ( GT -3 ) p i loted by Gr i s s om a n d  Y ow1,; , 

The rolling entry t e chnique was u s ed for the e ntry of GT - 3 . 
Thi s  r e quired the r ro s s r ang e error t o  be c ]jmi_na t e> d  fir s t  and 

then the dmmr angc error w a s  to b e  elimi nat e rl . Dnc purpo s e  

o f  thi s flight w a s  to cl1eck out the onboarcl c;uid an c e  sy s t e m .  
For thi s rea son the sp a c e craft was c ontrolled manually to 
the ground - c omput ed c ommand s and the command s gene-r ated by 
t he onboard guidan c e  w e r e  ob s e rved . The cros s r ange error w a s  
e liminated . Although full po s i t i on l i f t  was us r:: cl f or the 
rema inder o f  the flight , the GT - 3 spa c e cr a ft fell Gl+ naut i c a l  
mile s short o f  i t s  t arget point . If the b ank angle s c om
put ed by the onb oard guidanc e have b e e n  us e d ,  the spa c e c raft 
would have c ome clo s e r  to the target but it ',wuld not have 
r e ached the t arget . 

The GT - 3  spa c e cr aft fell short of the t arge t , c h i e fly , b e caus e 
it d eveloped a low er L/D than had b e en e s t imat e d  b e fore the 
flight of GT -2 . The footpr int o f  the Gemini spa c e cr aft w a s  



reduced to about one-third of its original estimate size 
because of the reduced L/D .  The estimated footprint is about 
200 nautical miles long and 34 nautical mile s wide . The 
length is  measured from the zero lift point to the maximum 
lift point . 

It was felt that the reduced footprint was not any ca·, ;_ se for 
concern . It was decided to readjust the retrofire times  in 
order to place the reduced footprint over the �arget point . 
Also , the crossrange and downrange errors were to be eliminated 
s imultaneously at the beginning o:L the entry when the effective 
lift is the greatest . 

The GT-4 spacecraft mi ssed the target point by 47 naut i cal 
miles . The guidance computer had fai]_ed prior to entry . The 
spacecraft was flown on the basis of information ftrrnished 
by the ground-based computers . 

As in the cas e  of the first two manned Gemini flights ,  GT-5 
fell far short of its target point . In fact , it was the wor st 
miss  of the procram .  The spacecraft fell 97 nautical mile s 
short of the target . Sub sequent study dis closed that most  of 
the mi ss  was due to a ground error in failing to provide the 
onboard computer with the space craft ' s  proper inertial 
coordinates at the time ·::>f retrofire . The inforrration com
puted by the ground system ignored the fact that the Earth 
rotate s approximately 361 degrees in 24 hours instead of 360 
degree s .  Thi s  error was pres ent during the flights of GT-3 
and GT-4 but the duration of the se  flights was not long 
enough for the effects of this error to become pronouned . 
By the end of the eight-day GT-5 mis s ion this  error was 
approximately 8 degree s .  As a result of thi s error the 
onboard guidance attempted to steer the spacecraft to a target 
which was approximately 480 nautical miles closer to the actual 
target point . The mis s  distance would have been greater except 
that the Gemini entry guidance is prohibited from rolling the 
spacecraft to develop negative lift . The entry guidance 
called for a zero-lift entry which is the minimum lift allowed . 
By the time the astronauts realized that the guidance was 
giving erroneous commands ,  the range capability of the space
craft was insufficient to reach the target point . During the 
entry the guidance was providing the correct commands to 
guide the spacecraft to the false target . 

The flights of GT-6 and GT-7  indicate that the problems 
previously experienced with the entry have been solved . The 
actual landing point of GT-6 was within 7 nautical miles of 
the target point . The spacecraft was manually controlled 
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to the bank angles commanded by the onboard computer . The 
retrograde maneuver was performed with the acceptable tolerance . 
After the retrofire and the j ettisoning of the �etro-adapter 
section,  the spacecraft was rolled to the full positive lift 
position . At 290 , 000 feet the onboard computer fed bank angle 
commands to the flight director diEplays . The nominal bank 
was first 47 degrees left and then 47 degrees  right . These 
bank angles were held to 80, 000 feet . The drogue parachute 
was deployed at about 50 , 000 feet and the main chute was 
deployed at about 10 , 500 feet . The landing point of GT-7 was 
also within 7 nautical mile s of the target point . 

APOLLO ENTRY 

The obvious difference between the guidance :problems of 
Gemini and Apollo is the difference between the entry velocities 
of the two mis sions . The Gemini spacecraft enters at near cir
cular velocities while the Apollo Spacecraft will enter at near 
parabolic velocities .  The much higher entry velocity of the 
Apollo spacecraft greatly increases  the poss ibility than the 
acceleration limits will be  exceeded . The range of a spacecraft 
entering at near parabolic velocities can be increased by allow
ing the spacecraft to skip out of the atmosphere . The time of 
flight may exceed the duration of the power supply or the lift 
support system, if the exit velocity is too high . 

The .;.pollo entry guidance is a combination of the technique 
of using predicted capabilities and the technique of using a 
nominal trajectory . Th e guidance logic during the initial 
phases uses predicted capabilities while the guidance logic 
during the final phase uses a nominal trajectory . The logic 
is divided into portions which reflect the characteristics 
of the entry traj ectory which the Apollo spacecraft will 
follow . 

The typical Apollo entry traj ectory can be divided into the 
general areas which are shown in Figure 32 . At some time 
prior to entry, the entry vehicle is separated from the 
Service Module and aligned to the entry attitude ; the IMU 
is aligned and the navigation system is updated for the last 
time . The initial bank angle depends upon whether the vehicle 
is entering at the top of the corridor or at the bottom.  If 
the spacecraft is entering close to the top of the corridor , 
the bank angle will be such that the lift is directed down
wards in the vertical plane . Otherwise ,  the lift is directed 
upwards in the vertical plane . 
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Upon encountering the sensible atmosphere the remaining phases 
of the entry are : 

(1 )  An initial phase during which a safe capture is 
ensured and excessive acceleration is avoided .  

( 2 )  A second phas e during w�ich the vehicle i s  steered 
so that the final phase  will be able to guide the spacecraft 
to the target . 

( 3 ) A ballistic lob which may be bypas sed if  the range 
to the target is short . 

(4 )  The final phase during which the spacecraft is 
steered to the target . This final phase  usually includes the 
last six to eight hundred miles of the entry and is similar to 
the entry from a low orbit about the Earth . 

The basic flow of the guidance logic is shown in Figure 33 . 
Certain portions at the beginning and end of the system are 
entered each time the steering commands are computed . The se 
portions are the NAVIGATION , TARGET DATA, and ROLL COMMAND 
sections . The LATERAL LOGIC section is also entered each 
time the steering command is  computed except during the initial 
phase of the entry and during any ballistic lob . If the spac e
craft is returning from a low altitude orbit , the PHASE 
SELECTOR will be set so that only the BALLISTIC PHASE and the 
FINAL PHASE are used . 

The NAVIGATION section calculate s the inertial positon and 
velocity of the vehicle by using simple numerical integration 
techniques .  The measured acc elerat ion is combined with a 
c alculated gravitational acceleration and then is used in the 
equations of motion . 

The TARGET DATA section c alculate s  the distance between th e 
pos ition of the spacecraft obtained by the NAVIGATION section 
and the inertial position of the target at the estimated time 
of arrival . The inertial velocity of the spacecraft is used 
until the velocity becomes les s  than approximately one-half 
the circular velocity at an altitude of 300 , 000 feet altitude . 

The PHASE SELECTOR directs the logic to the section which is 
concerned with the phase of t!1e entry that the spacecraft is 
in at that time . Initially, the PHASE SELECTOR will direct 
the logic to the INITIAL ROLL section or to the BALLISTIC 
PHASE s ection . The correct path will depend on whether the 
spacecraft is returning at near parabolic velocity or at near 
c ircular velocity . 
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During the initial phase  of entry, the bank angle is held 
constant until the drag exceeds 2 g ' s .  At this time the 
vehicle is rolled to a zero-bank angle which is held constant 
until the second phase is entered . The s econd phase is 
entered when the altitude rate is greater than - 700 feet per 
s econd . 

The s econd phase  is  the heart of the Apollo entry guid ance 
system .  This section inclues the logic whi ch will decide 
the trajectory which will be flown in order t o  reach the 
target . There are three paths which the logic may follow 
after this s ection . The three paths are to th e CONSTANT 
DRAG section ,  to the UP CONTROL section , or t· ) the FINAL 
PHASE section .  If the predicted exit veloci'�Y i;,; greater 
than the circular velocity or the predicted range capability 
is greater than the actual range plus 25 nautical mile s ,  tte 
CONSTANT DRAG section is  used . The second ph a s e  will be 
reentered during the next computation cycle '.-lh i c ll is two 
seconds later . The logic will be directed t o  th · �  FINAL PHASE 
whenever the predicted exist velocity is le s s  than 18 , 000 
feet per second . The UP CONTROL s ection is ent e r e d  only 
when the difference between the predicted range to the target 
and the range of the calculated traj ectory is le s s  than 25 
nautical miles . 

The CONSTANT DRAG section attempts to guide the spacecraft 
along a constant ac celeration path . The value of the 
acceleration is  calculated the first time the second section 
of the guidance logic i s  entered . 

The UP CONTROL s ection attempts to guide the vehicle to the 
c alculated exit conditions . ·  The guidance system continues to 
use this s ection until the drag becomes les s  than some arbitrary 
value or the altitude rate becomes negative . If the drag 
falls below this  arbitrary value , the guidance logic enters 
the BALLISTIC PHASE s ection .  If the altitude rate becomes 
negative first ,  the FINAL PHASE section is  entered . 

During the ballistic lob , the BALLISTIC PHASE checks for 
the start of the final phase  of the trajectory . The attitude 
of the spacecraft is  controlled during the ballistic lob so 
that the sideslip is zero and the spacecraft i s  trimmed about 
its nominal angle of attack . 

The FINAL PHASE s ection use s  a stored table of values to 
attempt to steer the vehicle along a reference trajectory to 
the target .  The steering command of the FINAL P}ffiSE will be 
modified by the "G" LIMITER whenever the drag is greater than 
5 g ' s .  The bank angle will be decreased in an attempt to 
keep the drag level below 10 g ' s .  
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The output command of the CONSTANT DRAG , UP CONTROL, and 
FINAL PHASE s ections is a value of L/D . The commanded roll 
angle is determined by the ratio of the commanded value of 
the L/D to the maximum value of the 1/D . 

The LATERAL LOGIC section is used to decide to which side of 
the vertical plane the vehicle should be rolled . Basic ally, 
the vehicle is rolled toward the target . To avoid a large 
number of roll reversals , there is a deadband built into the 
logic . That is , lift may be directed away from the tar8et 
if the predicted landing point is within limits .  This limit 
has arbitrarily set at on-half the lateral range capability . 

The final section of the guidance logic is  the ROLL COMMAND . 
This section selects the direction of roll which will re sult 
in the shortest angle to be travelled .  The command from 
this se ction is  then transmitted to the reaction control system. 

The entry of a spacecraft at near parabolic velocities presents 
a number of sources of danger to the crew . The chief dangers 
are excessive accelerations and exiting along a trajectory 
which would exceed the lifttime of any of a number of onboard 
systems such as l.ift support , power , and attitude control fuel . 
It i s  desirable to have an independent and reliable system 
for monitoring the primary guidance system. 

The entry monitoring system (EMS ) must be sufficiently 
accurate to detect impending unacceptable traj ectory characteris
tics such as excessive accelerations or an uncontrolled atmos
pheric ship in sufficient time to prevent their occurrence . 
The EMS must not unnecessarily restrict the performance of the 
primary guidance system and it must be at least an order of 
magnitude more reliable than the primary guidance system. 
Obviously something must be relinquished in order to achieve 
a more reliable system. In this case the capability for 
p recise range control is  lost but the system is s till capable 
of gross range control . 

The EMS is currently envisioned as consisting of four basic 
parts :  

(l) An entry threshold indicator 

( 2 )  A corridor indicator 

( 3 )  A bank indicator 

(4) A flight monitor 
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The entry thr eshold indi c at or i s  an on-off s ignal that i s  
ex cited when the s en s ed a c c el eration i s  gr eater than s ome 
nominal value . The corr idor indic ator cons i s t s  of two 
s ignals which ar e u s ed to indicate whether the entry is at 
the t op or the bottom of the c orridor . The signals r e sult 
from c omp ar ing the s ens ed a c c eler at ion to a nominal mid
corr idor value at a d i s crete time int erval aft er th e thr e shold 
indic ator is turned on . Th e back attitude indicator i s  a 
met er which indi c at e s  angular rotation about t he approximate 
s t ab ility axe s . 

The fli ght monitor in the Apollo vehi cle i s  a r ec t ilinear 
plott er whi ch pr e s ent s a tra c e  o f  the var i at ion o f  total 
acc eleration w ith the v eloc ity of the vehicle . The a s tr onaut 
comp ares thi s  tr ace with informati on which i s  pr e s ented on 
the fac e of the plotter . Figure 34 show s  a simple v er s ion 
of the information which is pr es ent ed . Two familie s  of curves 
ar e pr e s ent ed on the plott er . 

One family s erv es to indicate if the acc eleration limit i s  
b eing exc eeded and the s e c ond family i s  u s ed t o  warn of an 
uncontrolled skip from the atmospher e .  The high g lines ar e 
o f  int er e s t  only i f  the vehi cle i s  not at aero b ank angle . 
Whenever ther e  i s  a danger o f  exc e s s ive ac c elerat i on s  the 
v ehi cle should b e  rolled to a z er o  b ank angle . 

The s econd family of curve s  are the mo s t  import ant s ince the s e  
ar e u s ed to prevent an uncontrollable skip . For every c om
binat ion of the a c c eler ation and the veloc ity there exi s t s  a 
limiting rate at which s a f e  atmospher i c  exi t s  c an be mad e .  
If the flight tra c e  i s  c ompared t o  a s et of rays v1hi ch emanat e 
from approximat ely z er o  g and an exit v eloc ity whi ch i s  less 
than the loc al c ircular orbital velo city, a s afe limit ing 
rate c an be def ined by t angency of the a ctual flight tra c e  
and the r ay .  Or iginally, t h e s e  r ays were str ai ght lines such 
as shown in Figur e 34 , but it was found that there are t imes 
that the flight monitor would ind i c at e  a failur e err oneously .  
Thi s defic i ency has b een par t i ally ov er c ome b y  redefining the 
r ay s  as curved lines and by shaping the entry traj ector ie s  s o  
that a violat ion o f  the t angency cri t er ia wa s more r eadily 
d i s c ernable . 

LEM GUillANCE AND CONTROL 

Figur e  35 shows the LEM guidanc e and control sys t em .  This i s  
�uite s imilar to the Command Module sys t em ,  although the 
nomenclature is different . Ther e  ar e four maj or elements 
s hown : 

(l ) Guidanc e and navigation sys t em 

104 



( 2 )  Stabilization a nd control system 

( 3 )  Reaction control system (attitude jets )  

(4 )  As cent and descent engines 

The LEM G&N system has a landing radar and either a rendezvous 
radar or an optic al tracker system' for rendezvous purpose s . 
The computer is the central data processor as shown . It 
receives data from the radar , DKSY , Alignment Optical Telescope 
(AOT ) , and the inertial measurement unit . Other inputs to the 
LEM guidanc e computer are from the attitude controller (which 
is the control stick used by the astronaut) and the throttle 
command . The computer drives either the ascent or the descent 
engines and the reaction control j ets . 

If the computer or the G&N system fails , the attitude controller 
and the throttle operate via the stabilizat ion and control 
system to drive the ascent and descent engines . Either the 
stabili zation and control system or the G&N system is used to 
provide attitude information on the FDA! ( flight director 
attitude indicator) which is a gyro horizon .  In the event the 
primary G&N system fails , the system also has an abort guidanc e 
system whi ch is used to effect safe recovery into a rendezvous 
trajectory . 

Figure 36 shows a more s implified block diagram of the LEM 
stabilization and control system showing the flow of attitude 
data,  range data ,  timing , engine commands , and other informa
tion required for control , guidance and navigation . 

Figure 37 is the current configuration of the LEM cockpit .  
The two windows , one for the command pilot and one for the 
pilot , can be s een to the right and left . The two FDAI ' s  
( "8-balls " )  are in the center of the instrument panel . 
Immediately above the FDAI ' s  are pointers which indicate 
translational velocitie s ,  the delta V counter , throttle 
s etting indicator , and propellant quantity gages . In the 
upper portion of the panel are main propulsion system and 
environmental control system control switches and indicators . 
Between the FDAI ' s  are various subsystem control switch, 
vertic al velocity indicator and thrust-to-weight ratio indica
tor . 

The lower console in Figure 37 contains control switches and 
indicators for the stabilization and control system, power 
generation system, and cryogenic storage . At the bottom 
center of the lower console is the DSKY which provides a 
communications link between the astronaut and computer . 
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Let us look now at some of the gros s  features of the traj ectory 
from lunar orbit to the lunar surface .  This  phase  of the mis s ion 
will be discus s ed in gr eater detail later in thi s  symposium. 
Figure 38 shows  this tr ajectory . The Command Module , Service 
Module , and LEJ'-1 are in.it:ially in an SO-mile c ircular orbit 
around the Moon . 1�e velocity of this orbit is approximately 
6000 feet per second and the period is  about two hours . This  
means that the spacecraft are hidden from the Earth about one 
hour out of every t1w hours . The operation of t�1e onboard 
guidanc e and control system is important durine; the s e  periods . 

At such time as the vehicle reaches the proper point for lunar 
entry, an impulse  of approximately 100 feet per second is  applied 
by the descent engine . The descent tr aj e ctory i s  a Hohmann 
tr ajectory. After the vehicle has travers ed 180° around the 
Moon , it reache s a r1erilune of about 5 0 , 000 feet . The tr ajectory 
is monitored by the astronauts in the LEM tr acking the Command 
Module and by checking out the landing r adar . It is  also monitored 
by the astronaut in the Command Module who t r a c k �; the LEM through 
the Command Module optic al sys tem .  Additionally , the earth-based 
ground tracking system tracks both vehicles . 

The next phase  of the landing maneuver is mmm in Fi gure 39 . 
This  covers a dist .3nc e  of about 240 I'liles acros s the lunar 
surfac e .  Durin[; thi s phase  the vehicle proc eed:-;  from an alti
tude of  50 , 000 dmm t o  an  altitude of about lO , ·JOO feet . Eere 
the LEM descent ene;inc has been on for a period r:d '  about 450 
seconds . After completion of this phas e the vehicle enters a 
point known as "high-e;ate . "  

Figure 40 sh01•1 S the " constant attitude " pha se  of the mis s ion . 
This is  the phase  of the mis s ion from about 10 , 000 feet down 
to approximately 5 00 to 1000 feet . Dur inc; th i :-;  T1hase  of the 
mis s ion the de s c ent engine is  throttle b a ck to aLJout 5 CP/o  and 
the vehicle i s  pitched up into an attitude o �  about 35° to 45° 

�with respec t  to the hor izontal .  During thi s Jlhu s e  of the 
mi s sion the astronaut is  surveying his lanrl ing site out the 
1·1 indow . 

One of the intere sting problems assoc iated 'd i  th the lunar 
landing is  that of visib ility. If the sun angle is  parallel 
to the tr aj ectory path , i . e . ,  if the sun is behind the 
astronaut , it tends to "-vmsh out" the landing area such that 
he cannot dis cern characteristic s of craters , e t r � . It i s  
much like the refle ction o f  the sun shining on the ocean . 
Therefore ,  the sun Hill be  placed at such an angle ac to be 
some1-1hat different from the angle of the landinc: traj ectory 
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or else the astronaut will be requj red to make a dog-leg into 
a landing to a site which he can survey carefully off to the 
s ide . This problem is discussed in greater detail in another 
paper in this symposium . 

After the astronaut proceeds  to the "low-gate "  point at 700 to 
lOOO feet , he takes over control of the vehicle manually . He 
flie s to an altitude of about lOO feet , at which time he nulls 
out all accumulated drifts in the platform with the aid of the 
landing radar . He is then in a position to make an instrument 
landing or a visual landing depending upon the degree of 
obscuration of his vision by a cloud of dust which might be 
created by his engine plume . 

If the astronaut should land 1·1 i th too great a horizontal 
velocity or if he should begin to tip over into a crater , he 
can abort the miss ion as lonS as he act s  before the vehicle 
exceeds an angle of abou t 45 measured with respect to the 
vertical .  S imilarly , if the bearing strength of the lunar 
surface is of such a nature as not to support the vehicle and 
he notices  that the vehicle is s inking , he can pre s s  a button 
c: an abort the mis sion . C r:msiderable redundancy and safety 
has been built into the vehicle characteristic s  and into the 
landing traj ectory to provide for pilot safety . 

RELIABILITY 

In Apollo, two reliability criteria are applied in system 
design and in mis s ion planning . One is associated with crew 
s afety and the other is  associated with mis sion success . 
Figure 4l shows the reli ability diagram of the navigation and 
guidance system and the control sys tem from a crew standpoint . 
In the navigation and guidance system, the onboard system and 
the ground system are m parallel paths . The ground system 
consists of the Mis sion Control Center, communications systems , 
and the tracking network. The onboard system consists  of 
the Apollo Guidance Computer , the optics telescope , and the 
inertial measurement unit . 

In the control system there is even greater redundancy from the 
crew safety standpoint . The computer and inertial measurement 
unit are connected in parallel with the body-mounted attitude 
gyros and accelerometers . Also in parallel are the sextant 
and scanning tele scope operating automatically or manually 
and dual thrust-vector control electronic s  and dual reaction 
control jet  electronics . 

The mis sion criteria for crew safety i s  such that if  sufficient 
equipment malfunctions have occurred that one more malfunction 
of any kind would endanger the crew , then at that point the 
mis sion should be aborted . The realiability numbers arc such 
that we can expect potential danger to one flight crew in 200 
missions . 
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Figure 42 shows the mission success block diagram. In this 
block diagram, there are series connections of the guidance 
and control system rather than the parallel paths shown in 
the crew safety diagram. The probability of mission success , 
of course , is somewhat less than that for crew safety. 
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QUESTIONS AND ANSWERS 

Speaker : Dr . Robert C .  Duncan 

No questions 
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DETAILED MISSION PLANNING CONSIDERATIONS AND CONSTRAINTS 

LAUNCH THROUGH EARTH ORBIT INSERTION 

The purpose of this pa;per is to present the various constra ints 
that affect the Lunar Mission planning , primarily in the form 
of trajectory shaping and the limitati on to launch opportunities . 

Trajectory geometry constraints and spacecraft performance 
capability combine to limit the accessible area on the moon . 
Accessible area limitations combine with operat ional constraints 
to  limit launch opportunit ies to certain specifically defined 
periods .  To understand the mission planning considerations and 
to appreciate the effects of the various constraints , one must 
closely examine the trajectory characterist ics . In this paper 
an attempt is being made to explain the interrelation of con
stra ints and traject ory shaping . Unfortunately ,  the explanat ion 
becomes quite detailed for some phases of the mission ,  but this 
is considered necessary in order to obtain an understanding of 
the interrelat ion .  

We will begin with the launch and work through the mission ,  ·phase 
by phase . This paper will not describe every traject ory shaping 
considerat ion .  It will only hit the highlights and discuss the 
more significant considerations--those that have a maj or effect 
on mission planning and the determination of launch windows . 

LAUNCH PHASE 

The m ission planning considerat ions of the launch phase of the 
lunar mission are primarily related to launch "windows" , booster 
performance , and contingency plann ing . Launch windows are de
fined for two different time intervals . A "daily window" has 
a durat ion of a few hours during a given 24-hour period . A 
"monthly window" consists of a few days during a given month 
or lunar cycle . The daily window is continuous from opening 
to closing ; but a monthly window may have gaps . For example , 
a monthly launch window may cover a 7-day period , but a daily 
window may not exist for some of the intermediate days . A 
description of the factors that define the launch windows will 
be presented later in this session . For now,  only the effects 
on the launch phase , of providing a window will be considered. 

It is obvious that for operational flexibility it is highly 
des irable to  have as large launch windows as possible , both 
daily and monthly . A daily window allows delays or holds in 
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the c ountdown . The miss ion would not have to  be rescheduled t o  
another day if the window was larger than the cumulat ive delay 
or hold time s . A monthly launch window allows the mis s ion to 
be quic�ly rescheduled . If the daily window were mis sed , the 
mis s ion would not neces sarily be delayed f or a month . 

Although the duration and frequen,cy of holds is  strongly depen
dent on the actual vehicle , s ome est imation of the expected 
holds can be  obtained from his torical data . This data shows 
that for programs employing the Atlas , Ti tan , and Saturn launch 
vehicles only in rare cas es  was a hold of greater than 2 hours 
followed by a successful launch . Thi s  indicates that a 2 hour 
window should be adequate . If the hold exceeded 2 hours , the 
mis s ion probably would have to be scrubbed an�ray . 

For the lunar mis s ions , daily launch windows require changes in 
launch az imuth ; the larger the daily window ,  the larger is the 
required az imuth change . The mechanism by vrh ich var iable az i
muth provide s launch windows , will be des cribed in the translunar 
inj ect ion phas e .  For now , let ' s  as sume it is required . The 
limitations t o  the launch az imuths that can be us ed ,  are bas ed 
on cons iderations or range safety , booster performance and 
ins ertion track in8 requirements .  

Range Safety- - In the early days of the lunar miss ion planning , 
the range safety limits were defined as 72° and 108° ; howeve r ,  
there is s ome indicat ion now that thes e  could b e  increased if  
neces sary . The primary concern of  these  ran8e safety limi ts 
is to keep the space vehicle on the range follmring any aborts 
during launch . 

Booster Performance--A  90° launch az imuth take s maximum advan
tage of the earth ' s  rotat ion in achieving orbi tal veloc ity . As 
the az imuth is  shifted away from 90° , the b ooster performance 
requirement s  are increased , or its  payload capab:i lity is decreased 
as indicated in Figure l .  The Saturn vehicle is capable of pro
viding lunar mis s ion payloads f or launch az imuths beyond the 
72° to 108° range ; however ,  its  flight performance reserves are 
drastically reduced . For this reason , the mis s ion will be 
c onstrained to  these  launch az imuth limits .  

Insert ion Tracking-- There is  an operat ional requirement to  
track the space vehicle from orb i t  insertion to  at least  3 
minutes following insertion in order t o  make a GO/NO-GO 
dec is i on .  Since the Apollo space vehicle is inserted into  
orb it some 1 , 400 n.  mi . downrange ,  a ship is required to  pro
vide this tracking . The ship speed is relat ively s low compared 



with the launch az imuth change during a launch w indow ,  and i t  
cann ot keep up with the chang ing ground t rack . Thus the t rack
i ng c ove rage d ownrange afforded by one s h ip l imi t s  the range of 
usab le launc h  az imuths t o  26° as shown i n  Figure 2 .  A 26° range 
in usable laun c h  az imu ths anywhere b e tween the max imum values 
of 72° to 108° provide s at leas t a 2 . 5  hour da i ly w indow . The 
cho i c e  of whe re the 26° range is located w i th in the max imum 
bounds i s  le f t  up t o  the mi s s i on ·planne r , and is bas ed on s uch 
things as max imi z ing spac e c raft fue l r e s e rve , MSFN tracking 
c overage , launc h  window durat i on ,  and providing a daylight 
laun c h . 

Another c on s t ra int on the launch pha s e  mi s s ion plann ing i s  the 
monthly launch win dow .  A mon thly launch window a llows the 
mis s i on to b e  re s c he duled as s oon as pos s ib le in cas e i t  is 
"s crubbed" for any r eas on for a g iven day or in case a hold 
extends beyond the dai ly window .  It also a llows s ome f lex i
b i l i ty in the in i t ia l  p lann i ng of the laun c h  day . 

How mon thly laun ch w indows ar e ob taine d and the i r  l imi tat i on s  
other than veh i c le syst ems i s  t h e  s ub j e c t  o f  the res t o f  this 
s e s s i on .  Af ter d e s c r ib ing the var ious c on s t ra in ing con s idera
tions dur ing the re s t  of this talk we w i ll c ome back to th i s  
par t i cular s ub j e c t . For now ,  we w i ll d i s c us s  only the effect s 
of veh i c le r e cycle charac t er is t i c s  on the requ irements and 
limi tat i on s . 

The min imum turnaround t i me ,  or the s pace veh i c le recycle t ime , 
i s  a maj or fac t or in d e f in ing the min imum a c c ep tab le dura t i on 
of the mon th ly launch w indow .  S t ud i e s  f or NASA Headquarte rs 
by Bellcomm have ·prov ided s ome s igni f i can t  data that has been 
us ed to deve lop the minimum launch w indow phi los ophy . The 
mos t important charac t e r is t i c  is the min imum re cyc l e  t ime f or 
the spa c e  vehi c le , s hown in Figure 3 .  

If the mi s s i on were s crubbe d  after the c ountdown had reached 
T - 6 h ours , the min imum t ime to r e cyc l e  i s  in exc e s s  of 30 
hours , and i s  as long as 40 hours a t  T = 0.  Thus , a min imum 
window required t o  guarantee a r e cyc le capab i lity is 3 days . 
Thi s does n ot allow any add i t i onal t ime f or repai r s  or r ep la c ing 
c omponents . If this a c t ivity c ould not be don e  in paral l e l  
w i th the recyc l ing , 3 days would n ot b e  s uff i c i e nt . Therefore , 
a w indow of only 3 days dura t i on i s  not de s irab le , but i s  a 
mlnlmum . In order to allow t ime for repa i r s  and s t i ll make 
the mon thly launch w indow ,  it s hould b e  as l ong as pos s ible . 
The Bellcomm s tud i e s  ind i cate that the p r obab i lity of a 
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s uccessful launch is between 85% and 90% if a 3-day window is 
available ,  and that this increases to about 95% if the launch 
window is of 5-days duration . Based on this data , the lunar 
landing mis s ion is  being planned only for those periods when 
at least a 3-day window exists , and every effort is being made 
to provide 5-day windows . 

One final cons ideration in the launch phase is the des irability 
of a daylight launch . There are three reasons which make a 
daylight launch highly des irable--they are all concerned with 
contingencies . 

Aborts off the pad- -The recovery of the crew in the 
Merritt Island area would be complicated if it had to  
be  performed under conditions of darkness . 

Aborts later in the launch require attitude maneuvering 
of the S/C , and it is des irable to have a sunlit horizon 
as a backup attitude reference .  

Finally , it is des irable to have photographic coverage of 
the boost phase for post-flight analysis , if a catastrophic 
failure occurs . 

Based on thes e  three cons iderations , every effort will be made 
to provide for a daylight launch , although the mis s ion will 
not be constrained to daylight launches only. 

EARTH PARKING ORBIT PHASE 

Earth Parking Orbits are required in order to provide launch 
windows of reas onable duration .  Direct lunar inject ions are 
pos s ible ; however ,  the launch windows are unacceptably small . 

The only maj or cons ideration in the earth orbit phase is the 
duration-- or the number of earth orbits . The parking orbit 
duration is bounded by s·pace vehicle sys tems considerations . 
The maximum durat ion is 4 . 5  hours from orbit insertion to 
the beginning of injection and is  limited by the launch vehicle 
capability to provide att itude control and by the battery life
time . This allows up to  three parking orbits prior to the 
second S- IVB burn . There are other cons iderations in limiting 
the parking orbit  duration , although they are not "hard" con
straints . The S-IVB propellant boil- off and inertail platform 
drift make it des irable to inject as s oon as pos s ible . 
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The mllllmum dura tion of the earth ·parking orbit phase is 
limited by the t ime required to perform system checks and 
realign the spacecraft platfonn. Crew t imeline analys is 
indicates that th is will require at least 1 . 5  hours . 

There is also a minimum network coverage requirement that 
states that two tracking stations and a c ommand station must 
be passed before the GO decision for the second S-IVB burn ; 
however , this is always accomplished in the first orbit . Thus , 
there is a 3-hour period from 1 . 5 to 4 . 5  hours after orbit 
insertion in wh ich the translunar injection can occur . Th is 
means that the inj ection must occur on the second or third 
orbit .  Figure 4 illustrates the ground tracks for three 
earth orbits for a typical launch az imuth . The solid line 
indicates that part  of the orbit on which a translunar 
injection c ould occur .  

TRANSLUNAR INJECTION 

The translunar injection position is rig idly constrained by 
·performance considerations . The geometry of the moon 's orbit , 
the energy requirements of the earth to moon transfer trajec
tory , and the necessity of efficiently burning the S-IVB pro
pellant all combine to  place very t ight restrictions on the 
location of th is maneuver .  An attempt will be made in this 
sect ion to show how these considerations are interrelated , 
and how this injection pos ition is determined . It is somewhat 
involved and will take considerable explanation . 

First , let ' s  look at the transfer energy c onsiderations . In 
order to  arrive in the vic inity of the moon , the s·pacecraft is 
"aimed" at a position where the moon will be at the t ime of 
arrival as illustrated in Figure 5 .  In order to  accomplish 
th is "rendezvous" with a minimum expendature of propellant ,  
the injection must occur very close to the extension of the 
earth-moon line at the t ime of arrival . Thi s  negat ive of the 
unit vector of the moon 's pos ition is called the moon 's anti
·pode . S omething closely akin to a Hohmann transfer is what is 
being strived for . 

This minimum energy trans fer would place the perigee on the 
antipode if the moon ' s  mass did not perturb the trajectory . 
However ,  the moon does ·perturb the traj ectory , as shown in the 
figure , and the perigee mus t lead the ant ipode by approximately 
8° to c ompensate . The apogee altitude o f  t h e  osculat ing c onic 
trajectory is determined by t rans lunar flight t ime which defines 
the traj ectory energy require d .  
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To in j e c t  to the moon in the mos t efricient mann e r , an impuls ive 
ve loc i ty would be added alon g  the orb i tal veloc i ty ve c t or ,  g iving 
an i n j e c t i on at perigee of the t rans lunar con i c . S in c e  an impul
s ive add i t ion of ve loc i ty is n ot p os s ib le , a f in i t e  b urn t ime i s  
requi re d , and the ac tual in j e c t ion pos i t i on i s  o n  the order of 
20° ahead on the an t ipode . The thru s t  i s  directed approx imately 
along the ve locity ve c t or , and as the speed in c reas e s  above 
orb ital , the alt i tude and f l i ght-·pa th angle increas e .  For the 
Apollo con f i g urat i on , by the t ime a s uffic ient energy increas e 
i s  real i z e d ,  the alt i tude in creas e s  60 n .  mi . ab ove the orb i t  
and a pos i t ive f l ight-path angle o f  6° t o  7° has b e en gained . 
S in c e  the c on i c  traj e c t ory i s  very n ear ly parabolic ( e c c en t r i c i ty 
� . 97 ) , the true an omaly i s  approx imately e qual t o  twi c e  t:'!e 

f l ight- path ang le , s o  p e r ig e e  i s  a·pproxima t e ly 12° to 14° beh ind 
the b urn cut- off pos i t i on .  The burn arc i t s e l f  i s  25° ,  s o  that 
ign i t i on always occurs with in a few degr e e s  CJf the ant ipode . 

The preceed ing d i s c us s i on has shown that the i n j e c t i on pos it i on 
i s  ve ry c los e ly r e lated t o  the moon ' s  ant ipode . To g o  to the 
moon effic i en tly the spac e craft mus t in j e c t  n ear i t , s o  that 
we mus t n ow addre s s  t he p roblem of gett ing to the ant ip ode from 
the launc h  pad at the Cap e . 

The ant ipode , b e ing a uni t  ve c t or from the c e n t e r  of the earth 
in the direct i on n egat ive to the moon ' s  p os i t i on ,  ::1ove s a s  the 
moon trave ls in i ts orb i t .  The launc h  pad is rotat in g with 
the eart h ,  and b oth of the s e  mot ions mus t b e  c omp ensated f or 
in order t o  rendezvous with the ant ip od e . I t  i s  c onvenient t o  
d ivide the de s c r ipt j on o f  t he an t ipode movemen t s  i nt o  two 
categor ie s - -a l ong per iod cycle and a s hor t per iod cyc le . 

The long per i od cyc le i s  due t o  the moon ' s  orb i tal trave l ab out 
the earth . Figure 6 w i ll be us ed to i llus t rate t h is e ffect . 
As s ume that the earth i s  a f ixed , mo t i on le s s  sphere and i s  not 
rotating about its ax i s . The moon ' s  orb i t  plane cuts th i s  
sphere a s  shown . As the moon revolve s ar ound t h e  earth , i t s  
an t ipode would t race a great c i rcle in t h i s  p lane around the 
s ur fac e . Note that the d irect i on of trave l is f r om vle s t  t o  
Eas t .  The orb ital pe r i ocl i s  s ome 28  days , an d U J U s  a t  the 
end of this t ime the ant ipode would b e  back whe re it began , 
trave l ing at the rat e of about 0 . 54 °  per h ou r .  Tr1e lat i t ude 
of the an t ipode would have a t i me h i s t ory s i r.1i lar to that 
shown in Figure 6 .  

The s hor t pe r i od mo t i on of the an t ipode acros s t l , e  s urface of 
t he earth is due to the earth ' s  rotat i on .  To j l lus t rate t h i s  
i t  i s  a s s umed that t h e  moon i s  f ixed a t  s ome pos i t i on in i ts 



orb i t , and the e arth i s  now allowed to rotat e  about it s polar 
axi s . The anti pode travel i s  illustrat e d  in figure 7 .  In 
thi s c as e  t he lat i t ude i s  constant and t he longit ude change s 
from East to We s t  at 15° per hour . The c omplete picture o f  
t he ant ipode t r avel ac ros s the e art h ' s surface i s  obt ained b y  
c omb ining t he long per iod and t he short peri od mot i ons . The 
l at i t ude var i e s  s inusoidally with t ime with an amplitude of 
28 . 5° ( in 1968 ) and a period of 28 d ay s . The longitude var i a
t ion i s  at a ne arly linear r at e  of 14 . 5° per hour . 

The laun c h  mus t  o c c ur at a certai n  t ime for e ac h  launc h azimuth 
in orde r to i ntercept t he ant i pode . Thi s  c orre c t  laun c h  t ime 
i s  defined by t he anitpode ' s  po s i t i on , the t ime int e rval from 
laun c h  to arr ival at t h i s  po s i t i on , and the ant i pode travel 
dur i ng this t ime i nt e r v aJ . Figure 8 i llustrat e s  thi s  problem . 
Con s i de r  an i nert i al ��phere of r adius e qual t o  t he e arth . 
A trace o f  the launch pad c,r q,vel as a function o f  time on thi s 
sphere i s  repre s ente d by a fixe d  lat i t ude c ompletely e nc ircling 
t h e  sphere . The .l aun c h  pad c omplete s one revolut i o n  per da:,r . 
T he t race o f  t he ant iporl e i s  e;i ven by the int e r s e c t i on of t:10 
moon orb i t  plane and t he sphe re . The ant ipode c omplete s  a 
r evoluti on every 28 d ays . The launc h  at any given azimuth 
must be t ime d so that the i ne r t i al plane of the re s ult i ng 
orbit contains the ant i poo� at the t ime the space vehic le 
cros s e s  the moon orbi t  plane . Later launc h  t i me s  r e quir e  
gre at e r  launr:: h  az imut h s . I f  add i t ional parking orb i t ;c; art: 
r e quired , the launc h  must o c c ur l at e r  t o  ac c ount for t he add i 
t i onal ant ipode travel .  For e ac h  360° t ravel o f  t he launcr1 
pad ,  there are two l aunc h  t ime s for e ac h  az imut h which allow 
inte r c ept ion of t he ant i pode . Thi s  i s  b e t t e r  i llus trated i n  
f igure 9, whi ch s hows t he s ame s it uat i on i n  e arth- fixed 
c oordinat e s . 

In t h i s  f i gure , the launch pad i s  now fi xed , and the ant ipo de 
trave J s r ap i dly over the sur face o f  the e arth .  The anti pode 
pos i t ion i s  s hown at four di fferent t ime s dur i ng the day ,  
c orre s ponding t o  the pos i t i on s  at i nt e r c ept for 72° and 180° 
launch azimuths . The launch must be t imed so t hat t he ve hicle 
intercep t s  t he moving anti pode . The t ime r e quired for the 
ant ipode to t r avel from t he ir,t e r r' eptj on of the 72° launch 
az imuth tra,j e c tory define s t he launch window r] ur at i on . T he 
int e r s e c t ion of the MOP i s  drawn i n  for e ac h  po�i t i on . This 
figure s hows how two d i f ferent launch t ime s for one d n � mv t h  
c an provide i nt e r cept with the ant i pode . One provides  in
j e c tions going s outh over t he Atlant i c  Oce an and the othe r  
prov i de s  inj e c t ions going nort h  over t he Paci f i c  Ocean .  For 
t he d ay i llustrat e d  in thi s fi gure , the Atlant i c  i nj e ct ion 
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gives a tra j ectory that is nearly in the moon ' s orbit plane, 
and the Pac i fi c  inj ection results in a t ra j e ctory that i s  
highly inclined to the moon ' s  orbit plane . Hal f  a lunar 
cycle later, the Pa c i fi c  inj ection would be highly inclined . 
The magnitude o f  thi s  relative inclination depends on the 
lunar dec l ination and i s  a maximum when the moon i s  near the 
equator . When the moon i s  near maximum dec l inat ion, both 
w indow s provide traj ectorie s  w ith low relative inc linations . 

It is of spec ial s igni ficance that the Pacific inj e ction always 
result s in a tra j e ctory above the moon orbi t plane, regardles s 
o f  the moon ' s declination or whether it i s  ascending or de s cend
ing . Th i s  e ffects the relative lo cation o f  avai lable landing 
a reas on the moon from these two inj ection wi ndows .  This 
effect w i ll be des c ribed later . 

It can be seen that when the launch az imuth bounds are defined, 
the proper launch time can be found, allow ing for the number 
o f  parking orbits to be employed prior to inj ection . 

I f  for some reason the inj e ction o ppo rtunity were mis s ed, 
it could be attempted one o rbit later when the spa c e  vehicle 
again approached the anti po de . However, s ince the ant i pode 
i s  traveling in a plane that is not nec e s sar i ly the same as 
the vehi cle ' s  o rbit , a plane change would be requi red . This 
is illustrat ed in figure 10 . It can be seen that the antipode 
ha s traveled out of the parking orbi t plane when the vehi cle 
returns to the po s ition of inj ection . The magnitude o f  the 
out - o f- plane travel is dependent on the relative incl ination 
between the parking orbit and the moon orbit planes . The 
maximum value is about . 6° . Th i s  second inj ection would 
require a greater pro pellant expenditure by the S - IVB because 
of the plane change invo lved . If two inj ection oppo rtunities 
are to be provided, thP. launch would be time d so that both 
would require a plane chang e ,  becaus e this minimi zed the �ro 
pellant required .  The launch would occur a li ttle bit later 
so that the first time the vehicle cro s s es the moon orbit plane , 
the antipode h� not reached the parking o rbit plane . The 
s e cond time the vehicle c ro s s e s  the moon o rbi t plane, the anti 
pode has pas sed through the parking orbit plane . I f  three 
inj ection opportuui ti es are to be provi ded, the launch w ould 
be t imed so that the an tipode was in the parking orbit plane 
fur �e second one . 

Figure ll illustrates the effects o f  di fferent targeting methods 
on the characteristic velo city required to provide additional 
inj ection opportuniti es . Three cases are shown . The first shows 
additional �V re quired when the launch i s  timed for the first 
inj ection to be coplaner . The second and thi rd o ppo rtunities 
have large additional �V requirement s . 
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In the second case , the launch is timed to split the delta 
azimuth between the first and second inj ection opportunitie s. 
This would be used for two injection opportunities . 

In the third case , launch is timed so that second injection 
opportunity is coplaner . This method would be to provide 
three inj ection opportunitie s.  

The  penaltie s shown are only illustrative ; the actual value s  
strongly depend on relative inclination between the two planes.  

Because injection is  limited to  the second or  third orb it , 
only two injection opportunitie s are planned for 504 mis sion , 
and the second targeting technique is being used. 

The combination of launch azimuth limits , parking orbit dura
tion constraints , and the geometry of the moon ' s  orbit confine 
the location of the injection positions to two geographical 
areas. These areas are generally centered over the South 
Atlantic Ocean and the Pacific Ocean , and for this reason are 
dis tinguished by these names.  The bounds , as shown as figure 
12 , are defined by the fir st orb it for a 72° launch azimuth , 
the third orbit for a 108° launch az imuth , and the extremes 
of lunar declination. The are as shown in figure 12 contain 
all of the pos s ible inj ection pos itions. 

TRANSLUNAR COAST PHASE 

In this , the de scription will be confined to : the effects 
the trajectory inclination relative to the moon ' s - orbit plane ; 
the effects of the "free-return" flight plan , and its relation
ship to the lunar orb it insertion maneuver ; and finally a dis
cus sion of some alternative s to the free -return flight plan . 

The first point to be made in des criuing the translunar coast 
trajectory is in regard to the relative location of the tra
j ectory to the moon ' s  orbit plane . It was stated ear lie r 
that Pacific inj ections always re sult in translunar traje ctorie s 
from Atlantic inj ections are always below it as shown in figure 
13 . The amount of out-of-planeneb�  is a function of the moon ' s 
declination and whether or not it is ascending or de scending 
in its orb it . These parameter s influence the magnitu�e of the 
effects , however they do not change the general conclus�ou� . 

Following a Pacific inj e�tion , the spacecraft approache s the 
moon from above the moon orbit plane . This force s the traj ectory 
below this plane on the far s ide of the moon , where the lunar 
orbit insertion maneuver takes place. The resulting lunar 
orbit then is constrained to be approximately as illustrated 

141 



i n  figure 14 . A plane change during the orb i t  insertion can 
modify the result ant orientat i on somewhat , b ut the bas i c  con
clus i on can still be dr awn that to land at northern lat i t ude s 
on the front s i d e  of the moon , a Pac i fic inj e c t ion will result 
in lower propellaPt ros t s . Conver sely , At lantic inj ect ions 
favor the southern latitude s .  Thi s will be clear ly demonstr ated 
later when the ac C (" S s ible lunru:: are as are de fined . 

FREE RETURN 

One of the mos t  constraining requirement s of t he lunar landing 
mi s s ion is the fre e - return traj e ctory . It incurs sever limi 
tat ions to the are a  on the moon to whi ch Apollo mi s s ions can 
be conducted . Although it  i s  cost'ly in terms o f  spacecraft 
per forR'.ance re quirement s ,  the inherent safe ty ,�, · ature of a 
free return make s i t  a highly de s irable method of e;etting to 
the moon . 

A c ircumlunar fre e - return traj ectory , by de finit ion , i s  one 
whi ch c ircumnavi gate s the moon and returns to e arth as shown 
in figure 1 5 . The perigee altitude of t he return traj e ctory 
i s  of s uch a mag'1itude that by us ing ne gat ive l i ft the reenter
i ng vehicle c an oe prevented from skipping out of the atmo s 
phere , and the aerodynami c de ce llerat i on can be kept be low 
1 0  g ' s .  Thus , with a complete propul s i on system failure 
following the translunar inj e ction , the spac e c r aft would re
turn safely to e arth . 

The range i n  retur n  per igee altitude s that provide thi s feature 
i s  called the reentry corridor and i s  primari ly a function of 
the lift - to - dr ag rat io of the reentry v,rh i cle . For the Apollo 
vehicle thi s corri dor i s  approximately - 12 n .  mile s  centered 
around a 2 5  n .  mile altitude . The i n j e c tion velo c i ty accuracy 
required to achieve a free - return traj e ct ory i s  le s s  t han a 
tenth of a foot per se cund . Obviously , this  i s  we ll beyond 
the capab ility of any guidance system when the total 6 V  
i nvolve d i s  on the order of 1 0,000 fps . However , i t  i s  still 
valid to plan for a free - return traj e r tory , because thi s pro
cedure at le ast will minimize the � V re quirement s  to return 
to e arth should an SPS faj J ure o c c ur . In thi s s ituation , there 
i s  a good probabiJ i cy that the RCS c an provide the nec e s sary 
veloc ity corrections to overcome the inject ion error s . 

The free -return traj e ctory severe ly limi t s  the ac ce s s ible are a  
o n  the moon b e c ause of the very small var i ation in  allowable 
lunar approach condi tion s  and because the e nergy of the lunar 
approach traj ectory i s  relat ively high . The hi e;h approach 
e nergy cause s the orbi t  insertion 6 V to be relatively high . 
However , the main limi tat ions to ac ce s s ible area are a result 



o f  the small range in flight t ime s from e arth t o  moon . Figure 
16 illustrate s the e ffe ct o f  flight t ime on t he locat ion of 
per ilune . All free-retur n  traj ector i e s  have tran slunar tran s i t  
between 60 and 80 hour s , and it c an be s e e n  in fi gure 16 that 
perilune i s  limited to a region within about 10° o f  the negat i ve 
of the e arth-moon line or approximately 180° longitude . For 
non- fre e - return traj e ctorie s , the transit time c an be anything 
from 50 hour s to 110 hour s . 

Per ilune c ould be adj usted from 140° W longitude to 140° E 
longitude merely be sele cting the appropr i ate fli ght t ime . 
Thi s  narrow region of perilune pos ition of free -return tra
j e ctor i e s  comb ined with a small range of appro ach inclinations 
is what limi t s  the acce s s ib le are a .  

The relat ive inclination between the free-return traj e ctory 
and the moon orbit plane i s  le s s  than 11° . Any traje ctory with 
a gre ater inclinat ion than thi s , s imply doe s  not return to the 
entry corridor at e art h ,  regardle s s  of the perilune po s it i on . 
The range of free -return traj e ctory condit ions ne ar the moon i s  
illustrated i n  figure 17 . Note the relat ively small cone 
forme d by the locus of perilune po s itions . 

The braking maneuver to decellerate t he spac e craft from the 
hyperbolic approach traj e ctory t o  a lunar orb i t  i s  performed 
at or ne ar perilune . For illustrative purpo se s , it will be 
assumed t hat it occur s  at perilune . In order to lan d  at a 
site t hat i s  not contained by the approach traj e ctory plane , a 
plane change must be made . It i s  generally more e ffi c ie nt t o  
combine t h i s  plane change with t he de cellerat ion at orb it 
insertion . Whe n  the landing site is ne ar t he mode , however , 
an exce s s ive ly large plane change i s  re quired to c ause the 
traj ectory to pas s over the s ite . Thi s  i s  illustr ated in 
figure 18 . S ince the approach traj ector i e s  have low inclinations 
and orbit insertion oc cur s  ne ar the 180° longitude , i t  c an be 
seen that to c ause the lunar orb it to  pas s over sites at h i gh 
lat itude s i n  the region near 0° longitude large plane c hange s 
would be r e quired . The propellant c apac ity of the spacecraft 
limit s the magnitude of the plane c hange that c an be made . 

As was noted i n  the pre ce eding figure , there i s  a locus o f  
perilune po sitions ; i t  i s  not t hat there i s  not one focal point 
through whi ch all of t he traj e ctor i e s  must pas s ;  there i s  an 
area .  Thi s tends t o  relieve t he limi t at ions slightly , but t he 
fact remains  that a plane change at deboo st i s  relative ly 
ine ffective in  achieving higher lat itude s ne ar the zero longi
tude . Note also that as the landing s ite is  moved away from 
the 0° longitude , the plane change re quirement s  become muc h  le s s . 



If the orbit insertion were not made at perilune , the magni
tude of the plane change could be reduced in many cases  as 
illustrated in figure 19 . In this figure , two lunar orb its 
resulting from orbit insertion at two different pos itions 
along the approach hyperbola illustrated.  Both pas s over the 
landing s ite , and both could be acceptable . 

If the insertion was performed at per ilune , a much larger 
plane change would be required , so it appears that if the 
insertion were made pr ior to perilune , the 6 V re quired would 
be much le s s. However , there is an addit ional penalty associ
ated with this pre-per ilune braking due to the fact that a 
flight- path angle change must also be made . Figure 20 shows 
the in-plane geometry. If the deboost is performed at any 
pos it ion other than perilune , the velocity vector must not 
only be reduced , but it s direction must also be changed if 
we are to achieve a circular orbit . A flight-path angle 
change_ is j ust as expensive as an az imuth change were re quired . 
It is much more effic ient to make a small plane change and a 
small azimuth change than it is to make a large azimuth change . 
This trade -off is made in the miss ion traje ctory design to 
obtain the optimum combination . 

Another feature of this non-perilune deboost is that the re
sultant orbit altitude is above the perilune alt itude . The 
perilune must be reduced a certain amount in order to obtain 
the de s ired orbit altitude as illustrated in figure 20 . The 
exact amount of reduct ion depends on the true anomaly of the 
deboost maneuver , but in no case is a per ilune altitude of 
le ss  than 40 n .  mile s employed. 

S ince the free -return flight plan is so constraining on the 
acce ssible lunar area, parallel inve st igations o f  other techni
que s are be ing conducted.  The pr imary goal of these parallel 
inve stigations is to develop technique s that retain most of 
the safety features of the free return, but do not suffer from 
the performance penalt ies . An example of this type of mis sion 
plan is something termed a Hybrid Flight Plan illustrated in 
figure 21. The spacecraft i s  injected into a highly eccentric 
ellipt ical orb it which has the free-return characteristic ; 
that is , a return to the entry corridor without any further 
maneuvers. The launch vehicle energy requirement s are 
reduced,  and a greater payload (more SPS propellant ) could be 
carried.  Some three to five hour s after inje ct ion , after the 
SPS has been checked out , a mid- course maneuver would be per
formed by the space cJ.�aft to place it on a lunar approach tra
jectory . This lunar approach trajectory would not be a free 
return , and hence would not be subject to the same limitations 
in trajectory geometr y .  Landing s ites at high latitudes could 
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be achieved , with little or no plane change , by approaching 
the moon on a highly inclined traj ectory . This Hybrid Flight 
Plan offers large improvements in performance over the free 
return plan and still retains most of the safety features . 
The spacecraft does not depart from the free-return ellipse 
until the LM docking has been completed (providing a second 
propulsion system for returning to earth ) and then only if 
the SPS checks out O . K. 

One of the difficulties in flight planning the Hybrid mission 
is that the initial traj ectory is not ammendable to conic 
approximations . So much time is  spent milling around out 
near the moon that conics  or patched conics do not provide 
accurate simulations . It is  extremely important that rapid 
calculation procedures be available because of the large 
number of iterations required to " search in" or design a 
mission traj ectory . And if  all of this must be done with 
precision integrating traj ectory programs , the computer time 
become s excessively large . Work is  continuing in an effort 
to develop this Hybrid Flight plan capability . There are 
variations on this Hybrid Plan which look very promising , and 
these are also being investigated . 

A compari son of accessible area available for Hybrid and 
free-return flight plans is given in figure 22 . Only the area 
between 45° 

E and 45° W longitudes is shown , as this is the 
primary zone of interest . The area available with free-return 
trajectorie s is limited near the equator . While the area 
attainable with the Hybrid mission , which is essentially the 
same as that for a non-free-return mission , is much larger . 
It include s all of the area available with the free-return , 
and extends to much higher latitudes at the smaller longitudes .  

LUNAR ORBIT PHASE 

There are only two parameters of interest in this phase . 
These are the orientation of the lunar orbit and the number 
of parking orbits required . The orientation of the plane of 
the lunar orbit is selected to minimize the � V requirements .  
There are three maneuvers that must be considered in this  
optimization . 

The three maneuvers are : the lunar orbit insertion , the 
transearth injection , and a lunar orbit plane change performed 
by the SM during the LM stay on the lunar surface . 



The moon ' s  relatively slow rotat i on rate , c omb ined with the 
low orb it i nclinat i on s  re sult in a small out - of-plane moti on 
o f  the landing s ite . The LOI maneuver i s  planned so that the 
r e s ulting parking orb i t  plane cont ains t he landing s ite at the 
nominal t ime of landing , as illustrated i n  figure 23 . Po s ition l 
repre sent s  the loc at ion o f  the landing s ite at the t ime of lunar 
orb i t  i nsert ion . At the t ime of landing it  has rotated to 
pos it ion 2 .  

Dur ing the lunar surface s t ay ,  t he landing s ite continue s to 
rotate out - of-plane to po s i t ion 3 ,  and i n  orde r to reduce the 
LM maneuvering re quirement s ,  the SM make s a plane c hange 
maneuver prior to LM launc h .  Thi s maneuver i s  planned so  
that the landing s ite  is  in  the new parking orb it plane at 
t he nominal t ime of launch . 

The tran s e arth inj ection maneuver i s  performe d from thi s final 
parking orb i t  orientat i on and , in general , a plane c hange i s  
required . The SM performance r e quirement s are minimized by 
selecting the be st or ientat i on of the lunar parking orb it 
cons i st ant with the locat ion of the lunar landing s ite and the 
lunar s urface s t ay time . 

The number of parking orb it s  both pr ior t o  LM de scent and 
after rende zvous are dictated by crew proce dure t imeline s and 
MSFN tracking c ons iderat ions . After the LOI , three orb i t s  
are re quired for the crew to act ivate and checkout the LM. 
After rende zvous , two orb i t s  are re quired to pre pare for tran s 
e arth inj e c t ion . Thi s  allows suff i c ient tracking for orbit 
determinat i on by the MSFN . 

At thi s poi nt , the s e quenti al de script ion of the m i s s i on plan
ning cons iderations and constraint s by mi s si on phase will be 
i nterrupted . The traj e c t ory shap i ng parame ters have been 
de s c r ibed i n  suffi c ie�t det ail to show the e ffe c t  on launch 
opportuni t ie s . 

TorAL LAUNCH WIND OW CONSIDERATIONS 

The re are at le as t s ix maj or cons iderations  t hat in  one '"ay or 
anothe r limit t he t ime s at whi ch the Apollo lunar landing mi s s ion 
c an be launche d .  The ::;e constraining factors arc due to either 
the characteri s t i c s  of the moon ' s  orb it about t he e arth,  
operat ional re quirement s ,  or  spac e c r aft per formance c apab ility . 
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The constrai nt s are li sted below in the order they will be 
di s c us sed . 

1 .  Launch az imuth 
2 .  Light i ng condit ions at lunar landing 
3 . Lunar landing s ite loc at ion 
4 . Space craft per formance 
5 .  Daylight launch 
6 . Minimum number of launch opportunit i e s  dur ing a 

mont h 

LAUNCH AZIMUTH 

The me chani sm of the launch azimuth effe c t  on launch t ime was 
de scribed e arlier . It was shown that a spe c i fied launch azimuth 
and a spe c ified number of e arth parking orb i t s  de fined the 
required launch t ime that provided a rende zvous with the moon 
ant ipode . The fact that e i ther of two di stinct launch t ime s 
would provide thi s rendezvous was i llustrated . It wa·s also 
pointed out that one o f  the se  launch t ime s r e s ulted i n  tran s 
lunar inj ect ions approximately over t h e  Atlanti c  Oce an , and 
the other re s ult ed in inj e ct i ons approximately over the Pac i f i c  
Oce an .  

This characteri s t i c  o f  di s crete launch az imuths de f ining d i s 
crete launch t ime s c an b e  expanded to show that a range o f  
launch azimuths de fine a range of launch t ime s . And for a 
given range , s uch as 72° to 108° , the launch t ime s for e ach 
inj ection window c an be readily determined .  The s e  daily 
windows , as limited only by launch az imuth , are shown for 
the ye ar 1968 in f i gure 24 . In thi s figure , the unshaded 
areas repre sent allowable launch time s . The letters " p" and 
"A" denote the Pac i fi c  and Atlant i c  inj ect ion windows . Each 
window i s  opened at a 72° launch az imuth and c losed at 108° . 

The di fference in  launch t ime for t he two windows varie s 
throughout e ac h  month . In s ome periods the clos ing of one 
window i s  followe d immediately by the opening of the other 
wi ndow . At other t ime s there i s  as much as 14 hours between 
the clos ing of one window and the ope ning of the other . 

Note , als o , that the t ime of opening of a given vli ndow i s  later 
for e ach s ucce s s i ve day . The rate of change per day i s  quit e  
rapid at t ime s and at other t ime s i s  almost negli gible . The 
relatively flat period for a parti c ul ar window c orre spond s 
to the part o f  the lunar month when translunar inject ion i s  in 
the moon orbit plane . This daily shift in the t ime of launch 
and di fferenc e s  i n  launch t ime betwe en the two windows are 



important characteristics  to keep in mind in the subsequent 
discus sion . 

LIGHTING CONDITIONS AND LUNAR LANDING SITE LOCATION 

These two considerations are inseperable in their effects on 
launch windows . The effects of lighting constraints can only 
be evaluated in conj unction with the landing site longitudinal 
location as will be seen in the following di scus sion . 

In order to provide the LM crew with the be st pos sible vi sibi
lity conditions during landing , the sun elevation angle at 
the landing s ite during the powered descent must be between 
7° and 20° above the eastern horizon . This i s  to allow the 
crew to visually evaluate the possible landing points and select 
a favorable one within the LM "footprint" .  The derivation of 
this range of sun elevation angles will be presented later in 
" site selection" se s sion . 

The magitude of the allowable range in sun elevation angle has 
a major effect on the determination of launch windows . Figure 
25 illustrates the lighting geometry . In thi� figure the sun
rise terminator is located approximately at 0 longitude . For 
this condition a lunar landing could only be accomplished in 
the region enclosed by the dotted lines . Thi s region of 
acceptable lighting moves acros s  the face of the moon , follow
ing the sunrise �erminator from East to We st at a rate of 

�pproximately 13 per day , so that the days of acceptable 
lighting conditions as a function of landing site longitude 

·.. can be readily determined from lunar ephemeris data .  The 
effects of latitude can be neglected in the region near the 
lunar equator . Figure 26 provides an example of this varia
tion for two typical months in the first quarter of 1968 . The 
most striking feature of this figure is  the fact that for 
approximately 6o% of the month there is no area with accept
able lighting conditions anywhere between the longitudes of 

45° 
E to 45° W .  No landing is pos s ible from February 12 to 

March 3 ,  even if the only restriction on landing s ite were 
that it must be between 45° E to 45° W .  

The effect o f  restricting landings t o  specific sites c an  be 
illustrated on this same figure . For example , suppose that the 
only available landing s ite were located at 25° E ;  from figure 
26 it can be seen that in the months of February and March of 
1968 there are only two days on which a lunar landing could 
be accomplished- -February 5 and March 5 .  One landing day i s  
avaiable during each 28-day lunar cycle . In order to provide 
multiple landing opportunities , several site s must be available . 
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The number of landing opportunit ie s is directly related to 
the number of launch opportunitie s.  For lunar landing mis s ions 
employing free-return trajectorie s ,  the relationship between 
landing t ime and launch t ime has only a slight variation. 
Therefore , arrival (or landing) . time s can also be shown on 
this same figure. The landing t ime s associated with the 
acceptable light ing period in February 1968 are pre sented in 
figure 27 . For s implicity,  only the Pacific inj ect ions are 
shown , Arrival time s for Atlantic inject ions would be shifted 
by the difference in launch t imes.  The launch date is  noted 
for each band of arrival times.  The variation in arrival t ime s 
within a given launch window is about 10 hours and is due to : 
the variat ions in launch t ime between launch azimuths of 72° 

to 108° ; the pos s ib ility of injecting on the first or second 
injection opportunity ;  and the variation in the translunar 
trans it t ime for different energ1 trajectorie s available in 
the free-return family. For a 22 hour earth launch window , 
this band of arrival t ime s would be reduced to about 8 hours.  
The shaded areas repre sent the range of landing s ite longitude s 
that have acceptable light ing for each of the launch days. 
Note that for each launch day , the region of available longi
tudes for landing is different . This region move s we stward 
at about 13° per day , and there is virtually no overlap. No 
one longitude is available for more than one launch day when 
the re quirement for a 2� hour launch window is cons idered. 
This clearly illustrates the constraining effect s of light ing 
re quirement s and landing s ite location on the launch window. 
In order to provide mult iple launch opportunitie s during the 
month , several lunar landing s ites  must be available . One 
additional s ite is re quired for each additional launch oppor
tunity. It can also be seen from this figure that to avo id 
duplication and gaps in the launch window the longitudinal 
sgacing of the se s ites must be increment s of approximately 
8 to 13° . This longitudinal spacing minimizes  the probability 
of having 2 s ites available on the same day , or what would 
be worse of having no site available on one �ay. 

We can dete rmine from this figure , the landing s ite distribution 
re quired to provide monthly launch windows. For example , to 
guarantee that a launch opportunity exist s gn consecut ive days 
the landing sites must be located between 8 and 13° apart in 
longitude. One site provide s one launch opportunity. To 
provide an alternate da6 launch window configurat ion, the s ites  
must be  located some 20  to  26° apart. To get a launch window 
of 5 days duration,  the first and last s ite must be about 0 

6 0 50 to 0 apart. 



So far , we have only de s c r ibed the l i ghting e ffe c t s  on lunar 
landing site longitudinal locat ion and the e ffe c t  on launc h  
date s .  The lat i t udinal locat i on of the landing s it e  also has 
an e ffect on avai lable launch date s be cause of i t, s e f fe c t s  on 
Servic e  Module pe rformance r e quirement s .  The lighting may be 
ac ceptable , but if the landing site i s  out side the latitude 
bounds of spac e c r aft performance , . then a launch oppor t unity 
still doe s not exi s t . The lat i t ude limit s whi ch c an be attained 
are defined by SPS prope llant available are a funct ion of 
s elenographi c longi t ude , lunar dec l i nat ion and .l iLrations , 
and the t r ans lunar inj e c t ion window . 

The acce s s ible are a  for a typi c al day i s  illus t r ated i n  fi gure 
22 . Note that the are a  available from the Pac i fi c  i nj e c t ion 
window is somewhat north of that availab le from t he At lanti c  
window . The s e  are as shift to the south a s  t h e  :n 0 o n  trave ls 
to northern de c linat ions and vice ver s a .  I n  order for an 
ac cept able launc h window to exist on any given d ay ,  t he l and
ing site must be within the are a  defined by the s e  latitude 
bounds and within t!le longitude region de fined �by the l i ghting 
bound s . The lat itudinal shift in the acce s s ible are a  boundar i e s  
i s  cyclic , w i t h  a period approximate ly e qual to the lunar 
orb i t  per iod . 

I f  a region on t tle lunar sur face l i e s  in the ac ce s s ib le are a  
throughout the mont h ,  regardle s s  of the dai ly s h i ft ing of the se 
are as , it is s aid to be 100% ac ce s s ible . A lOa% ac c e s s ib le 
are a  has great s i gni f i c ance in the sele c t ion of lunar are as 
to be examined for pos s ible landing s i te s . I f  t he c andidate 
s i t e s  c an be located in a region that is always ac ce s s ible , 
then the mi s s ion planner i s  releived of one ve ry trouble some 
c onstrai nt , name ly s pac e c r aft per formance .  It c an be guaran
teed that no mater v;hat the lunar de c l inat i on or librat ion , 
when the lighti ng i s  accept able , the landi ng s i t e  i s  att ainable . 

The area available every day of the month pre sent s  a pe s s imi s t i c  
p i cture , i n  that it doe s not cons ide r  the fac t t hat only about 
8 days are r e ally us ab le b e c ause of the light ing constraint . 
A more real i s t i c  p i c t ure o f  the are a  available i 'or a month , 
would be obt ained i f  the latitude limi t s  were de fined for the 
longitudinal regions on the days when the lighting was accept 
able i n  thos e  regions . That i s , s elec t  only tho s e  days when 
t he sun e levat i on i s  between 7° and 20° for the longitude s 
b e twee n  45° E and 45° W ;  and furthermore on any one of the se 
days define the lat itude l imi t s  only for the longitude r e gion 
whi ch had ac ceptable l i ght ing . The are a  avai l able dur ing the 
month of February 1968 under t he se condit ions i s  illustrated 
in figure 2 9 .  The availab le are a defined in fi gure 29 c annot 
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be ext r apolated from month to  month b e c ause t he light ing cycle 
and the de clinat ion and l ibrat ion cycle s do not have t he s ame 
period . So t hat one of the s e  fi gur e s  must be made for every 
month o f  inter e s t . 

The acce s s ib le areas for e ach month during a year c an be 
combined to de fine an are a  available for the ent ire ye ar . 
Thi s i s  illustrated in f i gure 30 . 

The purpo s e  o f  all of thi s d i s c u s s i on of performance limi t at ions 
has been to show that t he l anding s ite loc ation has a maj or 
e ffe c t  on launch opportuni t i e s ; not only t hrough light ing 
condi t ions and longitude i nterac t i on s  but also through lat i 
tude and performance interac t i ons . This total interact ion 
c an be s ummar i zed as follows : Given a landi ng s ite loc ation , 
a launch i s  po s s ible only on the day that the light ing i s 
ac cept able and t hen only i f  the landing s i t e  i s  within the 
lat itude bounds att ainable for t hat longitude on that day . 

If  lunar landing s i t e s  could be s e le c t ed entirely on the bas i s  
o f  performance and l i ght i ng constrai nt s ,  t hey could b e  loc ated 
so  that there would be no r e s t r i c ti on s  on launch windows . 
Unfort unately , there are many factor s that mus t  be considered 
i n  the selecti on of lunar landing s i te s . The se othe r  facto r s  
force compromi s e s  to be made , w i t h  the re sult b e i n g  t hat launc h 
windows are i n  fact const r ained by t he available lunar landing 
s ite s . A complete de s cript i on o f  the lunar landing s ite c r i 
teria,  other t han t h e  launch window c ons i derat i on s  will be 
pre sented in a later se s s ion . 

We have seen that lunar l anding s i t e s , l i ght ing re quirement s ,  
and spac e c raft performance are all very e ffe ct ive in constraining 
t he launc h opportunit ie s .  Jus t  how constrai ning , will be 
illustrated shortly . In order to illus trate the limit at ions 
on launch opportuni t ie s ,  it will be ne c e s s ary to as s ume certai n  
lunar landi ng s i t e s . For t he purpo s e s  of t hi s  i llustr at i on , 
we will as s ume that the s i t e s  to be photogr aphed on the lunar 
Orb iter A and B mi s s ions are found to be accept able for Apollo 
l andings . 

Fir st , let ' s  con s i der the seven s i t e s  t o  be photogr aphed by . 
Orbiter A .  The launch opportunit i e s  provided by t he se 7 s i t e s  
t hroughout the ye ar 1968 are s ummar i zed i n  figure 31 . The 
intere s t i ng fe atur e s  of t h i s  fi gure are t he pat t e rn and fre 
quency o f  launch opport unit i e s , and the fre quency of night 
launche s .  
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During some of  the months , many launch opportunities  are not 
shown for the Pacific  inj ection window . Thi s is  because some 
or all of the site s were outside of the performance boundarie s 
and were not available when the light ing was acceptable . 
The Pacific  i nj ections are the harde st hit by thi s performance 
limitation because the we stern sight s to be photographed by 
Orbiter A are generally south of  the e quator , away from the 
best performance region of the Pac ific windows . In the early 
part of the ye ar ,  the moon ' s  declinat ion and lighting are in 
a favorable phase , and the southern sites  are well within the 
performance capability of  the Paci fic inj ect ion . However 
in the latter part of the year , the moon is at a northern 
declination when the light ing i s  acceptable and the southern 
site s are out side of  the accessible area . 

Since the best performance region for the Atlanti c  inj ection 
window is  south of  that for the Pacific , the lig hting and 
libration combination i s  favorable for this window in the 
latter part of the year . The result is  that for those months 
when the Pacifi c  inj ections are unavailable , the Atlant ic 
inje ctions are . So launch windows exist all year . 

The e ffect of constraining the mi ssion to be launched only in 
daylight c an also be determined from figure 31 . Although thi s 
i s  not considered to be a firm constraint for al l lunar missions , 
it i s  highly de sirable and every effort will be made to have a 
daylight launch at le ast for the first one . 

From figure 31 , it can be seen that to limit the launch to day
light hour s eliminated the Atlanti c  inj ection window for the 
entire year . In addition , several of the launche s us ing the 
Pacific inj ection window occur at night during the winter 
months and would also be lost . 

The net result of  the comb ination of  performance limitat ions 
and a daylight launch constraint would be to virtually eliminate 
all launch windows in the last quarter of 1968 . 

The effect of  a minimum launch window durat ion ,�or:.straint is  
demonstrated in figure 32 . This figure shows the remaining 
launch opportunitie s if only those launch windows of 5 -days 
durat ion were considered . It is  clear that the launch opport
unities  afforded by the seven sites used in t hi s  analysis  are 
entirely satisfactory during the first half of 1968 . And that 
the situat ion rapidly change s from marginal to unsat i sfactory 
during the third quarter and remains that way for the re st of 
the ye ar because night launche s would be re quired . Five -day 
daylight windows are available in March , April , May , and early 
June . However ,  beginning in late June and cont inuing through
out the re st of year , a night launch would be required .  
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To improve the dayli ght launch c apability , the s it e s  to be 
photographe d on t he Orb iter B mi s s ion were loc at ed north 
of the A site s . Thi s  provide d  s it e s  in  a are a  more favor 
able from the Pac i fi c  inj e c tion window . The re s ult ing 5 - day 
launch windows are summari zed in figure 33 . It c an be seen 
from thi s figure that 5 - day windows with a dayli ght launc h 
could be obtained throughout the year i f  the Orbiter B s i t e s  
were available . 
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Questions and Answers 

LAUNCH TlffiOUGH LUNAR ORBIT 

Speaker:  M. P .  Frank 

1 .  Does the launch azimuth change through the launch window? 

ANSWER - Yes ;  however, the launch azimuth is changed in 
discrete steps . 

2 .  Dr . Reiffel - At sufficiently hi_gh altitudes both the 
solar cycle and individual solar effects can markedly 
affect the scale heights and density . In view of the 
mechanization of the re-entry monitor being planned which 
senses ,  as I understand it , very low G forces and rates 
of change to decide whether the spacecraft is in the 
corridor - what would be the effects of a flare heating 
the high atmosphere ( and perhaps also requi ring a radia
tion induced abort ) and what data are really available 
on atmospheric structure for the proper time in the 
solar cycle on which to base the corridor design? Is  
significant solar-induced dispersion possible in other 
words ? 

ANSWER - MSC will investigate the e ffects of solar flares 
on the entry conditions . 
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APOLLO LUNAR MODULE LANDING STRATEGY 

1 . 0  INTRODUCTION 

The landing of the Lunar Module (LM)  upon the s ur face o f  
the moon will be the climax o f  the Apollo mi s s ion , although 
the importance of the return phase s  'i s  not to be de - emphas ized . 
The LM landing approach will be the fir s t  t ime that the com
plete LM system will have b e en ope r ated in the lunar environ
ment . Thi s al so will be man ' s init i al face - to- face encounter 
with the exact nature of the terrain in the landing are a  and 
of the problems of v i s ib i lity as they may affe ct the ability 
to land the LM ; although , the s e  aspe c t s  of the landing will 
be s imulated many t ime s in fixed-based s imulator s and part i al 
preflight s imulator s .  The se simulat ions are extremely 
important in the preparat ions for the mi s s ion ; b ut only 
after the mi s s ion i s  completed will it be known how ade quate 
the s imulat ions have been . 

Cons idering the entire LM de s cent aft e r  s epar at i on from the 
Command Module in lunar orbit , a theoretical landing maneuver 
could cons i s t  of a Hohmann t r an s fe r  impuls e  on the back s ide 
of the moon with a delta V ,  or change in veloc ity,  of 109 
ft/ s e c , followed 180° later by an impuls ive veloc ity change 
of about 5622 ft/ s e c  as the LM approache s  the lunar s urface , 
as illustrated in figure 1 .  The flight path angle in the 
final porti on of the appro ach would be zero degree s .  Such 
a theore t i c al approach would re quire infinite thrust - to 
we ight r at i o  b y  the de s cent engine . Thi s ,  of cour s e , i s  
an impos s ible and impracti cal approach . A finite thrust
to -we ight ratio o f  the de s cent engine mus t  be used and the 
approach path mus t  account for lunar terrain v ar i at ions and 
uncertaint i e s  in the guidance system . S ince lunar terrain 
var i at ions of as much as + 20 , 000 ft . could be expe cted , and , 
al s o ,  unc ertaint ie s in the value of the lunar re ference 
radi u s , coupled with guidance dispe r s i ons , could add another 
15 , 000 ft . to the uncert ainty , a conserv at ive s afe value of 
5 0 , 000 ft . was chosen as a per i cynthion alt itude . From a 
per formance standpoint , the choice o f  5 0 , 000 ft . as oppo sed 
to e ither 40 ,000 or 60 ,000 ft . was quite arb itrary because 
the di fference from the st andpoint of fue l re quirement s was 
very slight , as indi c ated in figure 2 .  The init i al thrust
to-we ight of the LM de s ce nt e ngine will be about three- tenths . 
Combining t hi s  thru s t -to-we i ght with a per igee altitude of 
50 , 000 ft . leads to the de s cent profile , as shown in figure 3 .  
The separ at ion and Hohmann tran s fer mane uver requires  slightly 
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le ss  delta V due to the pericynthion altitude increase . 
The powered de scent portion approaching the landing area ,  
however , requires  a delta V of 5 925 ft/ sec , which is  a con
siderable increase over the infinite thrust re quirement . A 
scaled traje ctory profile of this theoret ical 1M powered 
des cent is  shown in figure 4 ,  indicating that the entire 
de scent take s approximately 220 n. m .  The 1M velocity and 
attitude is  shown periodi cally along the flight profile . 
Thi s traj e ctory has the predominant characteristics of  a 
low flat profile terminating with a flight path angle of  
about 9 degrees . An obvious feature i s  that the crew , con
sidering the location of the 1M window , never have the 
opportunity to see where they are going . They can look 
e ither directly up , or , i f  the LM i s  rotated about its 
thrust axis ,  can look down at the surface , but they are 
never able to see in the direction they are going . If 
the crew is t o  per form any a s s e s sment of  the landing are a  

or out -the-window safety of flight during the approac h ,  it  
i s  obvious that the latter portion of the traj ectory must 
be  shaped so that a different att itude of the LM can be 
used during the approach . Shaping the traj ec tory away 
from the fuel optimum approach will result in a penalty 
in fuel re quirement s .  Both the amount of time the crew 
will require to assess the landing area ,  and the range 
from which the landing area can be ade quately assessed 
must be traded off against the amount of  fuel involved 
in the penalty of the shaping . It soon become s obvious 
that a strategy is needed that will trade off the system 
capab ilities of the spacecraft and the crew capabilities 
against the unknowns of the lunar environment encountered 
during the descent from the orbit , in order to insure that 
proper utilization of the onboard systems can be made to 
greatest advantage . The development of this strategy , 
then,  is  the subj ect of  thi s _paper . 

2 . 0 STRATEGY CONSIDERATIONS 

The 1M landing strategy can be defined as the science and 
and art of space craft mis sion planning exerci sed to meet 
the lunar environmental problems under advantageous condi
tions . In order to plan strategy ,  the obj ective s ,  the 
problems to be faced ,  and the characteristic performance 
of available systems need to be  well known . As indicated 
in figure 5 , the obj e ctive s of the LM landing planning 
strategy are to ant icipate the lunar environmental pro
blems and to plan the landing approach so that the com
b ined spacecraft systems , including the crew , will most 
e ffe ctively improve the probability of attaining a safe 
landing . The ma:j or factors that must be cons idered in 
thi s strategy ar e  the problems brought about b y  t he 
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orbital mechanics of the landing maneuver , the limitations 
of the spacecraft systems (including limitations in fuel 
capacity and payload capability) , and the constraints of 
the lunar environment ( iucluding terrain uncertainties , 
visibility , and determination of suitable landing positions ) .  
The orbital mechanics aspects have been discussed in the 
preceeding section . The lunar environmental constraint s 
will be discussed in a subsequent section.  The remainder 
of this section is concerned with descriptions of the space
craft systems and the mission landing position requirements . 
Although all of the LM systems are important to attain the 
lunar landing , those affecting the strategy are (a)  the 
guidance and control system , (b ) the landing radar , ( c )  the 
spacecraft window , and (d )  the descent propulsion system . 

Spacecraft Systems 

Guidance and control system - The guidance and control system 
is important to the landing strategy in that it has a direct 
effect upon the area over which the landing may be accomplished 
and on the problems of landing at a desired point . The func
tional des cription and accuracies of this system have been 
discussed in a preceeding paper . The effect of the guidance ,  
navigation , and control system of the LM on the landing begins 
with navigation in the lunar orbit . The accuracy of this 
navigation, whether performed by the onboard system or by 
the Manned Space Flight Network, determines the uncertainties 
at the start of the powered descent . Assuming that the 
guidance system will be updated by landing radar to eli
minate the altitude dispersions , the landing dispersions 
will be a function of the initial condition uncertainties 
brought about from lunar orbit navigation coupled with the 
inertial system drift during the powered descent . A summary 
of the guidance system capability for attaining a given 
landing point on the moon is presented in figure 6a and 
the as sociated assumptions in figure 6b . Both the MSFN 
and the spacecraft onboard navigation in lunar orbit are 
considered . The Apollo system specification of a landing 
CEP of 3000 ft . is met in e ither case when the inertial 
system performs within specification . 

The 3o- landing dispersion ellipses are shown in figure 7 
for cases where the lunar orbit navigation was done by the 
MSFN and also onboard the CSM. The ellipses are quite 
similar with the major axis for the MSFN case being slightly 
shorter and the minor axis for the MSFN being slightly longer 
than that for the case utilizing CSM onboard navigation . A 
special case in which the downrange distance was allowed to 
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be unconstrai ne d  i s  als o  shown on figure 7 .  In this c as e  
the downrange or maj or axi s  o f  the ellipse i s  pr imar ily a 
function o f  the thrust uncertaintie s of t he f i xed-throttle 
po s i t ion o f  the de scent e ngine that will be di s c u s s e d  s ub 
s e quently . The cros srange axi s  i s  e qual t o  that of the 30'"' 
ellipses for guidance t o  a s pe c i fi c  point and is determined 
by the method o f  lunru' orbit navigation . 

Landi ng radar sys tem - The control of the LM dur ing the 
de s ce nt to the sur face can be provided automati c ally 
through steering commands generated by t he guidance system 
and als o  manually by the crew by input s through an attitude 
c ontroller . The primary control system stab Ll i zat ion utilize s 
digital autopilot mode of the guidance computer . Figure 8 
shows the att it ude thr u s te r  firing combinations Lo create 
control moment s .  The e ngine s are located on an axe s system 
rotated about the LM de s cent engine thrust area '� � 0  fr om the 
spac e cr aft axe s . They are ope r ated as control cOUJlle s for 
three - axi s att i t ude control . As c an be seen i n  figure 8 ,  
two pairs of control couple s are available for e ac h  axi s . 
The method of prcviuing trans lat ional c ontrol while i n  the 
hoveri ng c ondit ion i s  to tilt the spacecraft by means o f  
the attit ude control system . Thi s produce s  a lateral 
c omponent of acceleration from the de s ce nt engine thr ust 
in the de s ired di r e c t i on whi ch is stopped by ret u.rning to 
vert i c al and reversed by t i lting in the oppo s i te dire c ti on .  
During the de s cent the att itude c ontrol sys tem i s  also coupled 
to a slow moving gimbal actuator system of the descent engine 
to e nable a means of trimming the de s cent e nginfc thrust dire c 
tion s o  that it pas se s t hrough t he LM center o f  gravity . The 
trimming system reduce s undesirable tor que s from the de s cent 
e ngine in order to c onserve RCS prope llant . The LM landing 
r adar system i s  important in landing strategy . As indi cated 
e arlie r , it i s  used to e liminate the guidance system alti -
t ude dispers ions and , al so , the uncert aint i e s  o f  knowing the 
altitude from the lunar s urface prior to beginning the de s cent . 
The LM landing r adar i s  a 4-beam dapple system with the beam 
configurat ion s hown in figure 9 .  The center beam me asur e s  
the altitude , and the other three beams me asure the thr e e  
component s of ve loc ity . Two po sitions of t he landing r adar 
antenna provide both altitude and veloc ity measurement s over 
a wide range of spac e cr aft attitude s .  The fir s t antenna 
position is tilted b ack from the thrust axi s by approximately 
forty-three degree s so that the alt itude b e am  will be ne arly 
vert i c al during the e arly portions of the de s c ent and , hence , 
will still provide ac cur ate altitude informati on . As the LM 
approache s the landing maneuver ,  the antenna i s  phy s i c ally 
swit ched to the se c ond posit ion making the altitude beam 
paralle l to the X - ax i s  of the LM . The landing radar will 
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begin to provide altitude measurement s  at an approximate 
altitude of 40 , 000 ft . The se altitude measurements  will 
be used to update the inertial system starting at an 
altitude of about 25 , 000 ft . The radar velocity updates 
will begin at approximately 15 , 000 ft . The landing radar 
accuracy i s  given in figure 10 . 

LM window system - The 1M window , although perhaps not nor
mally considered a system , i s  a very important part of the 
landing strategy because it i s  through this window that the 
crew must observe the landing are a  to confirm the ade quacy 
of the surface for touchdown . The physical configuration 
of the 1M window is  shown in figure 11 . Thi s photograph 
was made from within the 1M cockpit showing the left hand , 
or the command pilot ' s , window . The window i s  triangular 
in shape and skewed so  that it provide's maximum viewing 
angle s for the landing approach maneuver . Although the 
window is not large in size , the pilot ' s  eye position is  
normally very close to the window so that the angular limits 
provided are quite wide . The se angular limits are di splayed 
in figure 12 , showing the limits as viewed from the commander ' s  
de sign eye position . The plot shows the az imuth and elevation 
variations of possible viewing limits referenced from a point 
where the pilot would be looking dead ahead , with re spect to 
LM body axe s (parallel to the Z-body axi s ) , for the zero point . 
It is  po�sible for the pilot to see downward at an angle of 
about 65 from the normal eye position and to the left side 
by approximately 80° . If the pilot move s his he ad either 
closer to the window , or further back ,  these limitations change 
slightly . 

The guidance system is  coupled with the window system through 
grid markings so that the pilot can observe the intended land
ing are a  by aligning hi s line-of-s ight with the grid marking 
according to information di splayed from the guidance system . 
Figure ll in addition to showing the '.·:indow system , shows the 
locat ion o f  t he Display and Keyboard , 1-rhi c h  among othe r things 
provide digital readout information from the guidance system . 
The procedure s for utilizing these  in-�egrated systems for 
landing site de signation and redesignation will be discussed 
later in this paper . 

De scent propulsion system - The de scent engine is an extremely 
important system to the de s ign of the 1M de scent strategy . 
Initially , the de scent engine was capable of being throttled 
over a range from 10 to 1 .  De sign considerations , however , 
have made it necessary to limit the throttle capability to 
that shown in figure 13 . This figure shows that at the start 
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of powered flight , there is  an upper fixed position of the 
throttle which would nominally provide about 9700 lb . of 
thrust . As long as the throttle is maintained in this  fixed 
position ,  thrust magnitude will vary according to the nominal 
solid line . At the start of the powered flight , there i s  
expected t o  be approximately + 1 percent uncertainty i n  the 
thrust at this fixed-throttle

-
setting . The uncertainty grows 

up to + 2 percent after approximately 300 seconds of fixed
throttle usage . The descent engine is always throttleable , 
in the region of 6300 lb . of thrust , to approximately 1050 

�-lb . of thrust . The change from a fully throttleable engine 
in the upper region of the thrust level to a fixed-throttle 
position affects the guidance procedures  during the initial 
powered descent , as will be explained later . 

Mission Landing Position Requirement 

Important strategy considerations are the types of require
ments that are placed on the landing position , as indicated 
in figure 14 . The first consideration is a re quirement to 
land at any suitable point within a specified area, with the 
implication that the area could be quite large . Obviously , 
if  the area  is  large enough , the requirements on the guidance 
system would be diminished considerably . The second type of 
requirement is that of landing at any suitable point within 
a reasonably small area,  constrained in size primarily by 
the guidance dispersions . This would , of course , dictate 
that the size of the area chosen will be compatible with the 
capabilities of the guidance and navigation system . The 
third consideration is  that of landing at a prespecified 
point , such as landing with 100 ft . of the position of a 
surveyor spacecraft , or perhaps another type of spacecraft . 
It is  obvious that this latter consideration imposes the 
greatest requirements  on the strategy and also the guidance 
system , and would require some means of establishing contact 
with the intended landing position during the approach . The 
present strategy is primarily based upon the second consider
ation , that of landing in areas of the size compatible with 
the guidance system dispersions . If,  however ,  the landing 
area can be increased in size to the point that downrange 
position control is  not of primary importance ,  the as sociated 
strategy is not greatly different than that for the require
ment assumed because the trajectory shaping requirements 
would be the same for the terminal portion of the trajectory·. 
The subsequent discussions of thi s paper will be based 
primarily upon a landing area size compatible with guidance 
system dispersions . 



3 .  PCWERED DESCENT DESIGN 

After consideration of all the trade off ' s that could be 
identified as worthy of consideration during the 1M powered 
de scent , a three -phase traj ectory de s ign logic was chosen . 
The logic of this three -phase traj ectory de s ign will be 
discussed in the subse quent se ctions , but , the general logic 
i s  indicated in figure 15 . The first  phase following powered 
de scent initiation at 5 0 , 000 ft . is  termed the Braking Phase . 
This phase i s  terminated at what is  c alled a Hi-gate position . 
The second phase is  termed the Final Approach Phase , and i s  
terminated at what i s  called the Lo-gate position , the start 
of the Landing Phase . The total traj ectory covers on the 
order of 250 n . m .  The logic o f  the braking phase i s  de signed 
for the efficient reduction of velocity . That is , since there 
is no necessity for pilot vis ibility of the landing area in 
this phase , the attitude s can be chosen so that the spacecraft 
would have e fficient utilization of de scent engine thrust for 
reducing velocity . During the final approach phase , the 
traje ctory i s  shaped to allow an attitude from which the 
pilot can vi sually acquire and assess  the landing site . An 
additional requirement met by this phase i s  to provide the 
pilot with a view of the terrain at such a time that he can 
confirm the flight s afety of the traj ectory prior to committ ing 
to a landing . The landing phase i s  flown very much as a VTOL 
type of aircraft would be flown on the e arth to allow the 
pilot vernier control of the position and velocitie s at touch
down . The att itude chosen is flown so as to provide the crew 
with visibility for a detailed asse s sment of the landing site . 
The scaled profile of the de s ign de scent traj ectory i s  shown 
in figure 16 a )  and b ) , and include s an indic ation of the 
spacecraft attitude at various mile stone s along the traj e ctory . 
The final approach and landing phase s together cover only about 
2 per cent of the total trajectory range , although the time 
spent within the se phases  will be about 30 per cent of the 
total t ime . The following sections will dis cuss in detail 
the logic of the de sign of the three phases  and will summarize 
the delta V budget for the descent . 

Braking Phase 

Objective s and constraints - The obj ective of  the braking 
phase , as indicated in figure 17 , i s  to provide e fficient 
reduction of the hori zontal velocity exi sting at the initi a
tion of the powered descent . During most of thi s phase , the 
altitude i s  high enough so that the pilot doe s not have to 
worry about the terrain variations , and he can conduct the 
reduction in velocity at attitudes that allow great efficiency . 
The maj or constraint of this traj e ctory phase i s  limitations 
imposed by the fixed-throttle-pos ition thrust of the de scent 
engine . It i s  de sirable to use the maximum thrust of the 
de scent engine as long as pos s ible in order to provide efficient 
utiliz ation of the fuel . There i s ,  however , an initial segment 



of the powered de s c e nt whi c h  i s  flown at reducP d  throttle to 
insure that t he de s cent e ngine g imb al trim me chani sm has 
nulled out of trim mome nt s due to c e nter- of - gr avity offse t s . 

Ignition Log i c  - The logi c for ignit i ng the de' s c ent engine 
for init i at i on o f  the b r aking phase i s  as follow := . First , 
t he 1M state (po s it ion and veloc ity ) i s  i nt e gr ated ahe ad in 
t ime . Next , the guidance problem for t he b r ak i ng phase i s  
solve d ,  b ut not implement e d , c ontinuously Hith the advanc ed 
1M s t ate s as init i al cond i t i on s . When the guidance s oluti on 
r e quire s the level of thrust e qual to the e xpe cted thrust o f  
the fixed-throttle pos ition , s e e  fi gure 18 , that solut ion i s  
c ho s e n  for ini t i at ion o f  braking . Finally , ·when the 1M 
re ache s the po s it ion and veloc ity state that yielded the 
proper thrust s olut i on , t he guidance computer s end s t he 
engine on s i gnal to the de s c e nt propuls i on solut ion . In 
order to prevent large moment s due to c .  g .  o ffset , t he 
engine i s  ignited at t he low 10 per c e nt level ,  i n s t e ad o f  
maximum t hrust . Thi s level i s  he ld for some 2 8  s e c onds t o  
t r im t he engine gimb al through t he c . g .  be fon' i n cr e as i ng 
thr ust to the maximllPl , or fixed- throttle , s e t t ing . This 
low level o f  thrust ing i s  ac c ounte d  for i n  the i gnit ion 
logi c . 

Gui d ance with Limit e d  Throttle - The general approach of 
the braking phas e , from t he s t andpoi nt of the guidance 
system , is to uti l i z e  the s ame type of gui dance e qu ations 
that are appropr i ate for the throttled phas e s whi c h  follow . 
Thus , mod i fi c at i ons in the t argeting are re quired to allow 
for t he ut i l i z at ion of t he fixed- throttle po s i t ion dur ing 
thi s phas e . It is st ill de s ired to v ary the s t ate ve c tor 

of the 1M from it s value at t he s t art of powered d e s ce nt 
to the state spe c i fied at the hi- gate po s it i o n  of the tra
j e c tory . The guidance e quat ions would normally determine 
the t hrust level or ac celerat i on level and att it ude r e quired 
in order t o  make an e ffic ient change in the s t ate . Prior 
knowle dge o f  the i ni t i al thrust-to-we i ght o f  the de s ce nt 
engine allows c ho i c e  o f  i ni t i al c onditions and t he guidance 
e quations to b e  ut ili zed i n  s uc h  a way as to ;; ele ct a t ime 
to go for t he e nt ire phas e that will u s e  t he approximate 
thrust- to-we i ght of t he upper l imit of the de s c ent e ngine . 
In actual oper ation , the LM s ystem dur ing this phase will 
r e s pond to commands of attitude change , b ut as long as t he 
guidance system i s  c alling for a thrust above 6300 lb . ,  t he 
de s cent engine will remain in i t s  fixe d  or upper l imit 
po s i tion . I f  the thrust v ar i at i on o f  the de s c e n t  e ngine 
at thi s fixe d  t hrottle po s i t ion were known exactly , the 
traj e c tory c o uld be preplanned to obt ai n  t he de s ired h i 
gate state v e c tor . In view o f  the unc ertai nt i e s  of the 
de s cent e ngine , however , the traj e ctory must be planne d  
s o  that t he guidance sys tem will begin t o  c al l  for thrust 
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levels in the region in whi ch the de s cent engine c an be 
t hrottled (be low 6300 lb s . ) pri or to reaching H i - gate 
po s it ion . This i s  to provide control over the veloc itie s 
when the Hi- gate po s i t ion i s  reached . The logic o f  thi s 
guidance s c heme i s  shown in figure 19 . The fi gure shows 
the profile of the traj e ct or i e s  as a funct ion of range , 
and al so a profile o f  the de s cent engine thrust , both the 
nominal value and that commanded by the guidance sys tem as 
a function of r ange . The nominal thrus t - to-we i ght c ase i s  
shown fir s t , and the traj e c t ory i s , e s sent i ally preplanne d 
by flying b ackward from the hi - gate po s it i on , fir s t  of all ,  
us ing a thrust in the throttle ab le range t o  go back for a 
period of t ime ; the period of t ime being determined by the 
pos s ible magnitude o f  the uncert ainty o f  the de s c ent engine . 
Thi s , in effe ct , determine s the fi ctit ious t arget that can 
be used in  the guidance system in the fir st  port ion of the 
traj e ctory . The fict itious t arget i s ' b ased upon the nominal 
thrust pro file when the de s ce nt engine i s  in the fixed-thrust 
po siti on . The logic  of the guidance i s  perhaps be st  explained 
by comparing the act ual value of thrust with that commanded by 
the guidance system , even tho ugh in the upper thrust region 
the de s c e nt e ngine i s  not re sponding to the s e  commands .  

Initially , the guidance system i s  t argeted to a fi ctitious 
t arget ups tream o f  the h i - gate s t ate . The nominal thru s t 
to-we ight var i ation follows t h e  solid line , and the guidanc e 
system compute s the commanded var i at ion of thru s t - t o -we i ght 
s hown on the fi gure . At an intermediate po s it i on , the 
guidance t arget ing i s  switche d  from that of the fict itious 
t arget to that of the h i -gate t arget . The d i s c ont inuity 
seen in the c ommanded po s it ion has no e ffe ct on the system , 
s ince , in thi s region , the de s cent engine throttle i s  not 
re sponding to the guidance system . I f  the thru s t - t o -we ight 
doe s  remain nomi nal , the commanded thrust-to -we i ght magni 
t ude will gradually de crease unt il it i s  within the region 
in whi ch the de s cent engine c an be throttle d . Thi s  will 
nominally occur at the fictitious target pos i t ion . The 
guidance system the n  has a number of s e conds , pr ior to the 
hi- gate po s it ion , to match both the velocity and the po s i ti on 
de sired at hi - gate . From h i -gate on , the commanded thrust 
will be at or below the maximum in the throttle able range . 
Figure 20 illustrat e s  the thrust profile s (commanded and 
actual ) for low and high thru st - to-we i ght rat ios . In the 
case of the low thrust-to -we i ght rat i o  where the act ual 
value o f  the thrust i s  below that of the expe c ted nominal , 
it is  seen that the initial c ommanded thrust has the s ame 
type o f  var i ation as the nominal , prior to the switchover 
point ; but , after the switchover point , there i s  a delay in 
time and range in  ge tting down to the region where the 
commanded thrust  reache s the throttleable region . Thi s  
point , then , i s  only a few s e c onds prior t o  hi - gate . The 



extreme low thrust-to-weight , then , would be that in which 
the commanded thrust would reach the throttleable region 
thrust exactly at the time the hi-gate pos ition was reached . 
For the case where the thrust-to-weight is  higher than nomi
nal ,  the commanded thrust will reach the throttle able position 
a number of seconds prior to that for nominal thrust . This 
allows a much longer time to affect the de s ired velocity con
dition at the hi- gate position . Thi s ,  however ,  means that 
the region prior to hi -gate is being flown at a much lower 
thrust-to-weight ratio for a longer period of time than would 
be de sirable from a standpoint of fuel efficiency . Thi s is  
the case that involve s the gre ate st penalty in fuel . Figure 
21 shows the delta V penalty vari ation due to fixed-thrust 
uncertainties . The left-hand scale indi cate s the delta V 
penalty , the horizontal scale shows the bias time of  the 
fictitious target back from the hi-gate target , and the right
hand scale is the thrust-to-weight uncertainty expre s sed in + 
percentage s .  The figure indicates that the + 2 per cent un
certainty of the de s cent engine will require -a tias time of 
approximately 65 seconds and will invoke a bias delta V pen
alty on the order of 45 ft/ sec . In effect , the 45 ftj sec . of 
fuel i s  the penalty paid for reducing the landing di spersions 
from that as sociated with the range - free type of guidance ,  to 
that in which a de sired position at hi-gate is reache d .  The 
magnitude of additional variation in the landing point that 
would be as sociated with range- free type of guidance i s  
e s sentially the percent age uncertainty thrust -to-we ight value 
time s the total range travel . For the case of + 2 percent 
average thrust uncertainty and a nominal range of  250 n .  m . , 
this re sults in approximately + 5 n .  m .  of range uncertainty 
which can be eliminated at the

-
cost of 45 ft/ sec . of fuel 

penalty . 

Landing Radar updating - The e ffect of  landing radar (LR) 
updating on the guidance commands is  important from the 
standpoint of eliminating altitude uncertaintie s , and the 
resulting changes in attitude and throttle required by the 
change in solution of the guidance e quations . The e ffect 
of landing radar update i s  a continuing e ffe ct throughout 
the trajectory once the initial update altitude is reached ; 
and , therefore , some aspects of the following dis cus sions 
will touch on the final approach phase as well as the braking 
phase . 

The altitude update i s  initiated at 25 , 000 ft . ,  as determined 
by the primary guidance system , and is  cont inued at e ach two
se cond interval for the remainder of  the approach . Velocity 
updates are initiated at about 15 , 000 ft . ,  'whe n  the velocity 
is reduced to about 1550 ft/ sec . The velocity is updated a 
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a single component at a time , in two-second intervals (6 
seconds for a complete update ) .  The altitude updating is  
continued along with the velocity components .  After each 
complete (3components )  velocity updating , an altitude up
date only is  performed,  then the velocity updating is  con
tinued .  The weighting factors for LR altitude and velocity 
updates are i llustrated in figure 22 as linear functions of 
the parameter being updated . These are linear approximations 
to optimum weighting based upon least- squares estimation . 

The guidance commands for an ideal descent (no initial con
dition errors , no IMU errors , no LR errors ,  no terrain varia
tions , no DPS uncertainties ) are shown in figure 23 . The 
traj ectory presented in the figure is not the nominal design 
traj ectory , but is ade quate to illustrate the effects of 
landing radar update . This particular traj ectory has a hi
gate altitude of 6100 ft . and a throttle period of 80 sec . 
prior to hi-gate . The pitch profile exhibits a slope dis
continuity at the fictitious target point (TF)  for throttling 
the engine , as shown in part (b ) of the figure . 

At the hi-gate target point (HG) , the pitch angle undergoe s 
the rapid pitchup to the constant attitude desired for final 
near constant ( about 35° of the vertical ) . At the low-gate 
target (TLG , about 500 ft . altitude ) ,  the attitude begins to 
change (nearly linear )  to satisfy the near vertical attitude 
desired j ust prior to the vertical descent target (TVD,  about 
100 ft . altitude ) ,  10° off the vertical .  The profile is 
terminated at this point . 

The same traj ectory has been analyzed for cases with initial 
condition errors , de scent engine thrust unc ertaintie s ,  IMU 
errors , landing radar errors and a typical terrain profile 
approaching the landing site . The terrain profile used is  
shown in  figure 24 and i s  applicable for an approach to a 
site at 0°20 ' N  latitude and 12°30 ' E  longitude . Both a 
properly scaled profile and an expanded altitude scale pro
file are shown . 

An example effect of the terrain , initial condition and system 
errors is  shown in figure 25 . In addition to the effect of 
the terrain the other initial predominent error included was 
an altitude uncertainty of about minus 1600 feet . This case 
is considered somewhat extreme in that the altitude uncertainty 
of -1600 feet is  about a 3<"" magnitude if CSM landmark type 
s ightings have been made on the landing site and in a directive 
such the terrain effects are additive with the inertial system 
altitude uncertainty tending to accentuate the pitch angle and 
thrust variations from the ideal case . The time histories of 
pitch angle and thrust magnitude are presented in figure 25  
and include the ideal case to  provide a basis for comparison .  
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The pitch angle varie s by s lightly more than 10 degr e e s  at 
a maximwn prior to h i - gate and i s  about e quivalent after 
hi - gate . The thrust level s hows generally the s ame level 
of command . The pitch angle devi at ions are o f  concern because 
of po s sible e ffect upon landing r adar oper at i on and b e c ause 
o f  increased e xpe nditure of de s ce nt engine prope llant s .  

In the event that no landmark s ight ings near the landing s ite 
are performed i n  lunar orbit , large uncertaint ie s ( up to 10 , 000 
ft . on 3 (j" b asi s ) in the braking alt itude can exi s t . Inve s t i 
gat ions of t he ability of the LR to update the s e  large altitude 
unc ertaint i e s  have ind i c ated that 100 fps of addit ional delt a V 
i s  r e quired . Furthermore ,  throttle commands above 60 percent 
and large attitude deviat ions ( up to 70° ) o c c ur in s ome in
stances  i n  the throttle down region pri or to hi- gate . Further 
i nve stigat ion of this problem is proceeding . 

Delta V Budget - The nominal fuel e xpenditure during the braking 
phase is 5206 ft/ s e c . To thi s an additional 1 5  rt/sec . i s  added 
to acc ount for po s s ible mis s ion c hange s t hat would r ai s e  the CSM 
alt itude 10 n . m .  For t he r andom t hrust uncertaint i e s  o f  the 
de s ce nt engine a 36" r andom fuel e xpenditure of + 20 ft/ s e c . i s  
budgete d .  In addit ion , analysi s has shown t hat

-navigat ion 
uncertaint i e s  in alt itude , although event ually eliminated by 
the l anding radm' , will c hange fuel consumpt i on by about 60 
ftj s e c . for a 3000 ft . uncertainty . To ac count for thi s , a 
3o r andom fuel e xpenditure o f  + 60 ft/ s e c . has been allotted 
on the fuel b udget . 

De s cent Guidance Monitoring - An import ant funct ion of the c rew 
dur ing the braking phase i s  to monitor the per formance of the 
guidance system onboar d . Thi s i s  done by che cking the s olution 
of the primary guidance system with the solution o f  pos i t ion 
and veloc i ty obtained from t he abort gui dance system . As indi
c ated in figure 26 , thi s is accompli shed by periodi c dif fer
enc ing of the pr imary and abort guidance solut ions o f  altitude , 
altitude r ate , and lateral veloc i t ie s . The alt i t ude rate para
meter i s  per haps the mo st s ignif i c ant par ameter to monitor 
b e c ause this is the one that c al lead to a traj e c tory that 
violat e s  the flight s afety cons iderat i ons . Anal y s i s  has shown , 
however ,  that it will t ake gre ater than the extreme s of 36 per
formance o f  t he abort and primary guidance solut i on s  to lead 
t o  an uns afe traj e c tory pri or to t he hi - gate pos it ion . Be cause 
the Manned Space Flight Network will be very effe ctive in 
me asur ing the alti t ude r ate of the space craft , it al so wi ll 
be very e ffe c t ive in providing an independent vote in the 
event that onboard d i fferenc ing indicat e s  the po s s ib ility 
of a guidance fai lure . The total procedur e s  for this guidance 
monitor ing are st ill in the formative stage s and are currently 
b e i ng inve stigated in s imulati ons c onducted by the Manne d 
Spacecraft Cent e r . 
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Summary of Braking Phase - The braking phase , lasting about 
450 se conds , covers  some 243 nauti c al mile s during whic h  the 
velocity is reduced from 5500 ft/ s e c . to approximate ly 600 
ft/ se c . , and the alti t ude from 50 , 000 feet to about 9 ,000 
feet . The att i tude duri ng t he phase i s  normally such that 
the thrust ve ctor i s  c lo s e  to be ing ali gned with the fli ght 
path angle . In thi s att i t ude , t he pilot i s  not able to look 
in the direct ion of the intended .landi ng area .  I n  the fir s t  
port ion of th� s  phase , the 1M could as sume any de s ired roll 
attitude about the X or thrust axi s . Mi s s ion planning will 
dete rmine if the init i al att itude will allow the crew to look 
down on the lunar surface to che ck the progre s s  over the 
terrai n . As the LM approac he s t he po s ition at whi ch landing 
r adar will begin operat ing , the roll attitude will be such 
that the windows will be ori e nted away from the surface i n  
order to provide a more favorable att itude for t he landing 
radar ope rat ion and to prepare for the pitch-up maneuver at 
the hi - gate po s i ti on that will allow a view forward to the 
l anding are a .  

Final Approach Phase 

Obje ct ive s and Constraint s  - The final approach phase i s  
perhaps the mos t  import ant phase , from the standpoint of 
t he strat e gy . It is  primar ily i n  thi s phase that the tra
j ectory i s  shape d at a cost of  fuel , i n  order to provide 
the crew with vi s ib ility of the l anding are a .  I n  thi s phase , 
the crew begins  to be confronted with some of the pos s ible 
unknowns of the lunar e nvironment , s uc h  as the po s s ibility 
of reduced vi s ib i li ty . The obj e ctive s  of the final approach 
phase are enumerated in figure 27 . The fir st obj e ctive i s  to 
provide the crew with out - the -window vi s ib ility , and to 
provide adequate time to assess the landing area . The second 
i s  to provide the crew with an opportunity to a s s e s s  the 
flight safety of the tra j ec tory before c ommitting t he contin
uati on of t he landing .  And thirdly, to provide a relatively 
stable viewing platform in order to bes t  a ccomplish the first 
and second objectives . In other words , maneuvering should be 
kept to a minimum . The primary constraints on the strategy 
in this phas e  are again the des ire to keep the fUel expenditure 
to a minimum and t he limitation of the LM window. In the 
event that the as cent engine mu st be used for abort during this 
approac h  to the surfac e , the differenc e  in thrust-to-wei ght 
b etween the des c ent and a s c ent engines must also be considered 
as a constraint . The ascent engines thrust-to-weight initially 
is onl y  about one-half of that of the descent engine in this 
phase .  The alt i tude los s during vert i cal velo city hulling as 
a function of nominal trajec tory alt i tude and velocity must be 
included in the considerati on for a safe s taged abort . The 
other c onstra ints that must be cons idered are the problems of 



the lighting of the lunar terrain, and its inherent c ontrast 
properties whi ch may make it difficult for the pilot to see 
and assess the terrain features . The primary variables that 
may be traded-off during thi s  approach phase include the 
pitch attitude , the altitude at which hi -gate or the transi
tion alt itude i s  chosen ,  the flight path angle of the 
trajectory, and the variation of look angle to the landing 
area (referenced to the spacecraft thrust axi s ) . This 
again considers the limitation of the LM window . 

Determination of HI-gate - Perhaps the first factor that 
must be chosen , in order to design the final approach 
phase , i s  the hi -gate altitude . Figure 28 lists the factors 
affecting the choice of the hi -gate altitude . The first 
factor is the range from which the landing area can be 
asses sed adequat ely. If this were the only factor to be 
considered , it would of cours e be unwi s e  to waste fuel to 
provide thi s ability, if the viewing range to the target 
landing area was so great that the detail of the area could 
not be observed . The second factor is the time that the 
crew will require to adequately a s s e s s  the landing area . 
A third cons iderat ion is that of flight safety requirements 
with regard to the undertainties of the terrain altitude 
considering the ope rat ing reliability of the landing radar 
and its ability to update the guidance system ( the inertial 
system ) , and a lso considering the abort boundaries associ
ated with the ascent engine ( see figure 29 ) .  Preliminary 
es timates were made of all these factors and considering 
a desire to be able to get to hi -gate , even if the landing 
radar is not updating the guidance system, the third require 
ment predominates , and flight safety dictates the choice 
of hi -gate alt itude . If fUrther analysi s  of the landing 
radar operations indi cates a high system reliability, then 
the flight safety requirements will be sati sfied and the 
hi-gate altitude would be selected on the basis of the 
first two c onsiderations . 

The flight safety of the final approach trajectory wil l 
be largely governed by the magnitude of the uncertainties 
in altitude above the terrain . Figure 30 lists the present 
expected unce rtaint ies . These uncertaint ies include that 
of the guidance and navigation sys tem which considering 
that onboard lunar orbit navigation is accomplished, there 
wil l  be an approximate 1500 ft of altitude uncertainty on 
a one sigma basis . If lunar navigat ion is conducted by the 
Manned S�dce Flight Ne twork, the uncertainty wi ll be approxi
mately 500 ft les s . At the pres ent time , and largely a s  a 
result of some of the data from the Ranger spacecraft 
mi s s ions , there is a large undertainty in the lunar radiu s  
magnitude , both the bias and the random uncertaint ies . 
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Both of these quantities are established as one kilometer 
or approximately 3 200 ft , ld' basis at this time .  Lunar 
Surface Technology personnel have indicated that their 
present capability in determining the slopes in the areas 
of the maria is limited to an uncertainty of approximately 
+3° on a 3(( basis so this is equivalent to a 700 ft , 1 �  
uncertainty, cons idering the ranges of uncertainty of the 
landing position . In addition ,  our present mi ssion planning 
allows for a terrain profile along the approach path limited 
to a general slope of + 2° with local variations not to 
exceed +5 percent of the nominal LM tra jectory altitude . 
This reSults in altitude biases of 700 to 800 fr (3 Cf) over 
the ranges of uncertainty of the landing position . 

The minimum hi -gate altitude can be determined by combining 
the alt itude 3 �  uncertainties and biases previously discussed . 
The manner in which these factors are combined, however, 
depends upon the navigational updating in orbit (with CSM 
optics or MSFN) and during the powered descent (with LR) .  
Results for the various combinations are given in figure 31 . 
The first case is  based upon MSFN orbit navigation and no 
LR updating and represents the larges t hi-gate altitude , 
32, 600 ft . This extreme and impractical hi -gate results 
from the fact that no terrain updating occurs anytime during 
the mis sion; and therefore all of the uncertainties and 
biases are maximum. 

The second case differs from the first only in that two 
sighting from orbit on a landmark, in the proximity of the 
landing site, are provided in order to update the position 
(radius ) of the landing site . This case assumes that orbit 
navigation of the CSM state is accomplished by MSFN and LR 
updating during the powered descent is not available . The 
mininnun hi-gate for this case is 6 700 ft , a substantial 
reduction over case 1 .  This is because the landing site 
update eliminates the lunar radius bias and reduces the 
random uncertainties in radius significantly. 

The third case shows a moderate increase in hi-gate altitude 
over case 2 due to the moderate increase in PGNCS uncertain
ties from onboard navigation (which includes the landing site 
update )  as opposed to MSFN navigation . The minimum hi-gate 
for this case is 7500 ft . 

The preceding analysis has assumed that the crew would 
immediately assess a collision situation and take the appro
priate action . Allowing a finite time , on the order of 10 
seconds , for assessing the situation , an operational hi -gate 
altitude satisfying crew safety without LR is  approximately 
9000 ft . 
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Parameter Trade-Offs - Considering that the hi -gate altitude 
requirement has been set at a�proximately 9000 ft, the major 
trade-offs that are still needed to be established include 
the flight �th angle, the acceptable look angle to the 
landing area , and the time required to assess the landing 
area . Each trade-off may affect the state vector that is 
s�ecified at hi-gate , and this change must be taken into 
account in the total landing descent profile planning . 
Figure 32 shows the �enalty of fUel as a fUnction of hi-gate 
altitude . The selection of about 9000 ft as the hi-gate 
altitude costs about 250 ft/sec of delta V. Because the LM 
pilot can only see down 65° from his straight ahead viewing 
�osition ,  it is desirable for the look angle to be greater 
than 25° above the thrust axis . Considering the variations 
in attitude that may come about through the guidance system 
caused by flying over variable terrain, a desired look angle 
of 35° has been chosen �roviding a margin of 10° over the 
lower limit of the window. The flight �ath angle is also 
important . The angle must not be too shallow in order to 
get the �roper perspective of the landing area as it is 
a��roached, and, on the contrary, it must not be too stee� ,  
purely from the stand�oint of the �ilot being better able 
to judge the safety of the awroach �th. In figure 33 , 
the delta V penalty for variations in flight �ath angle for 
various look angles is illustrated . As can be seen from the 
figure , the major delta V �enalty is incurred for increasing 
the look angle . Little penalty is  �id for varying the 
flight path angle from 10° u� to 20 for a given look angle . 
The sum total of the trade-off is  that the hi-gate altitude 
will be ap�roximately 9000 ft , the look angle to the target 
approximately 10° above the lower limit of the w�ndow: �nd 
the flight �th angle will be in the order of 13 to 15 
throughout the major �ortion of the final approach phase . 

The shaping accomplished in the final a�proach phase costs 
approximately 270 ft/sec of equivalent fUel. In order to see 
what this bas �rovided, figure 34 shows a com�rison of the 
selected trajectory with that of the fUel o�timum showing 
the variations of horizontal and vertical velocity as a 
fUnction of time to go . Figure 33 shows that the time to 
go from 9000 ft altitude down to the lo-gate position has 
been increased by a��roximately 45 seconds . In addition, 
the vertical velocity has been eut by a�proximately a third 
for equivalent altitudes;  however, the prima�J difference 
shows up in the co�rison of horizontal velocity at equiv
alent altitudes ,  noting that at 5000 ft the fuel optimum 
trajectory has a velocity of about 1000 ft/sec,  whereas the 
selected trajectory ha s  a horizontal velocity of about 
450 ftjsec . 
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Redesignation Footprint - Even though an adequate perspective 
of the landing area and adequate viewing time are provided by 
the selection of the flight path angle , the line-of-s ight 
angle , and the hi-gate alt itude , it is still pert inent t o  
determine how mu c h  o f  the area the pilot needs to survey. 
Thi s ,  in turn, i s  a fUnction of how much fuel the pilot will 
have in order to change his landi�g site if he dec ide s that 
the point to which the gu idance s ystem is taking him is 
unacc eptable . As suming that i t  will take the pi lot a few 
seconds to get oriented to the view in front , it appears that 
the maximum alt itude from whi ch he could cons ider a redes ig
nation would probably be less than 8000 feet . Figure 3 5  shows 
the available footprint as a function of fu el requ ired for 
this purpo se . The perspective of the· figure i s  that of 
looking dire ctly from overhead the spacecraft perpendicular 
to the surface where the spac ecraft position is at the apex 
of the lines . The nominal landing point , or that point to 
which the spacecraft i s  being guided by the automatic s ystem, 
is the zero - zero range pos ition . The solid con tour lines are 
the ranges that could be reached provided that the indi cated 
amount of fUel could be expended. For a delta V expenditure 
of approximately 100 ftjsec , an additional 8000 ft downrange 
could be obta ined , and approximately 10, 000 ft in either 
direct ion crossrange . The hori zontal l in e  at the bottom of 
the figure indicates the lower window limit , and the second 
l ine indicates the pos ition 5° 

above the lower window limit . 
The other l ines indicate the s ide window view l imitat ions 
experienced by the pilot or command pilot , on the left . The 
copilot would have a s imilar limitation of s ide vi s i on toward 
the direction of the pilot , therefore , only the region 
bounded by the inboard s ide window l imits would be common to 
the field of view of both crew members . 

The variati on of footprint capab ility as the altitude i s  
decreas ed during the descent i s  indicated i n  figure 36 . 
Contours of footprint capability are shown for an expenditure 
of 100 ft/sec of fuel at alt itude s of 8000 ft, 5000 ft , and 
3000 ft . The footprint capability naturally shrinks the 
closer the approach is made to the landing area . However, 
a given budgeted amount of fuel provides an area that sub 
tends very closely to the same angular view from the pilot ' s  
viewing pos ition . The pre s ent strategy i s  bas ed upon having 
a high probability that the intended landing area will be 
generally suitable , and, for this reason , there will be a 
low probability of requiring large rede s i gnat ions of the 
landing po s ition . 
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It has been as sumed that a maximwm capability of designating 
3000 ft downrange will be required and this provision of fuel 
is allo� d for redesignation at 5000 ft of altitude . Approx
imately 45 ft/sec of fuel is required for this redesignation 
capability. Figure 3 7  shows the footprint available for 
this fuel allotment . 

The LM pilot does not have the opportunity to see the foot
print as viewed here , but instead from the perspective 
provided by the approach flight path angle . The pilot view 
from the hi-gate altitude is indicated in figure 38.  During 
this phase,  the spacecraft is pitched back approximately 40 , 
thus , the hori zon is very near the - 40° elevation depression 
angle . The landing site is at approximately 55° depression 
or about 10° above the lower limit of the window . For 
reference purposes a 3000 ft circle has been drawn about the 
landing position and the landing footprint associated with 
a delta V of 100 ft/sec is shown . 

Landing Point Designator - The pilot will know where to look 
to find the intended landing area , or the area which the 
guidance system is taking him, by information coming from 
the guidance system di splay and keyboard (DSKY ) .  Thi s infor
mation will be in the form of a digital readout that allows 
him to locate the correct grid number on the window, commonly 
called the landing point des ignator ( LPD ) .  After proper 
alinement of the grid, the pilot merely has to look beyond 
the number corresponding to the DSKY readout to find where 
on the lunar surface the automatic system is guiding the 
spacecraft . The proposed grid configuration for the landing 
point _ designator is shown in figure 39 . 

The process of landing point designation and redes ignation is 
illustrated in figure 40. The guidance system alw.ys believes 
that it is following the correct path to the landing site . It 
has the capability at any time to determine the proper look 
angle or line-of- s ight to the intended landing site . Because 
of orbital navigation errors and also drifts of the inertial 
system during the powered descent,  the actual position of 
the spacecraft will not be the correct position . Thus, if 
the pilot looks along the calculated line-of-sight he would 
see an area different from that of the desired landing area . 
Should the desired landing area appear in another portion of 
the window, then the pilot , by taking a measurement of the 
angle formed by the line-of- sight readout from the guidance 
system and the new line-of- sight ( to the desired point ) ,  
can input the change in line-of-s ight into the guidance computer. 



will be a cooperative task between the pilot and the copilot 
where the copilot will read the DSKY and call out to the 
pilot the numbers corresponding to the landing point des ignator . 
The pilot will then orient his line-of- sight so that he can 
look beyond the proper number on the landing point designator 
and see where the guidance system is taking him. If he is not 
satisfied with this position, then he can instruct changes in 
the guidance system by incrementing his attitude hand controller . 
During this portion of the approach, the guidance system is  
flying the spacecraft automatically so that the pilot ' s  attitude 
han� controller is not effective in making attitude changes . 
With each increment that the pilot makes in moving the hand 
controller in a pitching motion ,  there is an instruction to 
the guidance system to change the landing point by the equiv
alent of a half-degree of elevation viewing angle . Lateral 
changes in the landing pos ition would be made by incrementing 
the hand controller to the side in a motion that would normally 
create rolling motion of the spacecraft . Each increment of 
a hand controller in this direction causes a 2° line-of-sight 
change laterally to the landing area . When the guidance system 
receives these dis crete instructions it recalculates the 
position of the des ired landing area and commands the pitch 
or roll attitude in combination with a throttle command 
required to reach the desired position . This results in a 
transient response from the spacecraft until the new attitude 
and throttle setting commands are responded to . After the 
trans ient has settl ed out , the copilot would normally read 
the DSKY again and inform the pilot what new number to look 
for to find the desired landing area . The pilot would then 
ori ent hims elf to look at this number and check to see if 
hi s instructions to the guidance system had been fUlly correct . 
If not , some refinement in landing site selection would then 
be nBde . 

The response of the spacecraft to redes ignations of landing 
position is important . For example , if the new site selected 
is fUrther downrange , the spacecraft will pitch closer to 
the vertical and reduction in throttle will be made so that 
the new position will be more closely centered in the pilot ' s  
window. If, however, the site chosen is  short of the original 
landing site , then the spacecraft would have to pitch back 
and increase throttle in order to slow down and obtain the 
new desired position . These attitude motions affect the line
of- s ight and become important because of the danger of losing 
sight of the target . Same typical responses to changes in 
the landing point are shown in figure 43 . The variation of 
the line-of-sight to the landing site (looking angle ) with 
time from hi-gate is shown for the nominal case, a redes ignation 
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The guidance system will then recompute the location of the 
desired landing area . When this occurs the guidance system, 
in effect , begins a period of relative navigation where the 
new landing point is calculated in the present reference 
frame and is not significantly affected by whatever inertial 
system or other navigational errors that may have occurred. 

The accuracy with which the landing point designation or the 
redesignation proces s can be made is a fUnction of how 
accurately the line-of- sight can be interpreted) or correctly 
displayed to the pilot . 

There are several sources of redesignation errors , as indi
cated in figure 41 . These include the variations in terrain 
along the approach to the landing site, the guidance dispersion 
effect upon altitude (provided the landing radar updating is 
not complete ) , boresight installation, the inertial measuring 
unit reference misalinement, and the errors of application 
by the spacecraft crew. The effect of the altitude errors 
whether from the terrain, or from the guidance system altitude 
uncertainties , are shown graphically in figure 42. In this 
case ,  the guidance system assumes the landing site is at the 
same elevation as the terrain over which the spacecraft is 
flying; and , therefore , determines the line-of-sight through 
that point . HOwever, when the crew views this line-of-sight 
the intercept point with the lunar surface is  at an entirely 
different point than the intended landing position . For 
flight path angles of about 14° , this ratio of downrange 
error to altitude error is  approximately 4 to l .  Altitude 
errors do not affect the lateral dispersions . It is  obvious 
that although the landing radar performs a very vital fUnction 
in reducing the altitude dispersions of the guidance system) 
there is prooability that the same landing radar function will 
update the inertial system with a false indication of the 
landing position altitude . 

The errors other than the altitude type errors (the installation IMU and the pilot application errors ) all tend to be biases . 
Preliminary testing indicates that these errors could oe of 
the order of one-half degree . Again for typical flight path 
angles of aoout 14° this half degree of application boresight 
error will lead to redesignation errors downrange on the 
order of 800 ft for redesignations occurring in the altitude 
range of 5000 to 8000 ft . These downrange errors will reduce 
to the order of 100 ft when the redesignations are made at 
altitudes of 1000 ft or less . Thus , there is a trade-off with 
regard to the proooble magnitude of the errors that vary with 
altitude , especially if the approach terrain is likely to 
have large variations of altitudes . The process of redesignation 



downrange and redesignation uprange . The redesi gnations occur 
at an altitude of 5000 ft . For the nominal landing s ite,  the 

line-of-s ight look angle is maintained between 3 5° and 30° 

throughout the phase . For the 3000 ft long redesignation the 
logk angle i s  increased over the nominal case varying between 
45 and 35° (after the resulting trans ient response is 
completed ) . For the 3000 ft short redesignation the pitchback 
motion of the spacecraft causes the line-of- sight angle to 
the very target area to be decrea�ed to approximately 20° 

initially, increasing to about 28 for a short -time interval . 
Thus, for thi s cas e ,  visibility of the landing area would 
be lost for a portion of time s ince the lower window limit 
is 25° . For this reason ,  it would be the normal procedure 
not to redesignate short by more �han the equivalent of about 
2000 ft at thi s altitude . At lower altitudes ,  shorter range 
redesignations should be limited to proportionally less 
magnitude . For crossrange redes ignations , the effect on 
the look angle is  slight for redes ignations up to 3000 ft; 
however, the spacecraft will require a new bank attitude (which i s  nominally zero for in-plane redesignations ) . Thus ,  
this figure does not present the total attitude response 
transients for the effect of site redes ignations . 

An important aspect of the redesignation proces s i s  the 
problem of how to account for the propellant fUel expenditure . 
There i s  no accurate procedure to account for thi s fuel other 
than to interrogate the guidance system for the amount of 
fuel remaining . 

The guidance computer load is quite heavy at thi s time, there
fore , it is probable that a rule of thumb approach may be 
utilized, which, in effect , informs the pilot that so many 
units of elevation and azimuth redesignation capability can 
be utilized . Sufficient conservatism can be placed on this 
number to insure that the pilot does not waste fuel to the 
extent that the landing could not be completed. At the same 
time, this would allow the pilot a rough assessment of 
whether or not the new landing area would be within the fuel 
budget .  

Delta V Budget - The fUel expenditure during the nominal 
final approach phase will b e  an equivalent to 889 ftjsec 
characteristic velocity. To this number is added, for 
budget purposes , a bias allowance of 45 ft/sec for the landing 
point redesignation capability, and a 3 0 random allowance 
of 15 ftjsec for refinements in the landing site des ignat ion . 
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SUmmary of Final Approach Phase - The final approach phase 
covers about 5 l/2 nauti cal miles during whi ch the altitude 
i s  decreased from 9000 ft to 500 ft , and the velocity from 
600 ftjsec to 50 ft/sec . The time required normally will be 
about 105 seconds during which time the pilot will have a 
continuous view of the landing area . It i s  during this time 
that assessment s of the landing area will be made , and 
required redes ignations of the landing position to more 
favorable landing terrain will be accomplished . 

The I..anding Phase 

Objectives and Constraints - The basic purpose of the landing 
phase is to provide a portion of flight at low velocities and 
at pitch attitudes close to the vertical so that the pilot 
can provide vernier control of the touchdown maneuver , and 
also to have the opportunity for detailed assessment of the 
area prior to the touchdown . In order to accomplish thi s ,  
the trajectory i s  fUrther shaped after the final approach 
phase.  The guidance system is targeted so that the design 
constraints of the lo-gate position are met , but the actual 
target point will be at or near the pos ition where the vertical 
descent begins . The final approach phase and the landing 
phase are then combined with regard to the manner in which 
the gu idance system i s  targeted . The targeting des ign would 
satisfy the constraints of both the terminal portion of the 
final approach phase and the landing phase by proper 
selection of the targeting parameters . There will be a 
smooth transition from the extreme pitch-back attitude with 
as sociated with the final approach phase and the near vertical 
attitude of the landing phase .  

In the final approach phase, the tra jectory wa s  shaped in 
order to pitch the attitude more toward the vertical so that 
the approach conditions would allow the pilot to view the 
landing site . The resulting pitch attitude , approximately 
40° back from the vert ical i s ,  however, still quite extreme 
for approaching the lunar surface at low altitudes ,  hence, 
it is necessary to provide additional shaping in order to 
effect a more nearly vertical attitude at the termination of 
the total des cent . Figure 44 shows a comparison of the 
nominal attitudes for those two phas es . The ob jectives and 
constraints of the landing pha se design are presented in 

· 

figure 45 . The first ob jective is to a llow the crew to make 
the detailed assessment , and a final selection , of the exact 
landing point . In order to accomplish thi s ,  there will be 
some flexibility in the propellant budget to allow other than 
a rigid following of the des ign trajectory. This leads to 
ob jective number two , in which it is des ired to allow s ome 



mane uvering capability and adjustment of the landing point . 
The constraints are familiar ones includ ing the fuel ut iliza
tion, the physical limitations of the window , and in turn, 
the lighting and associated visibility of the surface, the 
visibility associated with the lighting, the actual terrain, 
and the pos s ibi lity of blowing dus t  maneuvering within the 
des ired att itude limits in order to retain the advantage s of a 
fairly stable platform, and last, what i s  termed the staged 
abort limiting boundary. This boundary defines the circustances 
under which an abort maneuver cannot be performed without the 
ascent stage hitt ing the surface . This curve i s  based upon a 

comb ination of vertical velo cities , altitudes,  and the pilot
abort- staging system reaction time . 

Nominal Trajectory - The variables that are available to try to 
sati sfy all of the s e  constraints and obj e ct ives include variations 
in the approach flight path and the velocitie s  involved , the 
attitude of the spacecraft, and the actual touchdown control 
pro cedure s . The landing phase profile which has resulted from 
almost 2t years of s imulating the maneuver is illustrated in 
figure 46 . The lo- gate point is at an altitude of approximately 
500 ft . ,  at a position about 1200 ft back from the intended 
landing spot . The landing phase flight path is a continuation 
of the final approach phase flight path so that there is no 
dis continuity at the lo- gate pos ition . At the s tart of this 
phase,  the horizontal velocity is approximately 50 ft/sec and 
the vertical velocity is 15 ft/se c .  The pitch attitude is 
nominally 10 to 11° 

throughout this pha s e ,  but rigid adherence 
to this pitch attitude is not a requirement . The effect of 
the pitch attitude is to gradually red uce the velocities as 
the flight path is followed in order to reach the des ired 
pos ition at an altitude of 100 ft from whi ch a vertical des cent 
can be made . Modificat ion of this traje ctory can be ac complished 
simply by modifying the profile of pitch attitude in order to 
effect a landing at slightly different point s than that associated 
with the nominal des cent path . No actual hover pos ition is 
shown in the approach porfile because the vertical veJo c ity 
or des cent rate nominally does not come to zero .  The approach 
is a continuous maneuver in which forward and lateral veloc ities 
would be zeroed at approximately the 100 ft altitude pos ition 
and the des cent velocity allowed to continue at approximately 
5 ft/sec . This allows a very expeditious type of landing, however, 
if a hover cond ition i s  des ired near the 100 ft altitude mark . 
It i s  a very s imple matter for the p ilot t o  effect s uch a hover 
maneuver .  The only disadvantage of the hover maneuver is the 
expend iture of fuel . The total maneuver from the lo-gate pos ition 
will normally take approximately 8o second s . If flown according 
to the profile, the des cent p ropellant ut ilized will be equiva -
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lent to about 390 ft/sec of characteristic velocity .  During 
the landing approach, the pilot has good visibility of the 
landing position until j ust before the final vertical des cent 
phase . Figure 46 also shows a nominal sequence o f  pilot views 
of a 100 ft radius c ircular area around the landing point . 
However, even during the vertical descent, the area immediately 
in front of and to the s ide of the exact landing position will 
be visible . The 1M front landing pad is visible to the p ilot . 
In addition to being able to observe the intended landing 
s ite,  the pilot has ample view of much of the lunar surface 
around him so that if the original site is not suitable he 
can deviate to the other landing position� provided that the 
new landing position is obtainable with the fuel available . 
The basic system design will allow the entire maneuver to be 
conducted automatically . However, the 1M handling qualities 
make it a satisfactory vehicle for the p ilot to control manually. 
The satisfactory nature of the 1M manual control handling 
qualities has been demonstrated by fixed base s imulation and by 
flight simulation at the Flight Research Center us ing the Lunar 
Landing Research Vehicle and the Langley Research Center using 
the Lunar Landing Research Facility. S imulations have shown 
that here should be no problems involved if the pilot decides 
to take over from manual control at any time during the terminal 
portion of the final approach phase or the landing phase . 

Much concern has been generated with regard to the problem of 
visibility during the landing approach. Thfu factor has led to 
a constraint upon the sun angle at the landing s ite, as will 
be discussed by the paper on Site Selection . In the event that 
the pilot has some misgivings about the area on which he des ires 
to land , the land ing phase can be flexible enough to accommodate 
a dog-leg type maneuver that will give the pilot improved view
ing perspective of the intended landing position . Manual control 
of this maneuver should present no problem and could be executed 
at the option of the pilot . At the present time , trajectory 
is not planned for an approach in order to �aintain simplicity 
of trajectory design ,  becaus e  of the expected ease in which the 
maneuver could be accomplished manually should the need be present . 
Should, however, the dog-leg be identified as  a requirement for 
an automati c  approach, it will be incorporated . 

A profile of the altitude and altitude rate of the landing phase 
is shown in figure 47 . The altitude rate is gradually decreased 
to a value of about 5 ft/sec at the 100 ft altitude pos ition for 
vertical descent . The des cent rate of 5 ft/sec is maintained at 
this point in order to expedite the landing. At approximately 50 ft of altitude ( � 10 ft ) , the descent rate would be decreased 
to the design touchdown velocity of 3� ft/sec .  It is  not necessary 
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for this to be done at exactly 50 ft so that uncertainties in 
the altitude of the order o f  5 to 10 ft would not s ignifi cantly 
affect the approach des ign . The value of 3� ft/s e c  des cent 
rate i s  then maintained all the way until contact with the 
surface i s  effe cted and procedures initiated for cutoff of the 
des cent engine . The curve labeled· staged-abort boundary shown 
in f igure 47 is applicable to the s ituation in which the des cent 
engine has to be cut off and the vehic le s taged to abort on 
the ascent engine . It is obvious that this b oundary must be 
violated prior to effecting a normal landing on the surface . 
However, with the current des ign ,  thi s boundary is avoided 
unt il the pilot is ready to commit hi�self to a landing so that 
it is only in the region of below 100 ft that he is in violation 
of the boundary . 

Delta V Budget - A s ummary of the landing phase fuel budget i s  
given i n  figure 48 . The budget reflects allowance s  for several 
pos s ible contingencies . For example, the pilot may wish to pro 
ceed to the landing s ite and spend some t ime inspe cting it before 
he finally des cends to the surface . This would require that the 
spacecraft hes itate during the approach, and the penalty involved 
is the amount of fuel expended . A period of 15 s e conds of hover 
t ime will cost about 80 ft/s e c  of fuel equivalent . There is also 
the pos s ibility that the performance of the landing radar may be 
doubtful, in whi ch case the spacecraft crew might want to hover 
in order to visually observe and null out the velocities . It 
has been found by means of flight tests in a heli copter, that 
velo citi e s  can be nulled in thi s  manner within 1 ft/s e c  after 
le s s  than 15 s econds of hover t ime ( another 80 ft/s e c  of fue l 
expend iture ) . It would be poss ible to update the inert ial 
sys tem in thi s  manner and allow the s pacecraft to proceed and 
land on the s urface with degraded landing radar performance 
d uring the final portion of the des cent . If there are errors 
in the radar vertical velocity, there will be a d ir� ct effe ct 
upon the t ime required to complete descent and a random ± 65 
ft/sec o f  equivalent fuel has been allotted in the fue l bud ge t .  
Another des cent engine fuel contingency that must b e  accounted 
for is the poss ible variations in the pilot control technique 
including the deviations from the planned flight profile the 
pilot might employ . S imulat ion experience has indi cated a need 
for an average addition of 80 ft/sec of fuel and a random ± 100 
ft/s e c .  It i s  noteworthy that only 30 s econds of hover time has 
been budgeted and that for spe cifically designated purposes . 
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Fuel Budget S ummary 

A summary of the total LM des cent fuel budget i s  given in 
figure 49 . The budget i s  divided into that required by the 
baseline traj ectory requirement totaling 6582 ft/s e c ,  and 
items , described as contingencie s ,  total ing 353  ft/sec mean 
requirement with an addit ional ± 143 ft/sec random requirement . 
This leads to a total 7050 . The inc lus ion of the RSS random 
contingencies as a fuel requirement is cons idered a conserva
tive app roach in that each of the random congingencies could 
lead to a fuel savings a s  well as a feul expend iture . The 
present tankage would p rovide up to 7332 ft/sec of fue l or 
about 282 ft/sec more than the budget . Thus , the pos s ibility 
of addit ional landing flexib ility can be prov ided by fuel tanks , 
or in the interest of we ight s avings , some off- loading of fuel 
can be cons idered . The add ition flexibility i s  equivalent to 
a hover t ime of about one minute or to additional doworaDge 
landing rede s i gnation capability of almost 20 , 000 feet for a 
redesignat ion at 8, 000 ft altitude . 

The fue l  budget summary i s  presented in figure 50b a s  a How
Goes -It plot of the expenditure of fuel both in equivalent 
characteristic veloc ity and pounds as a funct ion of time and 
events during the des cent . The solid line give the baseline 
traj ectory and res ults in a fuel remaining of 778 ft/sec at 
touchdown . Adding the utili zation of all of the budgeted con
tingency mean values of fuel is repres ented by the dashed line . 
When thes e  contingencies are utili zed the time basis of the plot 
will be incorrect, parti cularly for the time between Lo-Gate and 
Touchdown .  The total t ime could extend to as much a s  l� minutes 
(735 second s ) in the event . that all of the contingency fuel were 
utilized for hovering over the landing s ite . 

3 . 0  LUNAR LANDING TOUCHOOWN CONTROL, AUTOMATI C AND MANUAL 

Perhaps the most important s ingle operat ion in the lunar landing 
mi s s ion is the actual touchdown maneuver .  It i s  during thi s 
maneuver that the uncertanit ies of the lunar s urface become a 
real p roblem .  A recommended procedure for controlling the approach 
has been developed . This procedure , developed partly through 
simulation, involve s  reaching a position at about 100 ft above 
the landing s ite and des cending vertically to the lunar s urface,  
as p reviously des cribed . During the vertical des cent , the 
lateral velo cities are nulled and the verti cal veloc ity controlled 
to a p res cribed value until the des cent engine is cut off j ust 
prior to touchdown . The procedure s for effecting d e scent engine 
shutdown will be d i s cussed in detail . 



There are two control mode s  by which the land ing operation can 
be performed, as indicated in figure 51 . The first is completely 
automatic . In this mode,  while the pilot may have used the 
landing point designator to select the touchdown point ,  he is 
not act ive in the actual control loop . The se cond mode i s  manual, 
but is aided �Y automatic control loops , that i s ,  the pilot 
has taken over direct control but he has stabilization loops 
to provide favorable control respons e . In addition , the manual 
mode normally w ill be used in conjunction with a rate-of-des cent, 
command mode to further aid the p ilot in control of the touch
down velocit ies . Within the manual landing mod e ,  the pilot 
has two options ; ( l ) land vi sually, whi ch would require that 
there be no visual obscuration as might come from dust or lunar 
lighting constraints , or ( 2 ) be caus e  of such ob scurat ions he 
would control the landing through reference to flight instru
ments . Becaus e of the expected good handling qualities of the 
LM, the manual visual mode should be very s imilar to flight of 
a VTOL ai rcraft here on e arth .  No landing att itude or velocity 
control problem is anticipated and the control should be with
in one foot per se cond lateral velocit ies . Manual- instrument 
mode of control does have s ources of error, however, that may 
degrade control and those that have been cons idered include the 
following : control system respons e ,  land ing radar veloc ity 
measurement , landing radar altitude measurement , IMU accelero
meter bias,  IMU misalignment, display system for manual only, 
the pilot , for manual only, and the center-of- gravity ( e . g . ) 
pos ition . Several of these parameters are l isted in figure 51 
as be ing of prime importanc e . 

In cons idering the control of the landing, emphas i s  has been 
placed on the method of t iming of s hutting off the des cent 
engine . Be cause of pos s ible unsymmetrical noz zle failure due 
to shock ingestion and a des ire to limit e ros ion of the landing 
surface, an operating constraint of having the des cent engine 
off at touchdown has been accepted . Probable errors in altitude 
information from e ither the inertial system or from the landing 
radar pre clude the use of thi s information for the engine cut
off funct ion, even though the ac curacy may be of the order of 
five feet , be cause of the deleterious effect on t ouchdown verti
cal velocit ies . The need for an accurate, d i s crete ind ication 
of the proper alt itude to cut the des cent engine off led to the 
adoption of probes extend ing beneath the landing pads rigged to 
cause a light in the cockpit to turn on upon p robe contact with 
the lunar surface . The light-on s ignal informs the p ilot that 
the proper altitude has been reached for engine cutoff . The 
probe length must be determined from a consi de ration of delay 
times in pilot respons e ,  des cent engine shutoff valve closures ,  
and tail -off and the nominal descent veloc it i es . Th e  s e quence 
of events is shown in figure 52.  
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The variation of des cent rate at touchdown as a function of 
des cent rate at probe contact i s  shown in figure 53,  and includes 
the effect of pilot reaction time . The curves are representative 
of a 53-inch foot probe being used ,  coupled with a 0 . 25 second 
total engine shutoff delay time . This engine delay time includes 
that time required for the electronic signal to be generated, 
the shutoff valves to close,  and the thrust tail-off to be 
essentially completed . The heavy dashed line on the chart 
going up on a 45 degree angle indicated a combination of des cent 
rate at probe contact, plus system delay and pilot reaction 
time s ,  that would cause the engine to still be on at touch-
down . If the desired final rate of des cent has been achieved, 
up to 1 . 0  second pilot delay time can be tolerated and still 
have the descent engine off at touchdown . As shown in figure 53,  
the actual touchdown velocity is  just slightly more than the 
descent rate at p robe contact , or about four feet per second . 
Faster reaction time would increase the final touchdown velo
city, b�t not beyond present landing gear impact limit . If 
manual control allowed a slightly higher than des ired final 
descent rate,  and radar errors at the time of final update also 
allowed a slightly higher des cent rate,  these compounded in
creases might yield des cent rates on the order of 5 to 6 ft/sec .  
These increased rates coupled with the 0 . 6 se cond reaction time 
would mean not meeting the criteria of having the des cent engine 
off at touchdown. One solution for this s ituation would be to 
extend the probes to allow more leeway in pilot reaction time . 
H -Jwever, the advantages of longer probes must be traded off 
against a probable decrease in reliability and an increased pro
bability of touching down with greater than acceptable vertical 
velocitie s .  A simulation study of this maneuver with the pilot 
cutoff of the des cent engine showed that pilot reaction times 
averaged about 0 . 3  seconds , as shown in figure 54 . 

Pilot-in-the-loop and automatic control simulation studies have 
been conducted of the landing control maneuver . The pilot-in
the-loop studies were made using a s imulated 1M cockpit including 
all the control actuators ( attitude, throttle and des cent engine 
cutoff ) . The s imulation included the major sources of system 
errors , such as  platform misalignment ,  accelerometer bias, instru
ment di splay resolution, center-of-gravity offsets ,  and landing 
radar errors . The landing radar errors are a prime factor in the 
touchdown control process and the models assumed for the analysis 
are shown in figure 5 5 .  The spe cification performance o f  the 
landing radar calls for each of the three components of velocity 
to be measured within 1 . 5 ft/sec  on a 3 0' basis . Currect p re
dictions are that this specification will be met in lateral and 
forward directions and bettered by 3/4 ft/sec vertically . For 
a conservative analysis ,  the predicted performance has been 
degraded by a factor or two . 
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The s imulation results of land ing veloc ity manual control with 
specification performance by the l anding radar are shown in fig
ure 56 . The dashed l ines ind i cate the pre s ent des ign criteria 
for the landing gear . The 0 . 9, 0 . 99 and 0 . 999 probability con
tours are shown and are well within the design envelope . The 
effect of changing the length of the l anding probe s  i s  to adjust 
the vertical velocity bias velo c

'
ity approximately l ft/sec per 

foot change in probe length.  

The effe ct of landing radar performance upon the landing velocity 
envelope is s hown in figure 57 . The 0 . 99 probability contours 
are shown for the cases of no radar errors , specificat ion per
formanc e ,  predicted p erformance ,  am1 degraded (predi cted ) per
formance .  The resulting contours show the almos t  d i re ct depend
ence of touchdown velo city error upon the landing radar velocity 
performance . 

The comparat ive results between automatic and manual control of 
the landing touchdown velo c it ies are s hown in figure 58. The 0 . 99 
contours show that automati c  control results in lower touchdown 
velocitie s ,  but the difference is much le s s  pronounced for the 
degraded radar performance as compared with the predicted radar 
p erformance . The figure does not , of course, reflect the advant
age that manual control provides in closer selection of the actual 
touchdown position in the event that the terrain is not uniformly 
satisfactory . 

Additional analysis of these same results for the control per
formance for attitude and attitude rates indi cated that control 
within the pres ent criteria of 6 degrees and 2 degree s  per sec
ond can be expected on a 3 a- probability. 

4. 0 ABORT AFTER 'IOUCHDOWN 

Although analys i s  and s imulation te sts indicate a high p robability 
that the landing touchdown maneuver will be w ithin the lan ding 
gear des ign criteria, there is s till an interest in the ability 
to abort s hould the landing dynamic s  become unstable .  The ability 
to abort will be a function of when the need for the abort i s  
recognized, the time required t o  initiate abort, the t ime involved 
in sep aration of the as cent stage , the thrust buildup time of the 
a s cent stage , the attitude and the attitude rate at separation, 
and the control power and control rate l imitations of the ascent 
stage . 

At staging, the control power of the as cent stage i s  about 35 
deg/sec2 for pitch and roll attitude maneuvers . Under emergency 
manual control where the p ilot defle cts his attitude hand controller 
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hard-over, there is no attitude rate limitation . Normal manual 
control commands are limited to 20

°/sec  and automatic control 
limited to 10

°/sec in pitch and 5°/sec  in roll . These attitude 
rate limitations are important from the standpoint of determining 
how quickly the as cent stage attitude can be returned to the 
vertical in the event of an impending tipover . 

An analysis was made of the boundary of over-turn conditions 
from which a s uccessful staged abort could be made . The results 
of this analysis are shown in figure 59 . Two boundaries are 
shown; one for emergency manual attitude control which requires 
the pilot to put his hand controller hard over  and the other 
for a rate limit consistent with automatic roll response ( 5°/sec ) . 
Both boundaries apply to the conditions under which an abort 
action must be recognized as being required .  The boundaries 
allow a total of 1 . 4 seconds for the time required for the pilot 
to actuate the abort control, the staging to take place,  and 
the as cent thrust to build up to 90 percent of rated thrust .  

I n  addition to the boundaries ,  there i s  also a line indicating 
the neutral stability boundary or the sets of condit ion under 
which the spacecraft would just reach the tipover balance point 
of about 40 degrees .  The curve labeled Landing Gear Des ign 
Envelope Maximum Enegry applies to the improbable, if not im
possible ,  case where the landing was made at the corner of the 
velocity criteria envelope 7 ft/sec vertical and 4 ft/sec horizon
tal, and all of the energy was converted to ro tational motion . 
It i s ,  therefore, highly improbable that cond itions will be 
encountered that lie to the right of this  curve . 

For the emergency manual control, the boundary indicated an 
abort can be made at an altitude of about 6:..l de :;rrees  if the 
rate is not greater than 10 deg/sec .  Thi s cond ltion would take 
more than 4 se conds to develop after the ini t i al contact with 
the lunar surface .  For the other extreme of att itude rate limit ( 5°/sec ) applicable only to automatic roll att i tade control, the 
boundary is reduced alJout 10 degrees in atti t11de . 

The pilot will have indication of attitude :'rom hi 3 w indow 
view and from the attitude instrument di spl u .r (FDAI ) .  Both 
of these are considered adequate sources of att i tude information 
in the event that the spacecraft passes a 48 degree deviation 
from the vertical and an abort becomes necess ary . 

Considering the improbability of landing contact  that would 
result in an unstable post-landing attitude and the probability 
that even in such an event the pilot could initiate a safe abort ,  
there does  not appear to  be  a requirement for an  automatic abort 
initiation . 
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5 . 0  LEM DESCENT LOGIC FLOW 

The preceeding sections have described and explained the design 
of the 1M des cent strategy and the resulting trajectory design .  
From the pilot ' s  standpoint there are a number of judgments 
and decisions that will have to be made in the period from 
Hi Gate to Lo Gate to touchdown . It is believed that the 
strategy allows a logical sequence of events and decisions and 
adequate time for the pilot function . This will be partly 
confirmed or ad justments made through extensive simulations 
with the 1M Mission Simulators . The final confirmation will, 
of  course,  be the results of the first 1M landing approach. 
In order to aid in the understanding of  the logic and proposed 
sequence of decisions , a logic-flow chart has been prepared 
that is applicable from the Hi Gate position to landing touch
down . These charts are presented in figures 60a ) and b )  for 
the information and use of persons interested in detailed 
examination of the logic and in constructing the crew loading 
time lines . Details of these logic flow charts will not be 
discussed further in this paper. 

6 . 0  SUMMARY 

A 1M descent strategy has been presented whi ch is  designed to 
take advantage of the 1M system and the 1M crew in order that 
the 1M will continually be in an advantageous position to com
plete the lunar landing . The three phases trajectory is des igned 
to maintain fuel expenditure efficiency, except in those regions 
of the trajectory where such factors as pilot assessment of 
the landing area  require a jud icious compromise of fuel efficiency . 

The lunar landing strategy has considered all identified problems 
which might adversely affect the lunar landing and the resulting 
design calls for a fuel expenditure budget of 7050 ft/sec  of 
characteristic velocity . This budget is  approximately 282 ft/sec  
less  than the current tank capacity of the LM .  This margin is  
considered ample for dealing with presently unforeseen proqlems 
which may be identified prior to the lunar landing . 
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Que st ions and Answers 

LUNAR EXCURSION MODULE DESCENT 

Speake r :  Donald C .  Cheatham 

l .  Mr .  Kelly - Probab i lity plot s of landing velocity s how 
c onstant ve rt i cal vel oc ity for all probabilities when 
horizontal ve loc ity is zero ; i s  thi s c orre c t ?  

ANSWER - Mr .  Kelly and Mr .  Cheatham di s cus sed the data 
after the meeting and res olved the i r  di fferences on the 
presentation form . 
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APOLLO LUNAR SURFACE SCIENCE PROGRAM 

The fundamental ob jectives and procedures for a long range 
program of lunar exploration have been extensively discus sed 
and variously stated . A more recent version was derived 
during a meeting in the summer of 1965 at Woods Hole , 
Massachusetts and sponsored by the National Academy of 
Sciences , Space Sciences Board . The gross ob jectives as 
expressed on that occasion are grouped in three basic 
categories as shown by figure 1. Additionally, a series 
of specific questions were formulated as a more detailed 
elucidation; i . e .  What is the composition of surface materials 
and how does it vary? What is the tectonic pattern and 
distribution of tectonic activity? What are the processes 
of erosion, transport and disposition of surface material ? 

. What is the present heat flow at the lunar surface and what 
is the source of this heat ? Is the Moon seismically active 
and is their active vocanism? Does the Moon have an inter
nally produced magnetic  field?  

An in-depth understanding of these and the many companion 
questions will obviously require an extensive program of 
lunar exploration .  However, a very substantial and initial 
contribution to this understanding will be derived from the 
early manned lunar landings . It is the intent here to 
depict a program of lunar surface activities for these early 
missions which will insure exploiting the full potential of 
this unprecedented opportunity . These activities are cate
gorized as shown by figure 2 and each will be expanded into 
considerable detail during the subsequent discuss ion . 

Recognizing that the early missions will be dominated by 
operational considerations and that astronaut safety is  always 
paramount , there are certain basic  criteria that originate 
in mission definition and spacecraft design that must be 
honored .  Some of the more noteworthy are shown by figure 3 .  
The wei ght allocation and stowage provisions are more clearly 
depicted by figure 4 . The stowage of equipment is distributed 
between the ascent and descent stage of the LM. As noted, 
the maximum weight during the outbound leg of the mission is 
250 pounds , which is broken down to 210 pounds in the descent 



stage and 40 pounds in the a s c ent stage . Thi s i s  to 
minimi z e  the wei ght of the latter in the event of a mi s s i on 
abort . Clearly the ret urn capability of 80 pounds i s  totally 
accommodated by the asc ent stage . The s c i ent ific equi pment 
bay in the de s c ent stage is in the left rear qua drant of the 
vehi cle . The readily acc e s s ible structural fasteners and 
s imple removal procedures insure that the equipment can b e  
retri eved from the vehi cle under any condi tion o f  slope , 
gear c ompre s s i on or pad impre s s ion that does not caus e 
toppling of the vehi cle . 

The Extra-veh i c ular Mobility Unit (EMU) performanc e i s  shown 
here in an e s s entially parametri c manner . This i s  bec aus e 
the performance variables for the s uit and the assoc iated 
requi rement s for the e quipment do not lend thems elves to a 
quantitative analys i s  and c ompari son . It i s  e s s ential how
ever to recognize qualitat ively , the very strong influence 
whi ch the EMU exerts on the programmed activities and e quip
ment design and to insure thi s  c ompatib ility by a continuing 
test and s imulati on program . One exception to the above , 
whi ch can be s emi - quant itatively treated i s  safe s eparati on 
di stance from the LM . Thi s i s  a first order c ons ideration 
and reflects on the feasibility of the ent ire lunar s urface 
program . The c apab ility in thi s  area i s  shown by fi gure 5 .  
It was referred to as s emi - quantitative becaus e of the 
" est imated" values us e d  in its derivation . The EMU i s  
separately di s c us s ed i n  detail ,  but fundamentally i t  cons i s t s  
of a pre s sure garmet , Portable L i f e  Support System (PLSS ) and 
Thermal/Meteoroi d  Garment (TMG) . The primary oxygen s upply 
in the PLSS is augmented by an emergency s upply if requi red . 
The oxygen supply for breathing and , in an emergency for 
vent ilati on by us i ng an open loop blowdown s cheme , is the 
more t ime sensit ive , and i s  therefore the gauge for defining 
maximum s eparati on di stanc e .  The emergency supply i s  good 
for five minutes . The oxygen remaining in the primary s upply 
can b e  ut ilized in an emergency mode , therefore , the total 
available is the emergency bottle plus that remaining in the 
primary . The latter is c ontinually dec reas ing during normal 
operat i on . The maximum distanc e  that the astronaut can 
s afely separate from the LM i s  twenty- s ix minutes at a walking 
rate c ons ervatively estimated at 150 feet per minute . The 
plot of fi gure 5 then is s imply a locus of point s  which at no 
t ime are more than the product of the oxygen supply time 
remaining and 150 fpm walking rate . 
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Figure 6 i s  a propo s ed lunar stay pro fi le fo r an early mi s s i on . 
1he derivat ion o f  it w i l l  be s epara t e ly treated and w i l l  be 
shown to be s t ro ngly in fluenc ed, i f  no t defined by the c rc1..r 
work/rest cyc les and the resultant i nt erva l betv.' e en s l e e p  pe
r i o ds . The s ignifi canc e here i s  the a l lo cat i on o f  t�w 3 ep a 
rate three -hour extra - vehi cular excurs ions for lunar surfa c e  
explorat ion . The excurs ions a re a c compl i sh ed by both c re'., men 
s imulta.neously g iving a tota l out s i de t ime o f  1 2  manhours . 

A first appro ximation o f  the s ch edul e d  a ct ivi t i e s  for ti_e 
a stronauts during th e first e xcurs ion is sho-vm in time - l i ne 
fa s h i o n  by figure 7 .  To i n sure aga i n s t  a cont ingency '.v h i c h  
might pre- empt e xecut ion o f  th e s e cond excurs io n ,  the h i gh 
priority a c t i vi t i e s  o f  s ample collection and lunar surf a c e  
e xperiment s package deployment are completed duri ng t h e  first 
int e rva l . Howeve r, begi nning w i th egre s s  o f  the first c rew 
man, the initi a l  t a s k  i s  to c omplete a genera l vi sual and photo 
graph i c  survey from the forward plat fo rm . Time i s  r e s e rved for 
the complet ion of operat i onal tasks such as veh i c l e  v1alk around 
inspection , retri eval and e re c t i on o f  the S - Ban d  antenna , et c .  

It should be noted here that vi sual obs e rvat ion i s  inherent in 
the s itua t i on and di rect bene fi t s  and data yield are derived 
a s  a fa cet of e s s ent i a l ly all of the c rew ' s  act ivi t i e s . I na s 
much a s  there i s  no mis s ion ti me e xpended dire c t ly fo r compl e 
tion o f  thi s a c t ivity ,  the rea son fo r i nc luding i t  here i s  to 
recogn i z e  it as o ne of the princi pa l  s ourc es of data . The s i g 
n i fi cant impli cat ion o f  e ffective ob s ervati on i s  i n  pre - fl i ght 
train i ng o f  e xtens ive field tra ining and cla s sroom instruction 
under the aus p i c e s  of speci a l i s t s  in geology . Mi s s i on re sult s 
w i l l  be rea l i z e d  st art ing w ith the i n i t i a l  vi sual contact w h i l e  
st i l l  i n - flight a n d  e xtend through t h e  o perat iona l a n d  s c ient i f i c  
act ivit i e s  o f  t h e  lunar s tay unti l  a s c ent stage departure . I t  
thus de fies di s cu s s i on a s  a n  entity, but thi s  i s  not to minimi z e  
i t s  contribut i o n  o r  empha s i s . ( figure 8) 

I 

Sample co l l e ct ion and return i s  i dent i fi ed as s i ngularly mo st 
impo rtant as a s c ient i fi c  obj e ct ive . I n  thi s regard then i t  
i s  c ompl eted firs t  and i n  the mo s t  e xpeditious manner . The 
sample return containers whi ch had been stow e d  in the a s c ent 
stage w ere t rans ferred to the luna r  surface during crew egres s .  



The balance o f  th e geo logi ca l  equi pment to a i d  sample co l l e ction 
is sto w e d  i n  the de s c ent stage equi pment bay as shown e ar l i er 
and in more det a i l  by figure 9 ·  The right hand pa ckag e contains 
the addi t i onal too l s  depi c ted by figure 10 , and can be retri eved 
independent of th e LSEP . 

Although each o f  the s c ient i fi c  a ct ivi t i es can be o. c compli shed 
by a s ingle c rewman , c rew sa fety and e ffi c i ency are enhanced 
by partnership and mutua l a s s i s t an c e . Figure ll dep i c t s  thi s 
arrangement and the carry mo de fo r the equ ipment . �e t oo l  
carr i er i s  a thre e - legged configurat ion whi ch yi elds l e g  re l i e f  
for e a s e  o f  c arrying and a l s o  i s  co lJ_aps ibl e fo r ea s e  o f  tran s 
lunar stowage . The s e parat e too l s  are indivi dua l ly a c commo dat ed 
on the carri er to improve the i r  ut i li ty and logi sti c s  of the 
s ituation in general during s ampl e  co l l e ction . '..!'he :::.ampl e  Returr1 
Containers ( S RC ) a re c arri ed su i t ca s e  fa shion . In c ontrast to 
what i s  shown in fi gure 1 1 ,  o nly one SRC i s  u s e d  o n  the first 
travers e .  The object ive i s  to co l l e c t  as many s c:v :L} J l c s  as po s s i 
ble a s  expedit iou s ly a s  po s s ible , w i thout part i cular empha s i s  
on comp l ete do cumenta tion . Th e  purpo s e  i s  t c  in.sure that i n  
the event o f  a n  early mi s s i on terminatLm �:m arqJle su pply o f  
s amples are ava i lable fo r return . The de s ign o f  th e containers 
is no t f i rm but i t  is e xpe cted that the indivi dual con1partment 
s i z e s  w i ll be adjustable by movable ( or removabl e ) divi ders to 
a c commo date a variety o f  sample s i z e s . After fi l l  i nc; of one 
container and co l le c t ion of enough samples in indivi dual bags to 

fi l l  the s e c ond, the s amples are returned to the v i c inity of the 
LM where the fi l l e d  m ntainer, a fter w e i gh i ng , i s  h eat s ea l e d  
us i ng L M  e l e ctri c a l  power . Both s ets o f  sample s o.re l e ft near 
the ingre s s  ladder for ready retrieval should c i r c mncl tanc e s  di ctat e . 

I n  the s e lection of the route for the travers e ,  = o n e s  of co n 
tamination resulting from de s c ent engine o perat ion '.-,r i l l  b e  
avo i ded . Figure 12 depi c t s  a preliminary e st imat e o f  contam
inat ion pro fi l e s  for ni tri c o xi de . There are mo.ny other products 

of combus tion w ith va ryi ng pro f i l e s  ( d i stri bution ::: ml quant i t i es ) 
i n  addi t i on to fue l  purg ing effects , LM c abin v<.,nt i ng ,  etc . All 
o f  the potent i a l  conta iminents w i l l  need b e  as s c :3 s e d  and a com
po s i te mapping prepared prior to mi s s i o n  c onduc t . Jhe s j gni f i 
c anc e o f  the fi gure he re i s  t o  show qua l i  tat i vel�- t.hc i n flu enc e 
o f  contaminat ion zone s a s  a parameter and to i cl e rrL i i'y the need 
for a mo re quant itat ive treatment of the prob1 cm . 
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The second phase  of  the first excursion i s  devoted to de
ployment and emplacement of the LSEP as shown on figure 1 3 .  
The package i s  stowed i n  the same equipment bay of  the descent 
stage as shown by figure 14 and a more detailed configuration 
on figure 15 . The experiments and central stat ion are in th'� 
package to the le ft and the integrated power unit to the rear 
of the package on the right . Not shown in either view is the 
fuel cask for the Radioi sotope Thermoelectric Generator ( RTG ) . 
The fuel cask i s  stowed in a speci al container external to and 
thermally shielded from the bas ic vehi cle . This  implies then 
the reason for external stowa5e ;  therma l iso lat ion . The fuel 
cask is at approximately 1300 F .  A special mechanism for tilt
ing for ease of  extraction and special tool  for handling is 
required for trans fer of  the fuel cask from stowagr to the RTG . 

The indivi dual experiments being developed for LSEP a� lication 
are shown on figure 16 . For planning purposes,  expe.dment group
ings have been referred to as Array "A" and Array " B" • Further, 
the experiments have been classified as primary or back-up . It 
i s  planned that the primaries  for a given array will in fact 
constitute the experiments complement for a given package . The 
back-ups, however, are candidates for substitution very late in 
the preparation of  flight packages . 

The equipment to be deployed can be transported to the selected 
emplacement s ite by either of two modes ;  in suitcase fashion 
or via barbell,  as shown in figure 17 . Whi le the method to be 
employed w ill  be firmly e stablished by testing and simulation, 
the barbell mode is attractive because of the improvement in 
walking stability . 

The deployed LSEP is  shown schematically by figure 18 . It i s  
noted the general area s elected i s  approximately 300 feet re
moved from the LM . This  is  to avoi d  the influences of  ascent 
stage engine operation . Thi s distance should avoid  the influ
ences  of dust and exhaust gas flow patterns . The tiwe requi red 
to emplace,  erect , activate and align the central station i s  
essentially equivalent t o  the time required to deploy and emplace 
the individual experiment sensors . Inasmuch as they are also 
mutually independent, it  results in a very e ffective partnership 
actiVity . 



The integrated power unit i s  shown by figure 19 . It should 
be c lari fied that whi le the surfac e  equ i l ibrimn temperature s 
for th e radiato r  fins i s  appro ximat ely 600°F, 0h i s  steady 
state situation is not attained immediat e ly . It i s  a re la
tively s low pro c e s s  requiring some 30 minut es to o c cur, whi ch 
give s t ime for transport and emplac ement w i thout pro ducing 
an exc e s s ive crew hazard . Caution should be exerc i s ed but 
the problem i s  not unmanageable . Also the s eparation d i s t ance 
minimi z e s  the e l e ctromagnet i c  i nterferenc e  w ith the �entral 
station e l ectroni cs , in addition to giving uno b s t n1cted radi 
ato r " look" angles for thermal e ffi c i ency . 

The c entral s tation i s  shown by figure 20 . The apparent upper 
level of the ba se is a so la r  shi e l d  fo r pass ive thermal control 
of the ele ctroni c s  equi pment whi ch i s  in the lower I� rt ion . 
The shi e l d  i s  collapsed during stowage and i s  e:rectcd duri ng 
emplac ement . E l e ctrical heaters for all of the t empe rature 
sens i t ive elements are provi ded for the lunar night condi t i on . 
The h e l i c al antenna i s  insta l l e d  ato p a mas t  to enhanc e  c rew-
man vi sual a c c e s s  to the a l ignment opt i c s . U s i ng  an e phemeri s 
tabl e ,  and having a genera l  know l edge o f  th e time and landing po 
s it io n  of the LM on the Moon, the astro naut adjusts the o pti c s  to 
obtain a proper offset so that the antenna w i l l  be po inted to the 
c ent er of the Earth ' s  apparent motion . The c rewman then c enters 
the E arth in the s ight . S in c e  alignment is cri t i ca l ,  it was 
ne c e s sary to insure a fi rm foo t ing for the package initially, 
to avo i d  the influences o f  trans i ent fo rces di sturbing the align
ment during the o perational life o f  the system . Also , it i s  
e s s ent ial that the crewmen no t di sturb the pac kage a fter align
ment . 

In connection w ith the c entral s tation which i s  the po s t - launch 
contact wi th the packag e ,  th e �nned S ra c e  Flight Net1wrk in
terfac e s  are shown by figure 21 . A dat a ,  or dovm l in }\_ frequency 
has been re quested for each of three pa ckages to pcrmi t the i r  
s i multaneous o peration w i tho ut int erferenc e .  The up- link o r  
C')mmand frequency is common t o  all three pacl<>-age s .  Appropriate 
package re s ponse is a c compli shed by s ignal codtng i n  the tran s 
mitt e r  and r e c e ivers . l\. n  addi tional po int i s  that the a s s igned 
frequenc i es for the data channel s  are vacated by a programme d 
power turn o ff at the end o f  the u s e ful l i fe o f  U-te lJ<J CJ-r.age . 
This turn o ff can be reprogramme d by Earth cor:rrnand, but in the 
event o f  a command link fai l ure the turn o ff 1-li ll �) c c:ur auto 
mat i ca lly ; so turn off must be inhibited i f  the u s •e: ful l i fe i s  
t o  b e  extended beyond one year . 
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The magnetometer experiment i s  shown by figure 22 . The 
sensor heads are on booms in an ortogonal a xes arrangement . 
A bimetallic  fl ipping motor i n  the base o f  the instrument 
permits sensor reori entation and boom rotation whi ch allows 
a determination to be made of the magneti c  field gradients 
at the magnetometer sit e . This  measurement w i ll reveal any 
local fi eld anomalies . Thi s survey might be made manually 
by the astronaut whi ch would simplify the instrument but 
severely compli cate the operational situation, i . e .  after 
each rotation the crewman would have to vacate the area 
since  his equipment i s  not magneti cally clea n .  I t  would 
also define an MSFN and ground readout dependence  for check
out as si stance prior  to completing the installation . 

Figure 23 shows the suprathermal ion detecto r exgeriment . 
Installation requirements include leveling to +5 o f  ver
tical using a bulls-eye level and aligning the-wide entrance 
aperture to the ecliptic  plane . The entrance apertures to 
the three individual detectors are protected from particle 
contaimination during deployment and LM launch by a dust 
cover that i s  removed by ground command . 

The pass ive seismometer, shown by figure 24, contains two 
parts in the same package . First a 10 -15 second period, 
three-axi s orthogonal seismometer is employed to moni tor 
long- period low - frequency energy . Second, a short period 
high frequency s ing le axis instrument is  included for thi s 
energy regime . It  i s  essential during instal lation to insure 
a firm couple with the lunar surface since the effectivity 
of  the instrument is  dire ctly dependent on thi s  energy trans
fer . A site survey will  thus be required of the astronaut . 

The solar wind experiment shown by figure 25 is  similar in  
i t s  i n s tallation requirements t o  that o f  the suprathermal 

ion detector . A dust cover removed by tarth command after 
1M launch is  also included . 

Subsequent to completion of the LSEP insta llation of  the 
crewmen return to the vicinity of the LM since the allowable 
excurs ion time is essentially used up . Figure 26 shows the 
relationship betw een the safe separation envelope and the 
activities s cheduled for inc lusion in the first excursion . 
After return to the vehicle,  the first crewman starts the 
cabin ingress cycle pausing on the fo rward platform to receive 
the fi lled sample containers from the second crewman . Thi s 



container is returned to the cabin as a safeguard against 
not being able to execute the second excursion.  

It  is noted that figure 26 is applicable to the first crew
man and included a series of operational tasks preliminary 
to egress by the second crewman . Since sample collection 
and LSEP deployment was a partnership activity, the equivalent 
relationship for the second crewman would in effect be dis
placed to the left . There will therefore be some 25 minutes 
remaining that can be used but must be in the vicintiy of 
the vehicle . It is expected that this will be employed for 
the completion of additional operational tasks such as 
measurement of landing gear strut compression, footpad 
impression depth, pad skid marks , etc . Fulfilling this , 
the second cre��an will ingress the LM cabin and thus 
complete the first excursion. 

A final note should be made about the contingency of only a 
single crewman descending to the surface .  Deployment and 
emplacement of the LSEP can be  accomplished by a single crew
man and would require about one hour and 25 minutes to complete .  
The time devoted to sample collection in the first part of 
the excursion should then be adjusted accordingly . This would 
probably mean that he could not get so far from the vehicle 
and that he could complete little if any documentation. 
Sample collection and LSEP deployment can however be comple
ted by a single crewman in the first excursion. 

The activities associated with the second excursion are 
shown by figure 27 and it is clearly devoted in its entirety 
to field geology.  Field geology is defined herein according 
to figure 28 . The traverse associated with this  excursion 
is an amplification of the sample collection phase of the 
first excursion. The second SRC is utilized and the samples 
collected are very thoroughly documented by photography and 
verbal description. 

Figure 29 is representative of this partnership activity . 
Extensive attention is directed also toward interests other 
than sample collection such as local and far field mapping 
of major geological and topographical features . Figure 30 
depicts the safe separation versus time relationship for the 
second excursion .  The significance of it is simply to show 
that the crewmen should go out the programmed or limiting 
distance and work their way back to the vehicle . Since a 
fairly comprehensive procedure of documenting samples and 
mapping has been indicated to be in effect , the crewmen 
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return will essentially be in phases . They will return well 
within the safe distance ,  remain for a prescribed period 
of time and then move on to another closer-in location.  As 
will be emphasized later, it is not the intent to overplan 
the mission and thus pre-empt the selective judgement of 
the astronaut in fulfilling this activity. Thus it should 
not be inferred that separation or return profile such as 
this is mandatory; rather it is a limiting cas e .  I f  in 
the opinion of the crew, on examination during the outbound 
leg of the traverse,  it would be more effective to spend 
more time exploring and documenting a feature nearer the 
vehicle ,  they should and will be expected to exercise this 
prerogative . Alternatives withing the boundary condition 
is at crew discretion. 

Inasmuch as this entire area of formulating and validating 
a program of lunar surface activities defies a hard quantitative 
analysi s ,  particular emphasis must and will be placed on an 
exhaustive simulation program . The non-quantifiable facets 
of the EMU and crew performance and capabilitie s ,  coupled 
with the unknown but obviously hostile envirnnmental conditions 
on the lunar surface ,  reduce validation of the design 
and programmed activities to a "very best" approximation. 
The principal ob jectives of such a simulation program are 
thus as shown on figure 31 . To effecively implement such 
a program the procedure shown schematically on figure 32 
will be employed . 

The requirements of the program will be collectively established 
by representatives of the directly effected organi zations . 
In the case of the scientific community a singular representa
tive will be appointed to synthesize the objectives addressing 
a particular (or grouping ) of disciplines . This working 
group will document the total of the requirements to be 
implemented jointly by MSC and the U .S . G . S . To insure a 
minimum duplication of effort and a maximum of data inter
change , the implementation will be under the central control 
of an MSC Working Group . The results will be merged, consid
ered in context , analyzed and distributed for use in design 
iterations , formulation of crew training requirements and 
in detailed mission planning. The approach is obviously not 
unique and therefore its expected effectiveness  is not 
revealed by an examination of this flow diagram. It is more 
apparent when it is emphasized that this  is a continuing 
process and requirements are formulated, the test conducted 
and the results distributed in frequent iterations . The 
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necess ity for such a flexible and continuing progra� i s  
further exemplified by figures 3 3  through 36 wh i c h  Ec re 
re pre sentative of the di fferent categories of s imulu t i ons 
required . No s ingle fac i lity or test type w i l l  permit 
total mi s s ion s imulation . The l/6 G counterbala,n c; e  ri g 
w i l l  permit an approximat ion o f  the gravity envi rorlln'.mt 
for an e xtended period c' f time,  however, it is no t w i thout 
the obvious cons traint s  o f  inert i al anoma l i e s  and encum
brances o f  the rig . The KC - 135 i s  a reasonable a piJro x i 
mation o f  the actual free body effects o f  l/6 G but the 
time variable is limited to 35 seconds or le s s ;  thus con
tinuity is not po s s ibl e . An integrat ion of the s e  se parate 
result s into a s ingular " net effect" and then attempting 
an e xt rapo lation into the real situation give s an indi cation 
of extremely clo s e  co -ordi nation . An out - o f  - c ontext d :� t a  
yield for any given tes t will  l ikely have l imited val i dity 
and at best should be used wi th di s cret ion . 

The magnitude o f  the problem can begin to be s co ped by 
compil ing a matri x such as that shown by figure 37 whi ch 
show s ta sks by category versus some select ed paramet ers 
that influence the simulat ion . Also when a s s e s s ing ·wh i ch 
tests have been completed and tho s e  that need be initiat ed, 
it should be remembered that the tasks by categories have 
s igni fi c ant s e cond and third t i er divis ions that are e s s en
t ially entities . Thus where a check i s  shown, it perhaps 
should have been a fractional check since only a port ion o f  
that c ategory may have been tested . The final s igni fi cant 
point i s  that virtua l ly all testing to date has uti li ze d  
conc eptual equi pment only and a n  early model pres sure suit . 
A s eri es of tests employing more fl ight - like equipment in 
the fo rm o f  mo ckup s ,  prototypes , and o f  cours e  final config
uration hardware is re quired . Re lative to the suit c onfi g 
uration, it should b e  pointed out that whi l e  t o  date only 
early mo dels have been used, thi s  should inject a degree o f  
cons ervatism in the completed tests s ince recent demonstra 
tions have shown a marked improvement in mobility . 

The very a ctive and comprehens ive s imulation program out 
lined above a nd already initiated should in fact further 
define and finally substantiate a lunar surfa c e  program o f  
activi ties such a s  ha s been di s cussed i n  thi s ent j re s ection . 
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A final po int wh i ch shou ld be made re lates to program fl exi 
b i li ty a s  shown on fi gure 38 . The LSEP ba s i c  configura t ion 
w i l l  permit a subst itut i o n  of a ba ck-up experiment fo r a 
primary very late in the preparation o f  flight hardware . 
Al so s i mulat ion and tra i n ing programs w i l l  have addre s s ed 
th e s e  e xperiment s ,  thus minimi z ing the e ffe c t s  o f  th i s  late 
subst i tut ion . A mo st impo rtant con s i derat ion is in the 
level o f  deta i l  that the fina l mi s s i on plan reflec t s . C rew 
j udgement and s e l e c t i vity and the c a pa c i ty for exerc i s ing 
the s e  w i l l  undoubt edly be one o f  the mos t  valuab l e  mi s s ion 
a s s et s  in rea l i z i ng the s c i enti fi c  obj e ct i ve s . The mi s s ion 
pro f i l e  w i l l  therefo re no t be over planned and crew d i s c r e 
tion w i l l  preva i l . 

The suc c e s s ful completion o f  a s c i en c e  program a s  out l i n e d  
here in wi l l  make a very sub stant ial c ont ribut i on t o  the 

de finit ion and under s ta nding of the pres ent status of the 
lunar sur fa c e  and i nt erior and the evo luio nary s e quen c e  o f  
event s by w h i ch the Mo on arrived a t  i t s  pre s ent c onfi gurat ion . 
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Que s t i on s  and Answe rs 

LUNAR SURFACE EXPERIMENTS 

Spe a ke r :  Robert E .  Va le 

1 .  Dr . Mue ll e r  - W ould l i ke more det a i l  o n  s ample c o l le c t i on .  

ACTION - Mr .  Va le 

2 .  Dr . Mue ll e r  - How doe s t he c rew s l e e p  i n  the LM? 

ANSWER - Will be c overed by Mr .  Loft us duri ng t he d i s c us s i on 
o f  c rew t a s ks . 

3 . Will photos b e  take n  of each s ample ? 

ANSWER - Ye s .  

4 .  Dr . Rees - Why will b oth c rewme n be s leep i ng at the same 
t ime ? 

ANSWER - Gemi ni expe ri ence has s hown t ha t  t he ac t i vi t i e s  
of the non - s leepi ng c rewman p re vent s ound s leep a n d  ground 
mon i t oring has prove n  to be adequat e . There fore , it ha s 
worked better for b oth crewmen t o  sleep at the same t ime . 

5 .  Hhy i s  t he re no TV s how n ?  

ANSWER - B l o c k  I I  TV i s  n o t  c o nsidered a part u f  the 
s c i e nt i fic experiments . 

6 .  Mr .  Holme s - How muc h rea l  t ime c ommun i c a t i o n  i s  t here 
w i t h  s c ie nt i s t s  on eart h? 

ANSWER - I n format i un will b e  fed back t o  t ile HC C' i n  real 
t ime . 

7 .  Mr .  Da vidson - Was fixed TV l o oking at eartll  c u n :::; idered 
as an experiment? 

ANSWER - No . 

8 .  At the s un ang l e s  c ons i de re d  during the lunar s t ay , wha t 
lunar s ur fa c e  t emperat ure s are expected? 

ANSWER - Approxima tely + 200°F .  
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9 . For the sc ient i fi c  equipment , what i s  the apporti onment 
o f  weights between t he ascent and des cent stage s ?  

ANSWER - 250 pounds total o f  which 210 pounds will be i n  
the des cent stage and 4 0  pounds in the a scent stage . 

10 .  Are we bringing the TV c amera back? 

ANSWER - No . 

ll . I s  there any s cienti fi c  equipment in  the CSM? 

ANSWER - No, not for t he early lunar landing mi ssions . 
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N A S A - S - 6 6 - 5 1 9 .(  J U N  

S C I ENT I F IC  OBJ ECT IVES  BY CAT EGO RY 

e I NVE S T I G A T E T H E  S T R U C T U R E  A N D  P R OC E S S E S  O F  T H E  
l U NA R  I N T E R I O R 

e D E T E R M I N E  T H E  C O M P 0 .5 1 T I O N  A N D S T R UC T U R E  0 F T H E  
S U R F A C E  O F  T H E  M O O N  A N D  TH E P R O C E S S E S  
M O D I F Y I N G T H E  S U R F A C E  

e E ST A B l i S H  T H E  H I ST O R Y  O R  E V O l U T I O N A RY S E Q U E N C E  
O F  E V E N T S  B Y  W H I C H  T H E  M O O N  H A S  A R R I V E D  A T  I T S  
P R E S E N T  C O N F I G U RA T I O N  

N O T E :  F R O M  A M E E T I N G  S P O N S O R E D  B Y  T H E  N A T I O N A l  
A C A D E M Y  O F  SC I E N C E S ,  S P A C E  S C I E N C ES B O A R D ,  
A T  W O O D S  H O l E ,  M A S S A C H U S E T T S ,  I N  T H E  S U M M E R  
O F  1 96 5  

l · 'q . .; u p ·  N o ,  1 

N A SA - S - 6 6 - 5 1 9 7 J U N  

PR IOR ITY AC TIV IT I E S  

e O B S E R VAT I O N S  

P R OV I D E  Q U A l i T A T I V E D E S C R I P T I O N  OF l U NA R S U R F A C E  F E A T U R E S 

• S A M P L E  C O LL EC T I O N 

T O  P E R M I T  P O S T - M I S S I O N  A N A lY S I S  A D D R E S S I N G  B A S I C  Q U E ST I O N S  

I N  T H E  F I E l D S  O F  G EO C H E M I S T RY , P E T R O l O G Y ,  G E O l O G Y ,  A N D  

B IO SC I E N C E  

e D E PL O YM E N T  O F  L U N A R  S U R F A C E  E X PE R IM E N T S  P A C K A G E  

T O  O BT A I N  C O N T I N U E D  M E A S U R E M E N T  O F  G E O P H Y S I C A l  

P A R A M E T E R S  F O R  O N E  Y E A R  A F T E R  L M  D E P A R T U R E  

e F I E L D  G E O L O G Y  
T O  O B T A I N  I N F O R M A T I O N  O N  P O SS I B l E  G E O l O G I C  S T R U C T U R E  AS 

I T  M A Y  B E  R E V E A L E D  B Y  S U R F A C E  F E ATU R E S  A N D  F O R M A T I O N S  
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N A S A - S - 6 6 - 5 2 0 4  J U N  

B A S I C  C R ITER IA  FROM SPA C EC R A FT /M ISS ION 

• W E I G H T  A l l O C A T I O N  

• STOWAGE P R O V I S I O N  

• E M U  P E R F O R M A N C E  

• S I T E  S E L E CT I O N  

• L U N A R  S U R F A C E  S T A Y  

N A S A - S - 66 - 5 1 9 8  J U N  

2 5 0 / 80 

lM STRUCTU R E  

O P E R A T I N G  T I M E ,  M E T A B O l i C  LOADS,  

M O B i l i TY , D E X T E R I T Y ,  V I S I B I L I T Y ,  

TH E R M A L  C O N T RO L ,  

C O M M U N I C A T I O N S  

O P E R AT I O N A L  P R I O R I TY 

D I STR IBUTION,  DU RATIO N  & N U M B E R  

O F  CREWMEN F O R  EXTRA-V E H I CU L A R  

E X C U R S I O N S  

S C I E N T I F I C  E Q U I P M E N T  S T O WAG E 

A S C E N T  STOWA G E___,nn__, 2 CU F T  

S R C  
C A M E R A  
F I LM P A C K S  

LUNAR MODULE 
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N A S A - S - 6 6 - 5 1 8 7  J A N  

SAFE SEPARAT ION FROM LM 
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N A S A -S -6 6 - 5 1 6 6 J U N  
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N A S A - S - 6 6 - 6 5 1 9  J U N  

F I R S T  E X C U RS I O N 
C RE W M A N  N O . 1 T I M E  

E G R E S S  T O  F O RW A R D  P LA T F O R M  0 
G E N E RA L  V I S U A L  A N D 
P H O TO G R A P H I C  S U RV E Y  

D E SC E N D  TO L U N A R  S U R F A C E  1 5  
CO N D U C T  O P E R A T I O N A L  
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DETAILED MISSION PLANNING 

CONSIDERATIONS AND CONSTRAINTS 

Figure l - Apollo Rendezvous 

The current status of Apollo rendezvous is such that nominal and 
contingency plans are at an advanced stage . The current activity 
may be summarized as an evaluation of detailed operational trade
offs . This is somewhat emphasized by the fact that computer pro
gram implementation is proceeding in the Lunar Module Guidance 
Computer ( LGC ) ,  the Command Service Module Computer ( CMC ) , the 
Abort Electronics Assembly ( AEA) , and in the ground Real Time 
Computer Complex (RTCC) . Crew guidance and navigation procedures 
are being established for AS-278 and the basic  ground rule is 
that whatever is established for the development flights (AS-278 
and AS-503) shall be used on the lunar landing miss ion . These 
procedures are being established for AS-278 now . 

During the discussion, it will be seen that cross checking 
navigational sources are available to aid the rendezvous flight 
plans . It will be seen that there is a preference for Lunar 
Module active rendezvous wherever it is possible and that Lunar 
Module-Command Service Module ( LM  - CSM) combination plans are 
the next preference . In addition, it will be seen that there is 
a CSM potential rendezvous in all cases . However, an entirely 
CSM active rendezvous is the last preference and steps are being 
taken to lessen the probability of resorting to CSM total active 
rendezvous . 

During the last year, there has been a change of thinking as 
regards the modes of rendezvous to be employed, and this change 
is briefly dis cussed in the next section .  

Figure 2 - The Change 

In the past, the nominal mode of rendezvous was the "direct 
ascent " ,  in which the launch puts you on a direct intercept 
trajectory . The direct ascent was also used in contingencies 
whenever possible ;  for example , at the commencement of powered 
descent . However, when an abort was required in which large 
catch up rates were involved, for example, an abort from hover, 
then an intermediate parking orbit was required before the final 
transfer . So in the past , it should be recognized that two modes 
of rendezvous were required . 
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The present plans are that the " concentric  flight plan" shall 
be used for all nominal and all normal non t ime critical con
tingencies . For example, it can be used for all aborts from all 
phases of descent . 

For t ime critical rendezvous from the lunar surf'ace , an "equiva
lent direct as cent" will be employed .  

The time criti cal s ituation, for example, could be ·brought about 
by failure in a life support system. 

Both the " concentric  flight plan" and the "equivalent direct 
as cent" plans will be dis cussed in subsequent s e ct i on s . The 
obj ectives of the change are dis cussed in the next se cti on . 

Figure 3 - The Objectives 

The objectives of the employment of the Con centri c  Hendezvous 
Flight Plan ( CRFP) are : 

l .  To facilitate a time line in which crew and ground 
spec ialists can participate in operational decis ions 
without a t ime press . This has been made pos s ible be
cause the final crit ical transfer trajectory is arranged 
to oc cur on the front side of the moon . 

2 .  To fac ilitate effective crew monitoring techniques . It 
will be seen that the concentric coast prior to the 
Terminal Phase Initiation allows some effective checking 
by the crew before the critical trans fer phase .  

3 .  To facilitate a policy of conservative step-by- step 
cormnitment . At no time is there a " one s '-, ot "  critical 
expenditure of fuel .  

4 .  To allow full utilizat ion of MSFN as an independent 
source of navigat ion to c onf irm onboard d <.: t c rminat i on 

of corrective maneuvers . It is in the coas1; ine; phas e s  
prior to the  maneuvers that the MSFN i s  par t i cularly 

useful . 

) . In the event of a failure of the onlJ Oard f'r i me guidance 
system, MSFN update s of the A1:.>ort Guiclan '� ' System ( AGS) 
and provis ion of targeting for trans fer a n d  mid c our s e  
correcti ons may be found to b e  part i cularls us e ful . 
This  is because of the errors lrt(''JTrecl t he dr ift of 
the AGS att i t ud e  e;yros . 

6 .  To provide a standard plan of act i on fur norr.inal and all 
normal abort cas e s . 
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7 .  In the event that a substantial launch window i s  re
quired for operational reasons , then a s ignificant delta 
V payload saving may be achieved . 

In the next section,  we begin the des cription of the CRFP . The 
beginning of the CRFP really starts in the prelaunch phase . 

Figure 4 - Prelaunch 

In the mis sion planning description by M. P .  Frank, it was estab
lished that it is  intended to achieve a CSM plane change prior 
to nominal 1M ascent . The object of the plane change is  to bring 
the CSM orbit over the launch s ite at nominal lift-off time . 

An essential activity that must oc cur prelaunch is an update of 
CSM orbital elements .  These orbital elements will be entered 
into the LGC through the DSKY. The source of the update could 
be the MSFN or from an onboard CSM determination . However, the 
latter way may be undes irable because it may incur undes irable 
activity by the one crewman and/or undes irable use of the CSM 
Reaction Control System ( RCS) . It is important that the update 
occurs in that the 1M Inertial Measuring Unit ( IMU) alignment is 
a function of the CSM orbit , but it is the AGS which is directly 
dependent . The AGS uses the AEA, a small capacity computer, 
which has some s implifications in its programming based on the 
IMU alignment relative to the CSM orbit . 

The alignment is also a function of lift-off time . The lift-off 
time is calculated such that with perfect guidance and navigation ,  
the 1M will have a concentric  coast 1 5  n . mi .  below the CSM prior 
to Terminal Phase Initiation ( TPI) . 

Through a permanently stored transformation in the AEA, the AGS 
attitude measurements are referenced to the new IMU alignment . 

Also ,  the 1M state is  updated prior to launch . 

Finally, the AGS t ime data must be reset because of its limited 
s cale . 

The dis cussion of launch is split into two main topics : monitoring 
and targeting . 

Figure 5 - Launch ( Monitoring) 

The strategy for monitoring the launch is  currently being 
developed . 

Normally, the prime guidance will be used during launch . How
ever, the AGS has stored in it equivalent launch targeting . 
This  means that reference may be made to the 8 Ball display 
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slaved by selection, for monitoring purposes only, to the AGS 
attitude reference . Therefore,  it can be seen on t he 3 Ball in 
terms of attitude errors , what the AGS as ses sment o r  the per
formance of the prime bllidance system is . 

To aid launch moni taring , it is intended to have <::o · kpi t displays 
giving altitude rate,  and crossrange velocity . 

Additionally, there will be keyboard displays ( DSr� and DEDA) of 
vacuum peri cynthion, absolute velocity, and a c cmnulated velocity 
along the X axis .  

Further , it is thought that some out of the w i ndow , traer' moni tar
ing is poss ible by observations of previously no ted G}Jec ial ter
rain features . 

Rendezvous radar in the latter stages of the launch will detect 
down-range velocity and it may be poss ible to detect gross cross 
range positional errors . 

If the range and backup onboard guidance systems telemeter their 
respective state vectors to the ground, and this information is 
resolved along the line of sight between the ground radar dish 
and the LM, and if either onboard guidance system has a velocity 
component error in this direction, it will be detected by MSFN. 
The MSFN uses Doppler rate measurement which provides an extremely 
accurate form of measurement in the direction specified . Gross 
crossrange rate errors will also be detected by MSFN. 

Figure 6 - Launch ( Concluded) ( Targeting) 

Both the LM prime and the backup guidance systems have equivalent 
launch targeting . The launch targeting essentially specifies the 
following : 

l .  That b y  the end of the launch, the LM s!lall have trans
lated into the CSM orbit plane . 

2 .  The absolute  cutoff velocity, which is approximately 
30 ft/sec  in excess of c ircular orbit speed, and in free 
coast conditions , would take the LM to an apocynthion 
of 30 n . mi .  

3 .  The cutoff flight-path angle is constrained to z ero . 

4 .  The cutoff altitude is  specified ly current planning that 
it shall be 60 , 000 ft . 
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The concentric  sequence follows the launch . 

Figure 7 - Concentric Flight Plan 

The con centric  sequence is initiated 30 min elapsed time after 
launch insertion . The objectives of the concentr ic sequence 
are : 

l .  To provide a period 
coast prior to TPI . 
ing and checking of 
ti cal transfer . 

of constant differential altitude 
This is to facilitate crew monitor

t he guidance system before the cri-

2 .  To insure that TPI will occur compatible with maximum 
operational convenience . This involves cons iderations 
of light ing conditions for both the CSM and LM and 
monitoring by the ground network prior to TPI and during 
the transfer up to the t ime of first braking . 

The concentric  sequence cons ists of the Concentr ic  Sequence Ini
tiation ( CSI) maneuver,  the Constant Delta Height ( CDH) maneuver, 
TPI as previously mentioned, and Intercept . The concentric se
quence is determined as a whole prior to the CSI maneuver . The 
manner in whi ch the targeting is  determined is  descri'oed in "Soft
ware Compatibility with Lunar Mis s ion Objectives" . The subsequent 
discuss ion will temporarily restrict itself to the nominal lift
off time case . 

The CSI maneuver is  a horizontal burn parallel to the CSM orbit  
plane, using a 6 V of approximately &J ft/ sec . The fact that it 
is a pos igrade horizontal addition to the existing safe or1)it 
implies that the pericynthion alt itude will be raised higher than 
that of the existing safe orbit . Therefore,  it is  a safe burn, 
not predi cated on the quality of the navigational update subse
quent to launch . The burn is  made parallel to the CSM orbit plane 
and therefore,  any out of plane condition incurred by launch errors 
is constrained . It should be noted, however,, that tre magnitude 
of the CSI maneuver is a funct ion of the best est imate of the CSM 
and LM orbits prior to the maneuver .  

The CDH maneuver is made at a time determined as a by product of 
the determination of the entire concentric sequence which oc curs 
prior to the CSI maneuver .  The time of the init iation of the CDH 
maneuver is  held constant in order to keep the operational t ime 
line intact . The objective of the maneuver is to produce a minimum 
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var iat i on in different ial height subsequent to i t  ard pr i or to 
TPI . For the nominal cas e ,  the CDH maneuver t:.V i s  approx i 
mat ely 70 ft/s e c . The burn is constrained to be parallel to 
t he C SM orbit and , in t;eneral, this is a pos it ive redu c t i on t o  
t h e  out o f  plane c haract e r i s t i c s  of t h e  LM traj e ct or:f . If 
navigat ion and guidan c e  (�ond it ion s  were perfect anu t h e  CSM 
is in a c i r cular orb i t ,  t he n  t h i s  maneuver would w::C1ieve a c on
c entr i c  tra j e ct ory at a constant d i s tan c e  below tht: C SM orb it . 
Th i s  is really t he der ivat i on of the name of the f l i t:; ht plan . 
Furthermore , it should ll e real i z ed that the per i. cynt l J:i_ on alt i 
tude has again b een rai s ed . Alt hough t h i s  maneuver :L s made 
behind t he moon , it i s  an extremely s afe maneuver .  It als o  
s h ould b e  noted that although t he t i me of in itia l i on :�as been 
maintained, this maneuver i s  als o  a fun ct ion of tLc current 
knowledge of the LM and C SM orb ital c haracter i s t i c s . Again the 
manner of the target ing i s  des c r ib ed in " Software Compat ib i lity 
with Lunar Mi s s i on Ob j e ctive s " . 

In genera l ,  there w i ll have been execut i on errors as soc iat ed 
with both the CSI and CDH maneuvers , in addit ion to t he naviga
t i onal error s sub s e quent to laun c h ,  and there fore , ins i s tence 
on init i ation of the TPI maneuver at a pr evi ously planned t ime 
would incur 6. V penal t i e s . 0 Thi s  is b e c ause at t he s ame t ime 
a s t andard tr�nsfer of 1!� c ent er angle travel of the tran s 
fer traj ectory i s  intended . It i s ,  of c our s e ,  more des irable 
to init i at e  the transfer when there is a near opt imum phas e 
height :;_·elationship . Th i s  means that all previous d i sper s i on 
errors can be ab s orber) for near zero 6. V penalty .  'l'he manner in 
whi c h  t h i s  is ac c ompl i shed in the concentr i c  fli ght plan and it 
is an inherent property of it , i s  to init iate the TPI maneuver 
?.t a s et e levat i on angle . Thi s  e levat ion angle i s  the elevat ion 
angle of the line of s i ght of t he LM to the CSM referred to t he 
current LM hor iz ontal p lane . Therefore , the onb ca rd c omput ers 
predi ct when t h i s  line of s ight angle will o c c ur and t h i s  b e 
c ome s t he newly s e le cted t ime of TPI . I n  t he framing of t he 
or ig inal f light plan, allowan ce will have been made f'or d i s 
p er s ions and ad j ustment of TP I  t ime doe s not in cur s erious 
operat i onal c ons equenc e s . 

Another property of t he Concentr i c  Fli ght Plan ( CFP) i s t hat if 
the crewmen know the di fferent i al hei ght pri or t o  TPI, then they 
know t he d ire ct ion and magnitude o f  the TPI burn . The magnitude 
of t he direction of the burn ,  and hence 6. V ,  is proportional t o  
the different ial height and t h e  d ire c t ion of t h e  burn w i l l  b e  
along t he line of s ight towards t h e  target veh i c l e . The s e  two 
propert i e s  have an emp ir i c al der ivat ion and an exact theor et i 
cal one s hould not b e  s ought . Independently crewmen with the 
aid of the rendez vous radar b y  not i ng d ifferent ials in range 
and range rat e  referred to t he nominal fli ght plan , c an detect 



the actual phase and height relationship such that in emergency 
backup cir cumstances they can manually perform the TPI maneuver 
making use of the properties of the TPI maneuver previously 
mentioned, i . e . , they would also make use of the set elevat ion 
angle of the line of sight and a knowledge of the height diffe
rential . Normally the 1M pr ime guidance or backup guidance will 
control the maneuver . 

With the sun direction and line of 3 ight direction as indicated 
in Figure 7, it is a matter of conje cture whether the crewman 
in the right hand seat s itting in front of the 1 1 shaded11 window 
will be able to see the sun illuminated CSM at time of TPI . 
The distance is 34 mi . but the pos s ibility hinges on the amount 
that the right hand window is shaded . 

An amplification of the determinat ion of the target ing for TPI 
occurs in the above reference . It will suffice here to say that 
the TPI maneuver is  intended to achieve an intercept at a pos i
tion corresponding to  l4o 0 of target vehi cle travel or an equi
valent elapsed time of target vehicle trave l .  I t  will incur a 
6. V of approximately 25 ft/ sec .  

At a fixed elapsed time after TPI , a midcourse correct ion will 
be applied . Again, the ob jective will be to bring about inter
cept at the same pos ition intended at TPI . It will be noted 
later that there are cross checking navigat ional guidance sys 
tems being brought into play dur ing the concentr ic sequence 
flight plan . 

At 3 mi . relative range , the first braking will occur .  This  
will be  a maneuver again aimed at an inter cept , but at  the same 
time instantaneously reducing the closing rate to approxjmately 
20 ft/sec . Subsequent s imilar maneuvers at reduced relat ive 
ranges will accomplish orbit matching characterist i cs with the 
CSM. The summation of the 6. V '  s of these terminal p�1ase maneuvers 
will be s omewhat more than 25 ft/sec .  

The docking will be performed manually whi ch will take some time 
and sometime later behind the moon, crew transfer will be achieved . 
However, it will be noted that the MSFN was able to partic ipate 
in the critical navigat ional guidance phases . The discuss ion is 
centered around a nominal launch lift- off t ime which may be de
fined as that which would result in a 15 n .  mi . differential if 
navigation and guidance conditions were perfect . The late lift
off is 5-l/2 min . later and corresponds to a zero CSI maneuver, 
i . e . , the late window is essent ially defined by the safe orbit 



at ins ert ion , referred to AGS launch insertion errors . In the 
case of the early l i ft- off, the CDR maneuver will oc cur approx
imately 150 from the CSI .  In the case of the late li ft - off, 
the CDR maneuver occurs 90 later after the nominally zero CSI 
maneuver . In general, the CSI maneuver for the late l ift- off 
will not be z ero b ecause of launch errors . It s hould te noted 
however , that only posi�rade CSI maneuvers are tolerated . If 
the dispersed condition s  at CSI for the case of t he late lift
off potentially demand a retro- impuls e ,  then in this case , no 
maneuver will oc cur and the consequence will be that the finally 
s elected TPI time after CDR will be di splac ed from the ori ginal 
nominal TPI time . In this cas e ,  perhaps a little more than 
des irable , but the probability of the case is low . 

Figure 8 - Concentric Flight Plan in Re lat ive Coord i nates  

The flight plan indicated on Figure 7 i s  shown in this  coordinate 
s ys tem so that it can be seen to s cale . Tne coord inate system 
i s  set in the CSM and he ight different ial i s  shown in t he direc
t ion of the " current vert i cal" t hrough the CSM and phase d iffe
rence i s  s hown in the d i re c t ion of the current horiz ontal through 
the CSM plane . Ess ent ially, the moon has been opened up and made 
flat . Hence, the 8o n .  mi . c ircular orbit become s a horiz ontal 
line . The concentri c  coast i s  s hew n parallel to it . 

The notes of background refer to the conditions with which the 
sextant has to view the U.1 .  The nautical mile figuTes refer to 
the relative range between the LM and the CSM. The or bital rate 
of the CSM is approximately 3 per minute , hence there i s  a large 
loss of phas e during the 6 . 9  min . launc h  per iod . 

Study of Figure 8 gives a fresh perspe ctive to the CFP . 

In the next section a brief summary of the propuls ion systems 
used is given . 

Figure 9 - Ut iliz at i on of Propulsion Systems 

The main engine , with a f ixed noz z le ,  is used to pr oYide t he power 
for launch .  In addit ion ,  a forward thrusting HC S enc; ine i s  us ed 
to null out the effects of cg t hrust offset . Bot h engines  are 
us ing As cent Propulsion System (APS) fuel . It sh ould be noted 
that there is sufficient APS fuel to launch into a safe orb it 
even if there i s  an RCS failure where r e s ort has to be made to 
an RC S engine t hrusting backwards to null out the q;-t� trust off
set . Thi s  is true when referred to all pror1able ar�bcrse cg off
set cond it i ons . 
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It is  considered wise to use the residual useable APS fuel for 
the next maneuver after launch, i . e . ,  the CSI maneuver .  However, 
the pressurized RCS tanks must first provide fuel for ullage action 
by the X axis RCS thrusters . Ullage having been provided, then 
following a switching sequence, the s ame RCS thrusters are able 
to use the residual APS fuel . 

For the remainder of' the maneuvers for rendezvous , the RCS engines 
are used and the fuel is taken from the pres suriz ed RC S tanks . 
It is planned to use Z axis  thrusters for nearly all cases from 
TPI on . 

At the bottom of' Figure 9 ,  there is  a reminder that the CSM may 
be involved in act ive rendezvous maneuvers . When the 6 V i s  
more than 12 ft/sec ,  CSM RCS will b e  used for ullage and then 
main engine thrust is applied . If the 6 V required is  le s s  than 
12 ft/sec,  then the CSM RCS alone will be  used . An example of 
this is the final terminal thrustings to complete CSM act ive 
rendezvous . 

The next section reminds us that a time critical rendezvous may 
be required .  

Figure 10 - Time Emergency Rendezvous 

This figure indicates th� t ime critical flight plan which will 
be employed . It cons ists of a standard insertion from launch 
exactly as in the nominal mode . Thi s  is followed by approxi
mately a 5 min . review of the launch cutoff conditions . 0 Sub
sequent to this , a direct transfer of approximately 100 is  
selected . Sul:s equent iD the transfer initiation, midcourse 
corrections will occur .  At a relat ive range whi ch will call 
for braking maneuvers , the clos ing rate prior to first braking 
will be higher than that in the nominal mode . As indi cated 
in the figure, the time line is a busy one and this mode of 
rendezvous wi ll only be employed in t ime emergency circum
stances . 

Necessary studies have taken place to examine vehicle to vehicle 
tracking possib ilities for the CFP . 

Figure ll - Optical Trac king Assumpt ions 

Figure 11 summar izes the sextant tracking as sumpt ions for the 
studies and the condit ions have two maj or categories :  

l .  Where the line of s ight has a radial component outwards . 

2 .  Where the line of s ight has a radial component inwards .  



As soc iat ed w it h  the first c ategory, s extant v i ewint�  cond i t i ons 
are acceptable if t he angle betwt,en the sun d ir e , :t ion and the 
l ine o f  s ight is greater t han 20 . 

A s s o c i ated w i t h  the s e cond c at egory , i s  t he prol ab i l ity t hat 
t here wi ll be a lunar 1Jackground to the LM .  Th i s  0 orre sponds 
w i t h  the LM be ing be low the hor i z on . 

The f igure ind i cat e s  the maxirnwn view ing range for 'Iar ious back
ground c ondit ions and i t  s hould be noted t hat it is the sun 
i llwninat ed LM rather t han the flashing l ight of L i 1'-' LM, t hat 
can be detected aga ins t a sunlit lunar backgrm md . 

The kind of analys i s  t hat has been made w i ll be s :CJoHn in t he 
next s eries of f igure s ,  but first , attention must l,c pai d ,  to 
t he notat ion used . 

F i gure 12 - Explanat ion of Line of S ig ht C onvent i on 

F i gure 12 g ives an explanat ion of t he l i n e  of' s :L �:ht convent i on . 
The z ero datwn for t he local aoriz ontal tnrough t h e  C SM in the 
dir e ct i on of mot i on and a 360 c onvention is us e d . 

F i gur e 13 - CSM Sextant Trac king LM ( Nominal Flight Plan ) 
Th i s  i s  an example of c on d it i ons �ou have when a land ing has been 
made with the s un e levat i on of 18 and when the l if t - off c orre
sponds t o  the nominal and the concentr i c  alt itude of 65 n. mi . 

The s tatus of t :1e mi s s ion i s  g iven by t he trace with t he events 
of the CFP indi cated w i th appropr iate s ymbols . Ir1c s tatus of 
the mi s s ion i s  g iven in terms o f  the l ine of s ight , u s i ng t he 
convent ion shown in t he pr evious figur e ,  and the lone;itude of 
the LM. 

At ins ert ion , t he CSM looks back to s e e  t he LM on the hor i z on 
and as the LM at a lower alt itude begins to c at c :1 up , the l i ne 
of s ight steepens and the LM then b e c ome s viewed acainst a lunar 
bac kground . First the bac kground is sunlit and Llten it i s  t hat 
of earth refle cted l i ght , but the range i s  greater t han 250 n .  
mi . and the f lash ing l ight can b e  acquired . Henc e ,  t he trace 
s hows a s eries of dots to indi cate tra j e c t ory s tatus . However , 
t he tracking s ummary at t he bottom of the <liae;ram qui t e  c orre c t ly 
ind i cate s  a gap in tracking . 

After C S I ,  t he LM alt i tude incr eas e s  and the LM is s een against 
a space bac kground w h i c h  corresponds t o  a <lark bac kcround , and 
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s ince the range is les s  than 500 n . mi . , the LM flashing light 
can be s een and the tracking summary shows a definite l ine of 
" footballs "  indi cating that acquis ition is pos s ible . Following 
the circularization or CDH maneuver, the l ine of s ight steepens 
acain and the LM is viewed against a sunlit background . How
ever , the range at TPI is 34 n . mi .  and hence , just prior to it,  
the range i s  4o n . mi .  or les s and hence, the sun illuminated LM 
can be seen against the sunlit background . After TPI ,  the rela
t ive range becomes les s  and hence ,  sextant acquis it ion continues 
to be poss ible . Toward main braking, the lunar background is 
that of earth reflected light and again, by reference to the 
Opti cal Tracking As sumptions in Figure ll , it will be seen that 
acquis it ion i s  poss ible and this i s  recorded in the tracking 
summary. In fact, favorable lighting conditions prev,ail right 
through to docking . 

The as sumption was that the rendezvous radar could acquire when 
the relative range was 4oo mi . or les s  and in the example given , 
the range i s  always less  than 4oO mi . and, therefore , rendezvous 
radar acquis ition is continuous . 

MSFN acquis ition can occur from approximately 100° east to 100° 
west and this is indi cated in the tracking summary. 

In the case of the late window, the concentri c  altitude is 30 
n . mi .  and the concentric  coast between c ircularization and trans
fer would be ·done with the LM below the horizon and at a greater 
relative range with the LM against a sunlit background . Hence,  
when a spe ctrum of flight plans is  reviewed later, a gap in sex
tant viewing corresponding to this phase for the late window 
should be ant icipated . 

The late window resembles very closely, the conditions for abort 
from hover . Therefore,  it should be borne in mind when consid
ering the late window that as regards 'l ighting conditions , a 
s imilar pattern prevails for the abort from hover . 

Figure 14 - CSM Sextant Tracking LM ( Abort from Init iation of 
Powered Des cent) 
This is an example of an abor't from the initiation of powered 
des cent . The landing s ite is at zero longitude and the sun 
elevation was 30° upon landing . The CSM is 10° behind the LM 
initially at the abort warning and the 1M commences its powered 
descent at 50 , 000 ft . It will be s een on Figure 14 that the 
s extant is viewing the 1M below the horizon at insertion and the 
1M is  viewed against a sunlit background . 



At C SI ,  the LM i s  i n s er t e d  i nto an orb it the apo cynthion o �' whi ch , 
i s  130 n .  mi . and a concent r i c co a s t  ab ove the C @� comme nce s at 
th i s  altitude . The re fore , be fore c i r c ular i z a t i on ,  the sextant 

will have to look above the local ho r i z o ntal to s ee the LM, and 

he nce , the t ra c e  giving the status o f  the mi s s i o n i nd i cate s an 
e le va t io n  angle o f  ab ove z e ro for that mi s s i on phase . 

After c i r cula ri z a t i on ,  the line o f  sight c ome s w i thin 20° 
of the 

sun dire ction and whe n i t  doe s ,  i t  w i l l  be noted t ha t  tre re i s  
a gap i n  the tra c ki ng surn:nary at the bottom o ; · the f' ie;ure . There 
a fte r ,  there i s  a dark space ba ckground for Lhe ::: e xtant to see 
the 1M fla shing light whi le the line of' s ight s t e e p e n s  and s e x 
tant tracki n g  conditions will remain favo rab le r i ght thro ugh to 

main b raking , whi ch i c:-. fo llowed by sub se que nt �errninal pha s e  man

euve r s . Howeve r ,  it i s  no t sug ge sted that the sextant i s  o f  s i g 

ni f cant operational u s e  during the terminal nkm c uv c r s . 

The rende z vous radar i s  w ithi n  i t s  spe c i f i ca t i o n  a � qui s i ti on 
range of 400 n .  mi . and the refore , c onti nuous re nJ�ez vous radar 
range tra cki ng is indi cate d .  

Again , i t  wi.ll b e  noted that the MSFN can track approximately 
b e tween 100° ea s t  and 100° 

we st . 

Thi s  i s  an example o f  sextant tracking when the u.; ha s to go above 
and let the C� catch it up and it will be seen that the re a r e  no 
parti cular se xtant tra cking problems in thi s c a s e . 'l'he next 
figure shows s eve ral ca s e s  invo lving nominal t ' l i gh t  p lan s for 
early and late window , and di fferent sun ele v a t i un a ngle s at land 
i ng . Similarly , ab o t" t  case s from the ini tiat i o n  o '  p m.;e red de 

s ce nt a r ·e shown . 

Figure 15 - Tracking Summary 

The ca se s are ident i f i ed o n  the le f t  o r  the f i e;u i'E , the sun di re c -
t i o n s  during re nde z vous a rc shown on the r iE:jht . 'ne key to thi s 
t ' igure has b e e n  e xplained on the tv1 0 p r·e ·.r:i_ ,)u:� · · i  ' ·  · c �· .  I t  w i ll 

b e  no ted -:.ha t t'rom c :.3 I  ommrds , the re a ce ahnL./ : ' ,., o ::: o ur c e s  o f  
navigat i on . It w i l l  b E: noted in gene c a l ,  lht ' 1 · : ·  · ' ! ·  �·pr onwal·ds , 
the re are three s o ur c e ,�. o t · na vi gat i o n . :'llt: " ·� : : ·. : J l � . m : :  to thi s are 
the late w i ndow ca s e s  and s imilarl:;· , a b o : · k  t r ·  L Y:c r v!Ould 

suffer lo s s  o f' CSM se xtant tra cki ng . 'The re · i . ;n: · � : ·  the: gap 

around TPI wa s ment i oned in the di s c us :.:; i o n o · · tllL 1 • 1 te 1-l i ndotT 

nominal s .  

Howe ve r ,  the potential o :t'  the MSFN sho1J lcl not b e  ; �,, , · , :o t te n .  A 

remi nde r o:' th LJ potential i s  g iven in th1 '_rm�ell l : ! d�' c  fo llow i ng 
s e cti ons . 
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Figure 16 - MSFN Error Analysi s  Assumptions 

A summary of the error assumptions is  given on thi s figure . 
It will be seen that standard 2 -way and 3 -way error source 
as sumptions have been adopted .  MSC and GSFC are in agree 
ment on the �uantitative values . 

Station location biases were inserted into the study . Station 
positions were of the order of 100 ft . in error . However,  it 
must be realized that this  i s  not particularly important as 
the only ob servation used in the traj ectory determination proce s 
se s i s  Doppler rate . The systematic error on the moon ' s  gravit
ational constant is indicated and the JPL derivation i s  indicated . 
The analysis used a simulation of  the proposed RTCC orbit deter
mination s cheme . The three components of velocity are  solved for,  
<he three components of position are solved for,  and the indivi -
dual systematic errors on both of  the two slaved situations are 
solved for . Thi s i s  what i s  meant by bias on 3-way Doppler as  
shown at the bottom of the figure . 

The next two figures summarize some of  the re sults of the analyse s . 

Figure 17 - MSFN Tracking Uncertaintie s  ( 3cr) 

Thi s is an analysis  of the MSFN tracking during a CFP where the 
launch was from 45° west . The short tracking pas s  subse�uent 
to launch i s ,  in itself , of  marginal use . This  i s ,  in some 
measure , due to the length of time for update by voice and tele 
metry verifi cation by the ground . The complete update allow-
ance i s  of the order of 7 min . However ,  tracking continues during 
this  time and it is the basi s  for good a prior information for 
when the MSFN reac�uires when the LM reappears on the eastern limb . 
Whereupon ,  convergence i s  rapid and uncertainties become low . It 
should be noted that the out of  plane uncertaintie s are reduced 
because of the two tracking pas se s ,  the initial one on the we stern 
limb , and the sub se�uent one on the eastern limb . The analysi s 
did as sume what are currently considered to be 3CJ  exe cution errors . 

The next figure indicates the potential of the MSFN in assi sting 
the AGS . 

F.igure 18 - ( 3cr ) MSFN Errors at Intercept 

In this figure,  it must be recognized that a midcourse correction 
is applied always at 30 min . elapsed time after TPI . The abscissa 
indicate s that TPI i s  delayed by varying increments of  time after 
MSFN reac�uisition on the eastern limb . The left and right ordinate s 



indicate the errors in pos ition and velocity respectively for 
intended zero miss conditions at intercept . The exe cut ion 
errors at TPI and midcourse are assumed to be insignifi cant and 
it is only the nav igation performance of the MSFN to guide the 
LM to an intended zero miss  that is illustrated . 

Some emphas is has been given to the fact that it is the potential 
MSFN performance that has been illustrated . Thi s  i s  done be
cause those with operational experience at MSC cons ider that the 
network, coupled with the traje ctory determination oreanization 
of the ground control, must have exercised this capability prior 
to the lunar landing mis s ion in order to achieve the potential .  
It must b e  recogniz ed that none of the development flights 
orbit the moon; therefore,  there is  great dependence on the 
opportunities that could be provided by the Lunar Orbiter pro
gram. The extent of the opportunit ies remain undefined at 
this t ime . 

The next diagram gives a brief reminder of the main programs 
involved in the rendezvous capability . 

Figure 19 - Main Components of Onboard Rendezvous Programs 

This diagram reminds us that three major programs previously 
mentioned in the paper are formulated as onboard programs in 
the prime and backup guidance computers of the LM .  

The programs referred to are as follows : 

l .  The " standard insertion" which is us ed for launch and 
is the maj or component of the powered phase of the abort 
from powered des cent . Thi s  applies to both the LM pr ime 
and backup guidance systems . 

2 .  The second one i s  direct transfer . This routine i s  con
tained in the LM prime and backup guidance systems and 
is  also formulated for the CMC . The final maj or trans 
fer is  always made us ing this rout ine and it is  es sen
t ially used with subsequent midcourse action . 

3 .  The concentri c  sequence is the third program. This  pro
gram has , of course,  been mentioned and add itioqal 
information on it is  contained in the above reference .  

There i s  a fourth program which has not been ment i oned and this 
is the " external 6 V" program, and is used ;rhen a required 6 V 
input der ived externally, either from L i. lot ' s  notes , charts ,  
et c . ,  or from ground control . • The inlJLi � i s  re fere n c ecl t o  local 
polar coordinates such that the cre;rmr 1 '�rw c ·  an U11• lt:rstanding 
of ;rhat they are entering into the compute r .  

290 



All of these programs are being formulated in the RTCC . Thi s  is 
in order that advantage may be taken of the MSFN tracking capa
bility, which in many cases , would provide the source for the 
determinat ion of targeting to be transmitted by voice . 

In the following sect ion, a reminder is given of the total G&N 
informat ion during rendezvous . 

Figure 20 - Provision of G&N Information for the Operat ion 

It will be observed on Figure 20 that there are three sources 
of observation, i . e . , rendezvous radar, MSFN, and the CSM sex
tant . The diagram indicates the way in which the observat ions 
find their way into the onboard computers . If data has to be 
entered manually through the keyboards , tben this is also shown . 
If this is subsequent to voice transmiss ion, this is shown . 
Hence, the diagram gives reasonable clarity and an immediate 
picture of how navigat ion data finds its way into the com
puters . The CSM orb ital elements are inserted into the LM 
computer . The 1M inertial orbit is subsequently determined by 
rendezvous radar observations of the CSM. At the same time , 
the CSM sextant can take observat ions of the 1M and derive the 
1M inert ial orb it and, therefore,  potent ially this provides an 
onboard navigational check .  

It  is most important to  note the resultant capabilities indicated 
on the right hand s ide of this diagram . Both 1M computers have 
a concentric sequence capability and a cont ingency time critical 
"equivalent direct as cent " capability. 

The CMC has a direct transfer capability only . However, if the 
CSM state vector is entered into the LGC ,  and the LGC calculates 
a concentric  sequence as though the 1M had that state . In this 
way, the 1M can prepare target ing informat ion for the CSM which 
is transmitted by voice and is entered through the DSKY of the 
CMC . 

In the next s ect ion, a numter of contingency flight plans are 
being introduced in order to give an ind ication of how the CFP 
can be used in cont ingency cas es . 

Figure 21 - 1M Active Contingency Rendezvous ( Phas ing at Insertion 60°) 

The coord inates of this diagram and the suc ceed ing three are exactly 
the same as used on Figure 8 ( Concentric  Flight Plan in Relat ive 
Coordinates ) . An explanation of the coord inates is contained in 
that sect ion . Briefly, the moon is transformed into a flat moon 
and measurement in the local vertical direction is  that of differ
ential altitude and measurement along the local horiz ontal is that 
of phase lead . 
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In this first diagram, the phase lead of the CSM at insertion 
is  6oo . The familiar CFP maneuvers are employed . It should be 
realized that when the differential altitude is small, the catch 
up rate is  small . Therefore,  though the contingency flight plan 
has been framed such that the different ial alt itude subsequent 
to CDH is of a differential altitude not too diss imilar from that 
of a nominal lift- off case,  more than one orbit of concentric 
coast is  incurred . 

Figure 22 - LM Active Cont ingency Rendezvous ( Phas ing at Insertion l4o0) 
In this case,  the CSM is further ahead , l4o0 at ins ertion . In this 
case ,  the greater different ial alt itude is  selected and multiple 
orbits of concentric coast are incurred .  However , t rw familiar 
concentr ic sequence is  eas ily recognized . 

Figure 23 - LM Active Cont ingency Rendezvous ( Phas in(� at Insert ion - 50°) 

In this instance,  the CSM is 50° behind the LM at ins ertion . Conse
quently, the CSI maneuver dr ives the LM to an apocynthion above the 
CSM whereupon the CDH maneuver will be executed to achieve a con
centric  coast above the CSM pr ior to TPI .  The transfer following 
CSI is the equivalent of a Hohmann transfer initiated of equal 
period to the previous orbit . 

Figure 24  - LM Act ive Contingency Rendezvous ( Phas ing at Insertion 
-l  

In this  instance,  the  LM is very much in front of the  CSM, in  fact,  
160° at insertion . It also  is  in a lower orbit following inser
t ion . This would call for the CSI maneuver to be initiated 
immediately after insert ion in order to end the increas ing ad
verse  phase s ituation .  The CSI maneuver transfers the LM high 
above the CSM and at apocynthion, the CDH maneuver achieves a 
concentric  coast at a cons iderable different ial alt itude above 
the CSM in order to retain the required negative cat ch up rate .  
Finally, the TPI maneuver initiates a rendezvous from above . 

One of the main reasons for drawing attent ion to these cont in
gency flie;ht plans showr.; in these ;:art icular coord inates was in 
order that a particular feature could be re cogniz ed . This  feature 
is that the concentric sequence pattern is just as applicable in 
these  cases as in the nominal case ,  i . e . , the concentr i c  sequence 
program onboard has the: capability to cope with these;  cont ingency 
cases . 

The next section v:ill t;ive a summary of' the ove r all Apollo rendez 
vous s ituation . 
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Figure 2 5  - Rendezvous Categories 

The main correlating parameter by which a rendezvous s ituation 
can be immed iately judged is phas e lead . Particularly is this 
the case if a nominal CSM c ircular orbit  of 8o n . mi .  alt itude is 
a constant as sumption .  Therefore,  in thes e  circumstances , all 
rendezvous s ituations can be categorized according to phase and 
a summary is  graphi cally indicated on this diagram. 

All phase leads of the C SM are calibrated relat ive to the 1M at 
insertion and zero phas e lead is  found at the bottom of the 
circle . All phase leads referred to on the left hand s ide of 
the circle refer to the central angle that the CSM is in front 
at 1M insertion .  The number of degrees on the right hand s ide 
of the c ircle refer to the central angle lag that the CSM has 
at 1M insertion . 

First of all, the nominal launch window is  identified , i . e . ,  for 
a nominal lift-off, the CSM will be 18° ahead at launch cutoff . 
If the lift-off occurred 5-� minutes later, corresponding to the 
end of the launch window, then the CSM would be 32° ahead of the 
LM at insertion . 

In the late cas e, the concentric differential altitude is 50 n . mi .  
In the early window case,  the concentric different ial alt itude is 
15 n . mi .  Extrapolating this information, it can be understood 
that when the phase lead is  10° at 1M ins ertion, then the corres
ponding concentric differential alt itude would be z ero . In this 
way, we have ident ified a phys i cal boundary at whi ch the CFP 
neither acquires a pos itive or negative catch up rate during 
the concentr ic  coast . It should be noted that in the instance 
of this particular phase lead being incurred, then the CFP can 
b e  framed to have a concentric  different ial altitude coast by 
advanc ing or retarding the t ime of C SI .  It i s  now convenient 
just to use the 10° boundary as a phase delineation where, if 
the CSM phase lead at insertion is greater uhan 10°, then the 
concentric altitude coast will be below that of the CSM.  Alterna
tively, if the phase lead of the CSM is less than 10°, and this 
includes phase lags,  then the LM concentric coast will be above 
that of the CSM for completely LM active rendezvous . 

Circular arror A1 ind icated all the CSM phase leads at insert ion 
from whi ch the 1M can catch up from below within the ascent module 
lifetime of 11 . 3  hours by rendezvous ing from below .  

If it is des ired that the concentric coast shall be specifi cally 
15 n . mi .  b elow the CSM, then circular arrow A2 indicates the re
duct ion of range of lead angles corresponding to which it is 
pos s ible for LM active rendezvous within 11 . 3 hours . 
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C ir cular arrow A3 ind i cates , in the main, the phas e lags of the 
CSM at inserti on c orresponding to whi ch LM active rendezvous may 
be achieved w ithin the as cent module lifetime following a c on
centric coast above the CSM .  Be cause this entails the LM going 
higher than the CSM, it must be noted that A3 is bounded b y  

6 V  c apability allowing s uff i c i ent negat ive cat c h  up for rendez 
vous within required l ifetime . 

It should b e  noted co far that we have only de alt w ith in plane 
rendezvous cas e s . Thi s  is not unnatural in that nominally the 
CSM has made a des irable plane change prior to 1M as c ent , or in 
the case of mult iple orb it r endezvous , if for any reas on t he C SM 
has not prev i ously made a plane c hange , then it has the oppor
tunity to make the change at a des ired node . It c an do this 
without us ing any of the �V allocated to CSM res cue s ince there 
is a 2° allowanc e  in the nominal mi s s ion .  However , it is inter
est ing to note that an ent irely LM act ive renuczvous vrith a . 5° 
1-1edge angle incurred by d i spers ions that c ir cular arrow A4 indi
cates the reduced range of phase lags , in 1-rhi ch 1-1c include a 
s mall range of phase leads 0° to 10° . 

Circular arrow B i ndi cat es that by maneuvering the CSM that the 
"black s haded" region between 130° and 160° pha s e  lag c an e a s i ly 
be c overed . In fact,  when the CSM is called upon to maneuver 
not only can it negate any out of plane s ituat ion by a Hohmann 
trans fer down to a lower c ir cular orb i t ,  it c an im}Jrove the 
phas e s ituat ion such that the total t ime to rendezvous will be 
reduced . 

In the event of an any t ime lift- off where the LM i s  forc ed into 
und e s irab le phas e s ituat i ons , together with the c ir cwns tances 
that the LM propuls ion systems just manage to i n s ert the LM into 
a s afe orbit,  then it s hould be not ed that t he nominal C::JM plane 
change c apab i l ity, plus the 6V allowanc e  for CSM re s cue , makes 
it poss ible in the last resort for the CSM to r e s cue the LM 
regardles s of the i n it ial phase s ituat i on and out c:;f' plane d i s 
plac ements o f  l e s s  than 2 ° . Aga in, the lifet ime a s s umpt ion for 
the as cent module i s  a s s umed to be 11 . 3  hour s c".n 1 n om i nal allow
an c e s  were made for doc k ing and c r ew trans Cer . 

In the next s ecti on , rendez vous mod e s  in order of preferen c e , 
are dis cus s ed . 

F igure 26 - Rendezvous Logi c 

Before cons idering the order of pre ferences , it should be remem
bered that t he ma in constraints are : ( l ) as c ent stage lifetime , 
( 2 ) LM 6V available , and ( 3 ) clear per i c ynthion transfers for 
both LM and CSM. 
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A des irable condition is  that of sat isfactory light ing during 
the terminal phase .  Another very des irable condition is that 
the final terminal maneuvers are accomplished by the 1M RCS 
thrusters . 

The first preference is  a 1M active rendezvous . Furthermore,  
in non t ime critical s ituations , the concentric seQuence will 
be performed and rendezvous shall be achieved in approximately 
one orbit . In time critical s ituations, the "equivalent direct 
as cent" plan shall be employed . If entirely 1M active rendez 
vous can be accomplished from below by employing mult iple orbits 
and the rendezvous can be accomplished well within the ascent 
module lifet ime, then this is cons idered preferable to combined 
maneuvers . 

Combined maneuvers involving CSM maneuvers prior to the employ
ment of the CFP for the 1M may be utilized for e ither of the 
following reasons : 

l .  To accomplish the rendezvous well within the 1M as cent 
stage lifetime . 

2 .  To avoid the s ituation where the LM has to rendezvous 
subsequent to a substantial differential concentri c  
altitude above the CSM prior to rendezvous from above . 
This latter case may also be  bounded by the LM V 
budget . In add ition, it may be contrary to satisfying 
operational reQuirements . 

The third preference is an ent irely C SM active rendezvous and 
would only be employed in contingency cases where the 1M pro
pulsion systems were just capable of inserting the LM into a 
minimum safe orbit . 

At this jun cture,  an overall summary is given . 

Figpre 27 - Summary 

There are rendezvous plans for every phase s ituation and for all 
practi cal out of plane conditions , spe cifically, less than 2° . 

In all normal cases ,  both nominal and non t ime critical con
tingency cases , the concentric  seQuence standard pattern of 
procedures will be employed . 

An eQuivalent d irect as cent plan is available for time crit i cal 
rendezvous situations . 
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Steps have been taken to utilize more eff i c i ently t he LM backup 
guidanc e  system capab ility . The c onc entri c  sequen ce c an be con
trolled by it and in addition, it also has the equivalent d irect 
as cent capab ility . In this way, the probability o f  hav ing to 
resort to an entirely C 3M act ive rendezvous has 1Jc'cn reduc ed . 

Finally, it should be noted that in all non time c r i t i cal rendez 
vous s ituations , j oint ground and onboard de c i s ions may be made 
prior to and subsequent to t ime crit ical inter cept traj e ctor y .  



Que sti ons and Answers 

LUNAR EXCURSION MODULE ASCENT AND RENDEZVOUS 

Speaker :  Morri s  v.  Jenkins 

l .  Mr .  Richter - Are DEDA i nput s  required for i nput s  to the 
AGS us ing normal flight plan ? Sub s equent to launc h? 

ANSWER - Radar information must be keyed into the AGS . 

2 .  Dr . Rees - I s  suc h  a short l unar prela unch c he c kout 
adequate ?  

ANSWER - There i s  a n  extens ive checkout o f  t he LM pri or 
t o  earth launch .  The LM is also che c ked out as thoroughly 
as pos s ib l e  following LM landing and again prior t o  launch . 

3 . Dr . Rees - What i s  the maximum LM l unar s urface stay t ime ? 

ANSWER - Approximately 35 hours for the descent stage . 
The a s c ent s tage has a c ont ingency capability of abo ut 
9 hours , plus an ascent time of ab out 2 . 5  hours . 

4 .  Mr . Stern - What data exi s t s  on coverage b y  2 MS FN  stat i ons , 
a s  c ompared t o  3 stati on c overage shown in presentation? 

ANSWER - Thi s  data i s  available and wil l  b e  sent to Mr. Stern . 
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N A S A - S - 6 6 - 6 8  4 8  J U N 

APOLLO RENDEZVOUS 

e NOMINAL AND  CONTINGENCY PLANS ARE  A T  AN  ADVANCED STAGE 

e EVALUATING OPERATIONAL TRADE-OFFS 

e IMPLEMENTATION I N  LGC, CMC, A EA, RTCC 

• CREW G AND N PROCEDURES AS-278 - AS-503 

e CROSS CHECK ING NAVIGATIONAL SOURCES 

e LEM ACTIVE RENDEZVOUS POSSIBLE I N  ALL CASES 

e LM-CSM COMBINATION PlANS NEXT PREFERENCE 

e CSM POTENTIAL RENDEZVOUS IN  ALL CASES 

• STEPS TO LESSEN PROBABiliTY OF RE SORTING TO CSM TOTAL ACTIVE  RENDEZVOUS 

N A SA - 5 - 6 6 - 6 5 7 2  J U N  

THE CHANGE 

P A S T  

e DI RECT ASCENT 

- NOMINAL 

CONTINGENCIES WHENEVER POSSIBLE 

P R E SE N T  

e CONCE NTRIC FliGHT PLAN 

- NOMINAL 

- A L L  NORMAL NON-TIME 

CRITICAL CONTINGENCIES 

• E G COMMENCEMENT OF POWE RED • E G ABORTS FROM ALL PHASES 

DESCENT O F  DESCENT, COAST RIGHT 

THROUGH TO HOVER 

e INTERMEDIATE PARKING O RB I T  e E Q U I V A L E N T  DIRECT ASCENT 

• CONTI NGENCIES REQU I RI N G  LARGE • FOR ABNORMAL TIME CRITICAL 

CATCH UP RATES SITUATIONS 

" E G FAILURE IN l i F E  SUPPORT SYSTEM 

• E G ABORT FROM HOVER 

L--------- �----- -
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N A S A - S - 6 6 - 6 5 4 8  J U N  

THE OBJECTIVES 

e T O  FACILITATE A TIME L I N E  I N  WHICH CREW A N D  GROUND SPECIALISTS CAN 

PARTICIPATE IN OPERATIONAL DECISIONS WITHOUT A TIME PRESS 

e TO FACILITATE EFFECTIVE CREW MONITORING TECHNIQUES 

e CONSERVATIVE STEP-BY-STEP COMMITMENT 

e FULL UTILIZATION OF MSFN AS AN INDEPENDENT SOURCE OF NAVIGATION TO 

CONFIRM ON BOARD DETERMINATION OF CORRECTIVE MANEUVERS 

e ONBOARD GUIDANCE FAILURE: MSFN UPDATE OF AGS OBJECTIVES FOR 

TRANSFER AND MIDCOURSES 

e STANDARD PLAN OF ACTION FOR NOMINAL AND ALL NORMAl ABORT CASES 

e AV PAYLOAD SAVING FOR A SUBSTANTIAL lAUNCH WINDOW 

Fi1' . �, 

N A S A - 5 - 6 6 - 6 5 7 4  J U N  

PRELAUNCH 

e CSM PLANE CHANGE 

e UPDATE OF CSM ORBITAL E L EMENTS INTO LGC 

e CALCULATE L IFT-OFF TIME 

e ALIGN IMU 

e REFERENCE AGS ATTITUDE MEASUREMENTS TO NEW IMU AL IGNMENT 

e UPDATE LM AND CSM STATE VECTORS 

e RE-SET AGS T IME DATUM 
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N A S A - S - 6 6 - 6 5 7 3  J U N  

L A U N C H  

MONITOR ING 

e ALTITUDE ERRORS - COMMAND AND R ESPONSE 
(COMPARE PGNCS AND AGS) ON 8 BALL DISPLAYS 

e COCKPIT D ISPLAYS: h, li, VC R 

e KEYBOARD DISPLAYS: h p ,  V, , V ACC 

e OUT-OF-WINDOW TRACK MONITORING 

e RENDEZVOUS RADAR 

e MSFN i- AND i- C R 

Fit:. ' ,  

NASA - S - 6 6 - 6 5 5 9  J U N  

LAUNCH (CONCLUDED) 

T A RGET ING 

e PGNCS AND AGS EQU IVALENT 

e YAW STEER INTO CSM PLANE 

e lVI CUTOFF 

e Y CONSTRAINED TO ZERO 

e CUTOFF ALTITUDE 

Fi : .  · 
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N A S A - 5 - 6 6 - 6 5 2 9  J U N  

CONCENTRIC FLIGHT PlAN 

CREW TRANSFERRED 

DOCKING 

CSI CONCENTRIC SEQUENCE INITIATION 
CDH CONSTANT DELTA HEIGHT 
TPI TERMINAL PHASE INITIATION 

�SUN 

� 
EARTH 

C O N C E N T R I C  F L I G H T  P L A N  I N  R EL A T I V E  C O O R D I N A T E S  

C U R R E N T  
V E R T I C A L  

M A I N  

7 5  N M l  5 

C U R R E N T H O R I Z O N T A L  

1 50 N M l  
1 0  

2 2 5  N M l  
1 5  

( S U N L I T  ) 
B A C K G R OUND 
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N A S A - S - 6 6 - 6 5 3 6 J U N  

UTILIZATION OF PROPULSION SYSTEMS 

e L M 

• CONCENTRIC FliGHT PLAN MAIN MAIN ENGINE FOR POWER APS 
POWERED ASCENT ENGINE RCS NULLS THRUST FUEL 

RCS OFFSET 

• CONCENTRIC SEQUENCE RCS RCS TANKS FOR ULLAGE 
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• CONSTANT i:J. H RCS RCS TANKS 

• TERMINAL PHASE IN IT IATION RCS RCS TANKS 
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• CSM 

• All MANEUVERS RCS ULLAGE THEN MAIN ENGINE 
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OPTICAL TRACKING ASSUMPTIONS 
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TRACKING SUMMARY 
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MSFN ERROR ANAlYS IS  ASSUMPTIONS 
e MSFN TRACKING I N  3 .  WAY DOPPLER  MODE 

WITH 1 MASTER STATION A N D  2 SLAVE STAT IONS 

e NOISE AND BIASES O N  MEASUREME NTS: 

NOISE  (10") B IAS (1 0" )  

2 - WAY DOPPLER 

3 - WAY DOPPLER 

0. 1  FPS 

0 . 1  FPS 

0.07 FPS 

0.2 FPS 

e STATION LOCATION B IASES AS GIVEN IN APOLLO NAVIGATI O N  

WORKING G R O U P  TECHN ICAL REPORT NO. 6 5 - AN - 1 .0, FEB .  5 ,  1 96 5  

e B IAS O N  GRAVITATIONAL CO NSTANT O F  MOON, 

u p.  = 6 x 1 09 FT3;sEc2, 
M 

e FROM JPL TECHNICAL REPORT NO.  3 2 . 694, DEC .  1 5, 1 964 

e ORB IT  DETERMINATION SOLVES FOR 
• 3 COMPONENTS OF VE LOCITY 

• 3 COMPONE NTS O F  POSITION 

• B IAS ON 3 - WAY DOPPLER 



N A SA S 6 6 - 6 5 6 3  J U N  

MSFN TRACKING UNCERTAINTIES (3a) 
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MAIN COMPONENTS OF ONBOARD 
RENDEZVOUS PROGRAMS 

PARALLEL DETERMINA liON ON GROUND 

e STANDARD INSERTION 
• LAUNCH; ABORT FROM POWERED DESCENT 

e DIRECT TRANSFER 

• CONCENTRIC SEQU ENCE 
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LM ACTIVE CONTINGENCY RENDEZVOUS 
PHASING AT INSERTION (60°)  

• 
LOCAL VERTICAL i 

- 1 50 (N Ml ) - 10° 
-4500 -3000 -1 500 

-200° - 1 00° 

CSM 

1 00° 
3000 
200° 

1 500 (N Ml ) r••oo 
-300° ----�---L----�--�----�--�--�----- ¢ - CDH LOCAL HORIZONTAL 

-CSI 

1 50 (N Ml ) 1 0° ' 
INSERTION 

' "'- LAUNCH 
TPI 

6 h  

RELATIVE FLIGHT PLAN 

N A S A - S - 6 6 - 6 5 7 7  J U N 

LM ACTIVE CONTINGENCY RENDEZVOU� 
PHASING AT INSERTION (140°)  

-4500 
-300° 

- 1 50 IN Ml ) - 1 0° 

- 3000 - 1 500 
- 200° - 1 00° 

3000 
2000 

1 500 IN Ml ) 
300° 

------�----�----�----�----�----�---�----- ¢ 
LOCAL HORIZONTAL 

1 50 (N Ml ) 1 0° 

LOCAL V E RTICAL 

ft. h  

RELATIVE FLIGHT PLAN 

308 



N A SA 5 66 6 5 5 7  J U N  
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R E N D EZVOUS C AT EGO R I ES 
ACCORDING TO PHASING 
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RENDEZVOUS LOGIC 

CONSTRAINT : e ASCENT STAGE L I FETIME 

e LM AV AVAILABLE 

e CLEAR P E RICYNTH I O N  TRANSFERS 

FOR BOTH LM AND CSM 

DESIRABLE CONDITION • 

A) LM ACTIVE 

e SATISFACTORY LIGHTI N G  D U R I N G  

TERMINAL P H A S E  

1 ST 

PREFERENCE 

�I F I R ST ORBIT 

1 . 1 NON TIME CRITICAL; CONCENTRIC 

1 . 2 TIME C R ITICAL EQUIVALENT DI RECT ASCENT 

2) MULTI PLE ORBITS 

B) COMBINED MANEUVERS 

2ND r:I N IMUM AMOUNT OF E N E RG Y  EXP E N D E D  BY CSM , 
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S U MM A R Y  
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e NORMAL CASES 
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PATTERN OF P ROC EDURES 
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e NON TIME CR IT ICAL 
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TRANSEARTH INJECTION THROUGH REENTRY 

In this se ction we will fini sh off the mission planning considera
tions and the affects of  constraints on traj ectory shaping of 
the nominal mi ssion . All we have to di scuss on this  topic are 
the problems of getting the spacecraft back from the moon through 
the reentry corridor to the recovery area . This  section is  
divided into two phase s ,  transearth and reentry . 

Transearth 

Tte geometric  re strictions on transearth inj ection are somewhat 
similar to those of the translunar injection . However ,  proper 
allowance s must be made for the fact that the spacecraft traj ectory 
relative to the moon i s  hyperbolic instead of elliptic and the 
moon i s  orbiting about the earth . In the transearth case the 
target body i s  relatively stationary and the spacecraft is leaving 
the body which is in orbit . The spacecraft must break out of 
the lunar gravitational sphere and fall back to eart�1 . , The 
velocity relative to the moon must be increased in order to 
e scape but the spacecraft inertial velocity must be de creased in 
order to return to earth . 

This  i s  illustrated in Fig . 1 .  At a distance from the earth 
e�ual to the distance to the moon ' s  sphere of influence the 
earth relative velocity vector re�uired to obtain a given perigee 
altitude is illustrated by the vector Vre · In this  figure two 
case s are shown ; a high energy short time trajectory and a low 
energy long transit time traj ectory . There i s  a continuum of 
safe return trajectories  between there two extreme s .  Tqe 
moon ' s  orbital velocity i s  shown as the vector Vm · The spacecraft 
must obtain a velocity vector relative to the moon Vrm that 
re sults in a velocity relative to the earth Vre · The minimum 
velocity relative to the moon occurs when the velocity relative 
to the earth is  a minimum or at apogee of the earth return 
traje ctory . This i s  not nece s sarily the longest flight time 
because the spacecraft could leave the moon on such a traj ectory 
as to have a positive flight-path angle relative to the earth . 
This  type of trajectory i s  of no interest,  however , because the 
increase of transearth flight time doe s  not allow a decrease in 
the inj e ction velocity re�uirements .  The conclusions that can 
be drawn from thi s  figure are that faster return times re�uire 
larger exit velocitie s and hence larger transearth injection 
velocitie s .  It can also be seen that the lower inj ection 
velocitie s re�uire a more nearly retrograde motion upon leaving 
the moon ' s  sphere of influence . 
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Figure 2 i l lus trate s the traj e c to ry geometry i n s ide the muv •• _ 

sphere o f  influence r e lative to the exit condi tio n s . In thi s 
figure the moo n ' s  sphe re o f  influence i s  approximated by the 
large diameter c i r cle . The ve lo c i ty o f  the moon re lative to the 

earth i s  given by the ve c tor Vm · Since the sphe re of influence 
move s with the moon any po int on thi s sphe re would also have 

the ve l o c i ty re lative to the earth o f  Vm . The traj e ctor i e s  i n s i dE 
thi s sphere are hype rbo l i c  relative to the moon and the e nergy 

of the se traj e c t o r i e s  de te rmine s the ma�nitude of the exit 
ve lo c i ty Vrm · The di re ction of thi s exit velo c i ty i s  primarily 

controlled by the exit pos ition whi ch in turn is de termi ned by 
the longitude at whi ch the inj e ction i s  performe d . To ob tain 
a more re trograde di re ction of the exit ve lo c i ty ,  the inj e ction 
mus t  o c c ur around on the l e ading e dge o f  the mo on a s  illus trated 
by the upper t raj e c tory in F i [ �ur·c To ob tai n a high energy , 

short time , ea , th re turn tra j e ctu �·y the inj e ction maneuver 
must be performed on the trai ling e dge o r' the moon . Thi s re sul t s  
in e xi t  ve lo c i t i e s di re cted more toward the earth . 

It can be seen that once a de s i r e d  transearth flight time ha s 
been s e le c ted the exit velo c i ty req_uirement can be de termined 
and in turn the se exit ve lo c ity req_uireme nts will spe c i fy the 
e ne rgy of the tran searth inj e ction maneuve r and also the lo cati o n  

o f  the transearth inj e ction maneuver . The shaded area in F igure 

3 show s the regi o n  o !' longi tude s whe re the tran searth inj e ction 

could be performed . !t e xtends from about 140 degree s we s t  longi 

tude to ab out 140 degree s east longi tude on the far s ide o f  the 
moon . 

The affe ct o f  the tran s e arth trans i t  time on the inj e ction velo c i ty 
req_uirements can b e  ob tained from F i 1 ;u.:-e ' I . In thi s fi gure 

the transearth i nj e ct ion 6V i s  shown as a function of tran s i t  
t ime f o r  two different moon p o s itions i n  i t s  orb i t . The trend 
of generally de c r e a s ing i nj e ction velo city re q_ui rements with 

i n creas ing tran s i t  time i s  clearly i llustrated . The fac t  that 

the se curve s c ro s s  over indi cate s that there are other factors 
at work in de termini nG the a c tual inj e c tion ve lo c i ty req_ui re d .  
Howeve r ,  the se other t' actor s do not change the b a s i c  c onclusions . 

Now , lets cons ider hO'tl the req_uired t ransearth fl ight t ime i s  
de termined . Figure i llus trate s th�· transearth traj e c to ry drawn 

in the moo n  orb i t  p lane . The return p e r i gee lo c c.tion i s  shown 

re lative to the moon ' s  antipode . In thi s  case the moo n ' s  antipode 

is drawn at the time o r  the transe arth inj e ction . Thi s  re lative 
angle betwe e n  the r e t urn perigee and the antipode has very little 
vari ation with the re turn tran s i t  time . The refo::_"e , the approx
imate inertial p o s ition o f  the re turn perigee i s  a fun c tion 
o nly o f  the moon ' s  po :=. i  tion . The landing location rc lative to 
the re turn perigee also has very l i  ttlc variatior-,_ ::;o that in 

a f f e c t  the inertial po s ition o f  the landing is kno'Jn 'N' e l l  in 
advance of the a c tual trans e arth inj e ction . 
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••• e recovery forces ,  of course , are fixed to the earth and hence 
are rotating around with the earth . This leads to the rather 
interesting situation in which the inertial location of the landing 
position i s  well known . However,  the inertial position of the 
recovery force s i s  highly dependent on the time at which landing 
occurs . The determination of the transearth transit time i s  
based on  the location of the recovery forces . That i s ,  the 
reentry and landing must occur when the recovery forces are in 
the proper position . This  occurs  once every 24 hours ,  and within 
any 24 hour range of return transit time s one time can be found 
which allows rendezvous with the recovery forces . 

Entry Phase 

For the lunar mi ssion the entry corridor is defined by the 
variation in flight-path angle at the entry interface altitude 
o f  400 , 000 feet . Strictly speaking, thi s  allowable variation is 
a function of the velocity at entry , but there is such a small 
variation for a nominal lunar mi ssion that the velocity effect 
is generally omitted . However , for abort returns to earth, thi s 
i s  not the case , and the entry corridor i s  defined as a function 
of entry velocity . 

The maximum entry angle i s  defined by the maximum allowable 
n,erodynamic de celleration . Aerodynami c loads encountered during 
entry increase rapidly with increasingly negative flight-path 
angles . The high - "g "  side of the corridor i s  called the under
shoot boundary . The minimum entry angle , called the overshoot 
boundary , is defined by the Command Module ' s  capability to prevent 
an uncontrolled skipout of  the atmosphere . In addition to being 
a function of entry velocity ,  these corridor boundaries  are 
strongly dependent of  the L/D ratio of the entry vehicle . 

Figure 6 shows the entry corridor for the nominal L/D of . 34 
of the Command Module . In thi s figure , entry flight-path angle 
i s  plotted as a function of range from the entry point to the 
landing point in order to combine the corridor and maneuvering 
capability information .  The skipout limit i s  shown here to be 
a flight-path angle slightly les s  than 5 degree s .  In other words , 
any entry conditions at shallower angles than thi s would result 
in an uncontrolled skip . The 10 g undershoot limit i s  shown to 
be about 7 - 3  degree s and any flight-path angle steeper than thi s 
would re sult in the g loads exceeding 10 . The emergency limit 
is defined as a limit below which the aerodynamic load factor 
would exceed 20 g .  Thi s 20 represents the structural de sign 
limit of the spacecraft . 

The minimum guided range represents the limit to which the reentry 
range can be controlled with a guidance system . For the overshoot 
boundary thi s corresponds to about 1500 mile s . The maximum 
range i s  limited by the lifting capability of  the vehicle . At 
the steep entry angles the spacecraft could not fly further than 
this  range with maximum positive lift . The maximum range i s  ar
bitrarily cut off  at 2500 n . m .  to comply with the limitations 
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impo sed by the heat shield .  The heat shield i s  de signed to tolerate 
a 3500 n .m .  reentry . There i s  an entry monitoring system 
onboard the space craft whi ch give s warning when exces sive skip 
i s  to be encountered . However, the tolerance on thi s entry 
monitoring sy stem is  about 1000 mile s .  Thi s  i s  made large so 
that it will not unne ce ssarily take over a traj ector·y or 
give warning that an exce s sive skip is going to occur . To 
allow for this  1000 mile tolerance the mis sion can not be 
planned with reentry range s exceeding 2500 mile := . The inplane 
maneuvering capability that can be used vlhi ch wo uld b e  
independent of the entry ocrridor po sition i s  given by the 
1500-mile limit and the 2 500 -mile limit so that ± ) 0(j mile s 
of down range maneuver capability is  available . 'I'he nominal 
aim point repre sents the conditions that will be targeted 
to for the transearth traj ectory . That i s ,  the return traj ectory 
will be planned to have a flight -path angle at ent 1·y of 6 . 2 
degree s and to have the entry point lo cated some 2000 mile s 
away from the landing point . Thi s  give s maximum maneuvering 
capability and allows maximum tolerance of ,u spe csions both 
in flight-path angle and in range at entry . The primary 
purpose of the maneuvering capability is  to allow a change 
in the landing site after the transearth inj e ction has been 
performed . If bad weather 1-rere to develop in the area of the 
recovery force s such that a landing there was unde sirable ,  
the spacecraft would have the capability o f  going )00 n . m .  
to either side o f  thi s position . Figure 7 shows the total 
maneuver footprint, both the downrange and crossrange plotted 
on a map of the Pacific Ocean hemi sphere . The reentry point 
i s  some 2000 mile s away from the nominal touchdovrn position . 
The cros srange capability i s  about 440 mile s at the base and 
some 660 miles  at the toe of this footprint . 

Now le t ' s  examine the considerations involved in lo cating the 
re covery areas . Figure 8 shows the inplane geometry of the 
location of signifi cant points of  the reentry traj e ctory . The 
angular relations shown between the entry point, the perigee 
of the return traj ectory and the landing point havr; only a 
slight variation . The location of the return pe cigee relative 
to the antipode also has only a slight variation . The re sult 
i s  that the landing point on the earth ' s  surfa ce will be very 
near the moon ' s  antipode . All of the earth return traj e ctorie s 
will pas s  through this  antipode regardle s s  of the return 
inclination . Because of the relatively small angle betveen 
the antipode and the landing position, very little latitudinal 
control of the landing can be obtain by varying the inclination 
of the earth return traj ectory . Thi s is  illustrated in Figure 
9 .  In this figure,  two typi cal earth return traj e ctorie s  are 
shown . The se two inclinations would be obtained by performing 
pland change s or  performing an az imuth change at the transearth 
inj ection maneuver .  Thi s plan re sults in a different return incli
nation for the two traj e ctories . However ,  since the antipode is  in 

318 



e ff e ct a node through whi ch a l l  o f  the s e  re turn traj e c to rie s 
pa s s  and s i nce the landing i s  fa i rly clo s e  to thi s node , i t  can 
be seen in Fi ,c:m'c ') that only a ve ry small amount of lat i tude 
variation can be ob tained . The amount of latitude control i s  
furthe r re s t r i cted b y  the f a c t  that the return i n c l i nat ion i s  
l imi te1i to 40 de gree s o r  le s s  relat ive to the earth ' s  e q_uo.tor . 
The landi ng po s i t i o n  contro l that i s  avai lab le the n can be sum 
mari z ed a s  one in whi ch ve ry f ine contro l i s  ava i lab le t'or the 
landing lati tude . The long itude can be controlled exa ctly 
by merely varying the tran s i t  t ime oi the transea rth traj e c to ry .  
Howe ve r ,  the lati tude w i l l  be a func tion o f  the moon ' s  
de cl i nation at the t ime o f  the trans earth inj e ct i o n  maneuve r ,  
and only small va riations abo ut thi s  lati tude are ava i lab le 
thro�h the mean s o f  changing the return traj e c to ry i n c l i nat i o n . 
The se landing point c ontrol characte r i s t i c s  have led to the 
rle f i ni tion o f  the r e c overy z one s shown in I<'i gure lU . 

The re are two z o ne s  in whi ch re c ov e ry from the lunar landing 
mi s s i on may o c cur . The no r the rn z one extends from a lati tude 
o f  3 5  degree s north to 3 5  degre e s  s o uth a long a longi tude of app rox
imately 160 degre e s  we s t . The s outhern z one e xte nds from 
f i ve de gree s south lat i t ude to 35 degree s  south along a longitude 
o f  approximately 167 degre e s  we s t . The no rthe rn zo ne would 
be s uppo rted by r e cove ry fo rce s staged from Ha-.r a i i . The s taging 
b a s e  fo r the southe r n  r e c o ve ry zone would be Pago Pago in the 
Samoa I s lands . The northe rn z o ne extends i nto the south latitude 
be cause o f  the preference to s tage the re covery fo rce s f'ro'll the 
Hawaiian va se . The shape o f  the s e  r e c o ve ry zone s refle c t s  the 
landing area control capab i l i ty o f  the r eturn traj e cto ry . The 
z o ne s  need no t e xtend o ve r  a �arge range o f  longi tude s be cause 
the longi tude can be controlled pre c i s e ly by the va riat ion in 
return t ime . They do exte nd ove r a wide range of longi tude s 
be cause the longitude can b e  controlled p re c i s e ly by ·the 
variat ion i n  return time . They do extend over a wide range in 
lat i tude s s ince very l i t t le lati tude c ontro l o f  the landing p o i nt 
i s  ava i lab l e . The lati t ude range o f  the se re c o ve ry areas i s  
a function o r  the maximum northern and southe rn de c l i nations o f  
the moon during any g i ven month . 

For any spe c i f i c  mi s s io n ,  o f  cour s e , i t  w i l l  no t be ne c e s sary 
to deploy for ce s to cover the e nt i re re cove ry z one s . The lat i tude 
o r · the . antipode , or the moon ' s  de clina t i on , wi l l  be confined to 
a na rrow region of lati tude s so that the recovery fo r c e s fo r any 
spe c i f i c  mi s s i on wi l l  be confined to a narrow r e c;ion in one o f  
the se r e cove ry zone s . 
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Questions and Answers 

TRANSEARTH INJECTION THROUGH ENTRY 

Speaker: M.  P .  Frank 

1 .  Dr . Von Braun - Can the same recovery ships be used 
throughout the launch window? 

ANSWER - Yes .  The recovery ships are capable of achieving 
30 knots ,  which is  more than adequate to keep up with the 
recovery area changes .  

2 . Mr .  Green - What is the longest time practical between 
getting back into lunar orbit and t ra nsearth inj ection?  

ANSWER - The CSM will have sufficient expendables aboard 
for approximately 14 days . Therefore , the longest time 
after LEM separation would be approxima t e ly  'T days . The 
trajectory changes required to return t o  earth during 
this period are not s ignificant . 
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APOLLO EARTH RETURN ABORT CAPABILITIES 

I . O  INT RODUCT ION 

It has always been a stated de s ire , as regards Proj e ct 
Apollo , to have continuous abor t - t o - e arth c apabi lity 
throughout the entire l unar landing mi s s ion . Thi s paper 
will examine the c apab ility of t he s pacecraft to s at i s fy 
thi s ob ,j e ctive through e ach mi s s ion phase o f  t he l unar 
landing mi s s ion . The abort c ap ability will be di s cu s s e d  
primar i ly from a performance s t andpoint . Tn othe r  words , 
examining whether or not the spacecraft has the ne c e s s ary 
performance re quired for c ont inuous abort c apability through
out the mi s s ion . Port ions of the mi s s i on where redundancy 
exi s t s  will be pointed out as well as portions of the mi s 
s ion whi ch are c r i t i c al o r  marginal a s  regards abort c apa
bility . The pr imary ground r ule s for thi s di s c u s s ion are 
as follow s : 

a .  The only obj e ct ive c onsidered as regards e arth ret urn 
abort s i s  the s afe r e t urn of the crew . No alternat e  
mi s s i on obj e ct ive s are cons idered . 

b .  Only spac e craft abort c ap ab ility after an abort de c i 
s ion has b e e n  made w i l l  be di scus sed . In other words , 
an as s e s sment o f  t he spacecraft c apab i lity to re cognize 
an abort s ituat ion will not be included . 

c .  Only one , or at the mo st  two , b urn abort maneuver s  will 
be cons idered s ince more s ophi stic ated multi ple burn 
mane uver s e quenc e s  are not re quired to provide ade quate 
abort c apability . 

The items which will be di s c u s sed for e ach mi s s ion phase 
are as follow s : 

a .  The char acte r i s t i c s  of the traj e ctor i e s  from whi ch 
abort s could be re quired will be de scribe d .  This 
include s any traj e ctory which might re s ult from an 
underburn or an overburn during any of the maj or power 
flight mane uver s .  

b .  The basic  abort mode s or procedure s will also be briefly 
de s cribed . Whe re pos s ible , the mode cons idered pr ime 
will be pointed out along with the mode s whi c h  are op 
t ional or backup . The computer logi c r e quired to pro-
vide all o f  these abort mode s and procedure s are c urrently 
b e i n v  impl eme nted i nt n  the re al t im� gro und c ompu t e r  sys t e m . 

r: .  T h• ;  r · a) J al ! i_ l  i t :·r o " '  t he : · pac e c r a ft o f  act ually p e r forming 
ar .ny>� r:: arw rcv,-r , -w• i l .� h ·  r1 i s c us s e1 . I n c luded here 't�i l l  
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b e  a de s c r i p t i o n  o f the pr opul s i o n  s y ,; r r� r:1 :c a�i ai l ab le ,  
t he 1:::.. V avai l ab l e  fr-om e ar: h , and U1e l::..v , . .  t · J i re d  for 

abor t . 

d .  T he s i g n i f i c· an. t : ' '�a!· ac t e r i s t i c ,: c) i '  aL,_ , ,  . .  � " · · ; ,_ c r: t u r i e s 

1ttill al s o  be : i i :: · · u �; .; e d . In c .! u d ul ·_,: i .L :  ty ' ·· · '  
a s  o r i e nt at i c• : t  ·.-: i '.Jc r c s [ •E: C t  t o  t he� v ax ·  ! 1  :J r :  l · : :Oc)n , 
re l a t i o n  b e t. 'dt e n  r e tur n t:;_me l::..V l ' U.J.t Li� r c" L n wi  'l c l a,y 

t ime , e t c . 

T he maj or c o n s t r ai n t s  vlni c h  s :1apc all ab o r t r r· ·,�. · · · i . o r i e s  
are as follow s : 

a .  Reentry c o r r i du1· - In o t h e r  w o r d s , a V t .l � · y.i f l i g h t 
pat h  ang l e  r e } a :  i o n  at the b e g i n n i n g  o r  1; '1e atmo s phe r e  

( 400 , 000 feet ) .  For t he pur po s e s  o f t r : i .s n a pe r , only 

abort t r aj e c t or i e ::;  t ar get ed to t h e  c e n te r· : r t, �e r e 
e nt ry c o r r i dor w i l l  be c ons ider e d . 

b .  Maximum r e e n t r y  s p e e d  ( le s s  t han 36 , 000 ) - Thi s 
c on s t r ai nt i s  due to he at shie ld l imi t at i on s . 

c .  Re t ll'n i n c l inat i on ( le s s  than 40° ) - T h i s e c m s t r a int 
as s ure s landings in t empe r ate zone s e v e n  i n  t he pre s 

ence o f  l arge r e entry di spe r s i o n s  and al s o  r e d uc e s 
heat s hi e l d  r e quirement s . 

d .  1:::.. V av a i l ab le - In other wor d s , t he 6 V re quired for 
an abort must be within the 1:::... V c apab i l i ty of t he 

s pac e c r aft . Thi s v alue will prob ab ly be s e t  at s ome 
amo unt le s s  t h an t he t o t al 1:::.. V av ailab le t o  allow a 
pad for m i d c o ur s e  and po s s ible c ont i nge n c if' s . 

e .  Ret urn t ime - Thi s c o n s t r aint must alway s  be le s s  than 
the l i fet ime o f  the spac e c r aft sys t ems s uc h  as power 
supply , l i fe s uppor t , e t c . 

T he mi s s i o n  phase s c ons i dered in t hi s  d i s c u s s ion will be ( 1 )  l aunc h - t o - e ar t h  parking orb i t , ( 2 )  e ar th }J ar k i ng orb i t 

coast , ( 3 )  translunar inj e ct ion , ( 4 )  t r an s lun a1 c o a s t , 

( 5 )  lunar orb i t  i n s e r t i on , ( 6 ) lunar orb i t  c o a : : t , ( 7 )  t r an s 
e ar th · i nj e c t i on , an d (8 )  t r an s e a:c t h  c o ae'. t . N: I ,_ t hat abor t s  
dul' i n g LM mane uve r s  arc n o t  c o n c-·, i , ; r::cr . l  a�u c n· 1 V·lOUlrl 
b e  t o  r e n d e z v o u s . 

2 .  0 ABORr::' S DURING LAUNCH PIU\.SE 

� , _ . I ' I ' 

frorn t he - t O - C CLC� : 1  r l..''l' . ,  i ��1 : ·  !' :'�  i l J T a-
t i on o f  alJ r- r o :d:na t e· ' 1 00 s e c on: ! �· .  An :;; > • r · : r � 1 � t_ h i  
phase r e qu i 1 · e s irrmtc d i ate a c t ion : i ' t n ':; 1 c .r.� ' l 'i · · :· a ! ' r  t . r a-

j e ct o r y  i s  s ub o rb i t al for t he �na. · ,: r i !  · '  , . , , 
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The propulsion systems available for abort during the 
launch  phase are as follows : 

a .  LES - Launch  e s c ape system propulsion systems mounted 
on the tower atop the spacecraft . 

b .  SPS - The servi ce propuls ion sys tem of the CSM.  

c .  S- IVB - The third s t age of  the launch vehicle . 

Figure 1 shows a surmnary of  the abort mode s for the launch 
phase and through what region of the launch  burn they apply . 
The se mode s are shown as a function of the burn time as 'dell 
as the re spect ive launch vehicle stage . The black bar de s 
ignat e s  the prime mode while the striped b ar repre sents the 
optional or b ackup mode s of  abort . 

Note t hat the first mode i s  the LES or launch e sc ape system 
mode 'w r l i  e ll is prime from the pad t hroughout the S - I  stage 
and extending on for a few se conds into the S - I I  burn before 
LES ,j etti son . As shown in figure 2 ,  a LES abort cons i s t s  of 
t he LES propulsion system separating the Cormnand Module from 
the stacked launc h vehi cle c onfiguration and providing an 
ade quate altitude and downrange translation . Thi s i s  followed 
by the orientation o f  the Command Module wi th heat shield for 
ward for reentry . Landing occur s  in  a continuous Atlanti c  
recovery are a  along the flight azimuth up to a maximum down
range of approximately 400 nauti c al mile s . 

The next mode i s  the s uborbital free- fall abort . This mode , 
as shown in  the summary chart , begins where the LES i s  ,' e :�. t i 
s o tK d  a nd remains available unt il approximately halfway 
through the S - IVB b urn . Note that thi s mode i s  prime through 
approximately the first half of the S - II burn and through 
half of the S - IVB b urn . It  i s  considered an optional mode 
through the second half of the S - II b urn be cause of the 
availability of a contingency ; orbit insertion with the 
S - IVB , which  will be d i s cussed  below . 

As �;ho•.1n in figure 3 ,  the suborbital free- fall mode cons i s t s  
o f  CSM separation from t he launch  vehicle us ing Service  Module 
RCS , a 10- second SPS burn to gain further separation from the 
launch vehi cle , Service  Module j etti son , and Command Module 
orient ation ( heat shield forward ) for reentry . Landing would 
be i n  the continuous Atlant i c  recovery are a  along the flight 
azimuth up to 3 , 200 nauti c al mile s downrange . 

An extens i on of the suborbital abort mode can be achieved 
by  addit ion of another SPS b urn for landing are a  control , 
as shown in  the summary of abort mode s in  figure l .  Thi s  
mode i s  available as an option during t he second hal f  of  
the S - IVB burn when the  s uborbital fre e - fall mode i s  no 
longer available . 
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Figure 4 s hows how the s uborb ital mode with SPS landing 
control di ffe r s  from the fre e - fall mode . Note that the 
procedure is identi c al except for an additional retrogr ade 
SPS burn . Thi s burn i s  a var i able length depending on the 
t ime of abort and caus e s  landing to be at the end of the 
conti nuous Atlant i c  recovery are a ,  approximately 3 , 200 
naut i cal mi le s d ownr ange . 

The ne xt mode o f  intere st , as shown in fi gure l ,  i s  the 
S - IVB contingency orbit insert ion followed by an SPS de 
orbit to reentry . Thi s mode , as shown , i s  available and 
pr ime for approximat e ly the se cond hal f of  the S - I I  burn . 
The re ason that thi s mode i s  cons idered pr ime GVer the 
s uborb ital fre e - fall mode i s  that it allows landing to 
be pinpoi nted pre c i sely to a given recovery for ce  and 
would allow additional "thinking" time to c o n E. i d e r  
alternate mi s s ions . 

The next mode i s  s imilar in nature to the S - IVB cont ingency 
orb it insertion , exc ept the SPS i s  used for both the COI 
and the deorb it burn . Thi s mode , as s hown in figure 1 ,  i s  
only po s s ib le during approximately the latter half of the 
S- IVB b urn , but it  i s  the prime mode for thi s c· ime period . 

Figure 5 s hows the bas i c  featur e s  o f  the s e  l atter two abort 
mode s .  As shown , insertion into e arth parking orb it is com
pleted by e ither the S- IVB or the SPS . After a certain coast 
t ime in e arth parking orbit , dur ing v; h i c h  CSM S- IVB separation 
occur s  ( i f  it has not already ) , an SPS coplanar deorbit burn 
is performed to return the spacecraft to ree ntry . The time 
of deorbit i s  cho s e n  so  as to re s ult i n  landing at a dis crete 
recovery are a ,  as done in Proj e c t s  Mer c ury and Gemini . The 
SPS deorb it burn i s  t argeted so as to place the e art h ' s 
hor i zon at a spe c i fi ed point in the s pace craft -vrindow for 
monitoring purpo se s .  

In summary , the n ,  as regards launch abort s , the main things 
to remembe r are :  ( 1 )  abort c apab i l ity in one mode or another 
i s  available throughout the entire launch phas e on a continu
ous basi s ;  ( 2 ) cont ingency orb it i n s e rtion followed by de
orb it is always pr ime when it is avai lable . 

3 . 0 ABORTS FROM EARTH PARKING ORBIT COAST 

Thi s  mi s s ion phase cons i s t s  of coas t i n g  i n  a c i r c ular e arth 
parking orbit from e arth orbit insert i o n  t '  t lv- i n i  t :La tion of 
translunar in ,j e c t i oP , a dur at i o n  11/ h i c h  is I J ::; ua� :. _:  one orbit 
or longer . As might be expe cted for t h i s  pLa�� t  , ":-he abort 
pro cedure s be ing -;:l anned are ve ry : · ir'l i l ar , , - - , ; ,::; '3 <' userl in 
Proj ects  Mer c urJ and Gemini . 
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The propulsion systems available and capable o f  performing 
an abort during this phase with the ir re spective �V capa
bilitie s are shown in Table I .  Note that the Service · 
Module RCS propuls ion system doe s  not appear on this table . 
The re ason for thi s i s  that when considering only abort 
traj ectories  targeted to the center of  the reentry corridor , 
the Service Module RCS doe s not have sufficient �V capa
bility to perform an abort maneuver from the nominally 
planned e arth parking orb it . However ,  a procedure i s  
currently be ing evaluated where the abort maneuver i s  
targeted for very near the over shoot boundary o f  the reentry 
corridor . Preliminary indic ations are that an abort us ing 
this techni que will be available using the Service Module 
RCS propuls ion system , although it will be marginal . As 
shown in Table I ,  the propul sion systems whi ch  are available 
and capable of performing an abort are the SPS , the LM pro
puls ion systems , and the S - IVB . 

Figure 6 summarizes  the abort mode s for e arth parking orbit . 
The fir st and primary mode o f  interest , as shown , i s  a s ingle 
coplanar deorbit burn targeted to  provide horizon monitoring 
and which  re sults in  landing at a discrete are a .  The initia
tion time of thi s type o f  abort i s  care fully selected to pro
vide the landing area  control . Thi s mode i s , of course , very 
similar to that planned for Proj e ct s  Mercury and Gemini . As 
shown in the chart of figure 6 ,  the abort can be per formed 
by either the SPS or S- IVB throughout the entire phase with,  
of course , the SPS being the prime propulsion system . Use  
of  the S - IVB i s  not de s irable due to pos sible recontact 
problems during reentry and , thus , would never be considered 
as an abort mode unle s s  there had been a definite indication 
by the instrumentation that an SPS failure had occurred prior 
to CSM separat ion from the S - IVB . Also , if  use of the Service 
Module RCS to deorbit prove s fe asible by targeting reentry 
near the overshoot boundary ,  the pos sible use of  the S - IVB 
as an abort propuls ion system would seem even more remote . 
Thus , use of  the S - IVB as an abort propuls ion system during 
this  phase , seems very improbable even though it i s  available . 

Figure 7 shows the major feature s of  the SPS and S- IVB abort 
mode during thi s phase . Note that the trans fer angle from 
the abort maneuver point to reentry i s  much le s s  than 90

°
, 

whi ch means the time from abort to reentry i s  on the order 
of 15 to 20 minute s .  Command Module/Servi ce Module separa
tion occur s  during the coast period from abort to reentry 
followed by the Command Module orienting itself for reentry . 
The burn attitude i s  such  that the maneuver i s  coplanar and 
s uc h  that the earth ' s  hori zon remains at a fixed pos ition in 
the Command Module window for crew monitoring purposes . The 
� V  required for abort i s  approximately 500 fps , whi c h  i s , 
of cour se , well within the SPS c apability . The time of  de 
orbit i s  selected so as to c ause landing in a discrete 
recovery are a ,  as mentioned previously . 
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The other abort mode po s s ible for thi s phase i s a DPS 
c oplanar deorb it b urn . Thi s mode , as s hown in  fi gure 6 ,  
i s  available t hroughout the entire phase , b ut obviously 
re quire s transpo s i t i on and do cking in earth par k im� orb i t . 

Figure 8 shows the bas ic  di fference between thi s mode and 
the previously de s cribed one . Note that the deorb it maneuver 
is s uch that the spacecraft pas s e s  through apoge e in order to 
provide enough t ime for the crew · t o  trans fer from the 1M to 
the CSM pr ior to reentry . Al so , the hor i zon c annot be eas i ly 
monitored during the abort burn due to the spacecraft docked 
configurat ion . Thus , this att it ude re stri ction is deleted for 
thi s mode . As for the S - IVB mode , t he use of thi s mode i s  
very improbable i f  the Service Module RCS deorb it prove s 
fe as ible due to the s ame type of recont ac t probJ ems upon re
entry as would be experienced with the S - IVB deorbi t mode . 

An alternate DPS abort mode not shown on t he .s ur::manr chart 
is c urrently being inve s t i gate d .  This new DPS mode would 
cons i st of u s i ng the DPS to lower per i gee t o  ·; e r y  n e ar the 
atmo sphere so that the re s ult ing space craft traj e c tory would 
then be within Service Module RCS c apability to de orb it . I n  
other words , the pro cedure would r e quire mane uvers  b y  both 
t he DPS and the Service Module RCS . Thi s proc edur e v10uld 
e l iminate recontact problems during reent ry , s ince the LM 
would be j ett i soned betwe e n  the DPS b urn and t he Service 
Module RCS b urn . 

Summar i zing for this  phase , one c an s ay that more than ade 
quate abort capab i lity e x i s t s  from stri ctly a per formance 
s t andpoint with e s sent i ally three i ndepende nt propuL; ion 
systems c apable of providing the abort �V re quired , c ont inu
ously t hrough the mi s s ion phas e . However , the use of the 
S - IVB and DPS , as de s c ribed in  thi s s e c t ion , ·�..ro uld be very 
unde sirable due to t he re cont ac t problems d uring re e nt ry . 
I f  use of t he Service Module RCS system to deorb it prove s 
fe as ible , t hen the abort mode s us ing the S - IVB or + hf�· DPS 
c an e s s e nt i ally be eliminated from cons icl er at i , l r; . 

Since t he SPS mode i s  very s imilar to t hat planr: • · J  .Co r 
Pro,j e c t s  Mer c ury , Gemini , and the e arl:,r Apo llo 01'bi t al 
fl ight s , the det ai led procedure s and c or:rp ut. er T n J• r r · am ;,; 
are alre ady available and checked out for t he [1 O l i � , ,J com
puter s .  The SPS deorb it mode s could be x e c ut�d u � in8 
either the onboard G&N sys tem , the SCS e Jr: , o r  c:t : : t r i c 1 . ly 
manual-type abort u s i ng v i sual att itude n· i'e r e nc • · . The DP3 
abort mode would normally be exe c uted 1 1 .  i 1 : .'' t he ci J J I  U 1ci'<'d G?x.N 
system , although i t  c o uld also be exec11t c r l  n :::. i nc "t ! tr ·  1 ac l, u r ·  
AGS system . 



4 . 0  ABORTS DURING TRANSLUNAR INJECTION PHASE 

Thi s phase consi st s  of the S- IVB burn which  inj ects  the 
space craft on a highly ellipt i c al traj ectory t o  rende zvous 
with the moon . The durat ion of this  phase i s  approximately 
3 1 1 0  :� c c:r_) nd s  for a typi c al lunar mi s s i on .  What i s  of  i nt e r e s t  

here i : :  t o  c on s i d e r  abort capability from orb its  which  vm uld 

re s ul t  from a premat ur e  or e arly burnout of t he S- IVB stage . 

FiE;ure 9 s how s  t he type of  pre abort orbits  '.vhi ch would re -
sult from an S- IVB underb urn during this  phase o f  the mi s s ion . 
Note that the family of orbits  are elliptical , having very 
ne arly coinc ident line s of aps ide s with ever increas ing apogee 
alt itude up to and beyond lunar di s t ance . The perigee al t i 
t ude , however , remains relatively f i xe d ,  very ne ar t hat o f  

the original circular earth parking orbit  alt itude . The per 
iods of  the se  orbit s , as shown in figure 10 , vary all the way 
from 1� hour s  to approximately 400 hour s as burn t ime increase s .  
Act ually , for free-return translunar profile s , the moon ' s  gravi
tation perturb s the traj ectory re s ulting from nominal burnout 
s uch  that return to e arth requires  much le s s  t han 4oo hour s . 
Note also in figure 10 that the period remains relatively 
small (le s s  than 10 hour s ) for more than three quarters of  
the way t hrough the burn . 

Table II s hows t he propulsion systems available which  are 
capable of  performing abort maneuvers  during one portion or 
another of  this phase as well as t he s ubsequent phase , tran s 
lunar coast . Note that there i s  a large �V capab ility with 
the service  propulsion system even when the 1M i s  attached . 
Also ,  there i s  moderate  capability available with the 1M 
propulsion systems , although use of them requir e s  transpo s i 
t ion and docking prior t o  abort . Note , however ,  that very 
little capab ility is available with the Service Module RCS . 
Bec ause of thi s , aborts using the Service Module RCS are 
marginal at best , as will be s hown later . 

Figure 11 present s  a summary of  the abort mode s available for 
translunar inj e ct ion . Note that redundant abort c apab ility 
exi sts  t hroughout the entire phase and even double redundancy 
for the latter part of the burn . The first and primary abort 
mode s hown in the summary c hart c on s i st s  of  a s ingle burn to 
r e t u r n  the spac e c r aft d i r e c tly to r e entry , as shown ske tc hed 
i n  fi r;:1re 12 . Thi s mode i s  available throughout the phase 
w it h  i t: :'ler  the SPS or DPS propuls ion systems . Note also 
that i . he b .1rn att i tude i s  not constrained to be e i ther c oplanar 
or to e n ab l e  ho c i zon monitoring . A constrained attitude for 
abort c: from t hi s family of ellipses  could result in exce s s i ve 
b.v nenal t i c �: ancl coulr1 aL3o prevent l andi ng at a d e s ire d 

r e c o very are a .  
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Seven sub -mode s exist which would be availab le front t he 
ground for abort in  thi s  one bas i c  mode . In other '.V(' rds , 
there exi sts  seven di fferent clas ses  o f  abort tra ,: P c i:orie s 
which  will be  pos s ible with a s ingle unc o n s t r a i ne d  at t i 

tude burn . There was really no requi rement for th i s  ki nd 

o f  flexibility in the previous phase - - i n other word s , dur 

ing the earth par king orbit  phase- -because t he spacecraft 
was always in the close proximity o f  the' e art h , an 1 t he re 

was really no s igni f'i c an t l y  different w ay:c: t o  rc '  ; r n  t o  
reentry . Be ginning 'd i t h  this  phase , hmrever , ' . he · : · a c e 

craft could be in a pr e abort orbit  whi c h  e xt e nd s a c > m : i 

derable distance from t he earth . Th i ::: fact , comb i ne :l 'd i � h 
the large spacecraft lle r formance c apab i l i ' wr:; a n s  i h at 

abort traj e ctories  '1av i ng s ignificantly d i fferent � : l arac 

teri sti c s  as regards 6. V ,  return time , and lac-Hli ng po i nt 

are po s s ible . Therefore ,  plans are be i ng mad e i o  ' al�e 
advantage of  this  s ituation to provi de gre at e r n e :d b i l i t y  
in  real time planning . 

The seven sub -mode s available are as fnllm·r s : 

a .  Returns to pr imary recovery s it e s  - T l l i c' c l a c� s u f' 
abort traje ctory returns the spacecraft to a s pe c i fic  
primary re covery s ite within the maj or c o ns t r a i nt s  

mentioned previously . For premature S - IVB s h J L do wn 
during all but the very last few se cond s  of  ' h P nomi 

nal burn , thi s class of abort traj ecto ri e s re q u i r e s 
that the abort ini t i ation t ime must  be s e le c t e d v e ry 
care fully to cause landing at a di s crete s i t e , i . e . ,  

there will exi s t  only small regi ons o f  abort init ia
tion t ime whi ch wi ll allow returns to a d i s c r e t e  s ite . 
For late premature S - IVB s hutdowns , howeve r ,  n• asonably 
placed recovery s ites  can be reached for any abo r t  

initiat ion t ime . Thi s sub-mode also requi red , in gen
eral , that a plane change be made in order t o  r e ac h  a 

primary recovery s ite , unle s s  there exi sts  s uf :::'i cient 
t ime for the space craft to remain in t he rn"e ab �_> r t  orb it 
until  the pr imary r e c ov e ry s i t e  r o t at e :; i nt;c, t he proper 
po s ition for a cur , J anar abort mane uve r . T rH d r·: J q �l t i me 
to abort , howeve r , :i s u sually l i m i t e d  i f  + '�e a� o ,�e e  '' f 

the space craft pre abort orbit e xt e n d s  i nt c  i he r adi at i on 
belt s . 

b .  Time c r i t i c al r e t ur n s  to a cont inge n c y r C C l) \' e r . :  a:cea - Thi c: 
c lass of  abort retn:rns the space cr a ft to a ( ' CJ rl L l '1,_; e n � y  r e 

covery ar e a  i n  t h e  quicke st po s s ible n c � . u r :-1  t L·1e ': o n s i s t e nt 

with t he c o n s t r ai n� s of the s i tuat i 0 n .  A c n n 7 � n �0 n c �  r � -

cover :r area  i a c- ::, nt inuous line c z + r_· rd · , . , "  ·3 � 'a2· 
n·.J r i . :'l e r l :,· l a i i t ud·: , lJ s _; al ly ::)0° , i , , �'- , ·8!' - · J' · · .l :: � 1 i . i -

' ' - -

�; u ci.e , al,, o · t :� . : al The s e  1 i n r- · : 1  · ;. l r t · i : : :a ' r: l .·r 

L • \ , 1 
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very close  to be ing a fixed longitudinal line . Landings 
on or near these de fined line s  can be s upported by con
t i ngency recovery force s ,  resulting in recovery time s 
nearly as fast , i f  not as fast , as tho se associated with 
the primary recovery s ite s . The expected exi stence of 
four or five o f  the se contingency areas or line s  placed 
equidi stant around the world means t hat no long delay 
t ime s  will be required before the abort can be initiated 
i f  a time critical situation exi st s . The exi stence of 
these  recovery line s also means that plane change manuevers  
will never buy a great amount of  return t ime . For these  
reasons , this  sub-mode i s  defined to  be  a coplanar maneuver 
with the abort initiation t ime selected to cause landing at 
the fir st acce s s ible cont ingency re covery area or line . 

c .  Fuel critical returns to contingency recovery areas - Thi s 
c las s o f  abort returns the spacecraft to the same contin
gency recovery areas or line s as de scribed above , on a 
trajectory which require s the minimum pos s ible �V or fuel . 
This clas s of  abort return would only be used in a situa
tion where there had been a serious degradation in the 
propuls ion system . The very nature of  the s ub-mode limits  
or  re strict s the region of  abort initiation to the vicinity 
of  apogee of the preabort orbit . 

d .  Time criti cal returns to a water landing - This clas s of  
abort returns the space craft to  a water landing in the 
quicke st pos s ible t ime . Note that the only restriction 
on the landing poi nt i s  that it be on water . The landing 
i s  not re stricted to a particular latitude , longitude , or 
combination thereof .  It  i s  assumed in thi s  sub-mode , as 
it was in the previous time critical s ub-mode , that the 
s avings in  return time made pos s ible by plane change s 
were not worth the added logic complexity . There fore , 
returns in this abort sub-mode are re stricted to coplanar 
maneuvers . The sele ction o f  the abort initi at ion time i s  
not as criti cal for this sub-mode as for those de s cribed 
above , and for a large percentage of the case s , the abort 
maneuver can be executed as soon as po s s ible , i . e . , as 
soon as the crew and systems are prepared and checked out . 
The only instance s when the abort initiat ion time must  be 
be delayed is to prevent a land landing . It should be 
pointed out that the use o f  thi s sub -mode i s  very improb
able due to the small savings in return time pos sible when 
compared to the time critical ret urns to a contingency 
recovery area ,  as de scribed above . 

e .  Fuel critical returns to a water landing - Thi s clas s of 
returns is restricted to a water landing , as above , but 
provide s t he rr.inimum AV solution rather than the qui ck
e st return t ime . Again , as  in the fuel criti cal sub-mode 
de :; cribed above , this clas s of return trajectory would 
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only be u :; ed i n  t i H· :; i t uat i on ·;�here a :::eri c' � �  ' :2 · wJat ion  
has occ c1rred i n  t he p�·opuls ion. s y s t e m . A;_� ·..:o JJ,j L c  ex-
pe c te d , t oe r c  ,, ,� aLor t i ni t i at iun t ime :.: f u r  t l 1i s s ub -

mode i s  res t r i c:: i; c:" d 1 c l U1E vicinity o f' apot;:u: '. l l '  ' ::e pr e 
abort orbit . The U S l :  ·.l l' this  sub-mode i s  ::tc :, re 1 nJb al;le 
t han its t ime r r i  t i c a,l c ounterpar t  d ue t (J t ne t 'ar:i: t hat 

a return  to a c c, n ',, i nt;c n c :,, re covery are a  or -� i ne may not 
be  po s s ible w h ,� n  t ;' L"  ab o r t  initiat i on i s  re c: f. l· i r: ' . .  e: d  t o  
t he v i c i ni t,y c.> f apc'<I'' e .  Thus , a l'uel c r i t i c al r cc t  urn to 
a water landi ng 'tll ' t ; l ri be t he next b e s t  l;O s s ible .my t o  
return . 

f .  T ime cr itical r e t urns to unspe c i f i e d  landing are a  - This  
class  of abort n� t ur n s  the spacecraft i n  the  1 u i cke s t  

poss ible t ime wi t h  n o  re E.t r i c t i on on the po i nt c, f land i ng , 
i . e . , the l and i ng c n uld be on land or wat e r . T� ·e c: e returns , 
by their very nat ure , are re quired t o  be c op l a n ar and are 
i ni t i ated as soon a s  po s s ible , i . e . , as soon a s  �he crew 
and systems are frepared and c he c ke d  out . The u s e  o f  thi s 
type of  r e t u r n  i s  even more improbable than t he t ime c r i t i 
e a J  water landing s ub -mode due t o  t he small :c; avi ngs in  
r eturn t ime as compared to  the other  po s s ible  sub -mode s ,  
and due to the po s s i ble degradat ion of  ere•,; safe +: :: as soc i 
ated with a land landi ng . Only a very extreme cont i ngency 
s it uat i on would ,i u s t i s uch  drastic  ac t i on .  

g .  Fuel criti cal r e t ur n s  to an unspe c i fied  are a  - Thi s c lass  
o f  abort returns t he ,; p a c e c r aft to  r e e nt ry v.; i  th t he minimum 
po s s ib le A V requ ired . The definition of  this  ' ub-mode re 
quires  that the  rr.ane uver be per formed coplanar at apogee of  
t he preabort o r b i t . Thi s s ub-mode would b e  u s e d  when only 
t he Service Module RCS system was available and when the 
abort initiat ion t ime could not be delayed to some sub s e 
quent apogee pas s age < lue t o  rad iation  do sage o r  a preabort 
reent ry condi tion , i . e . ,  when the per ige e  of Lhe preabort 
orbit  is so low as L o  c ause reentry during that parti c ular 
orbit . 

A straight forward procedure for selection o f  the b e s t  s ub-mode 
i s  virtually impo s s ible d ue to the complexity of the spacecraft 
systems i nvolve d , the po s s ible failur e s  or combinat ion o f  
failure s which  could have o c c ur red , and the wide range o f  
po s s ible preabort orb i t s  including the 'tlide range o f  pos s ible 
geogr ap hi c  or i e nt at ions pos s ible . For the s e  re asons , fli ght 
cont roller j udgme nt in re al t ime must be he avi ly relied  upon 
to make the sub -mode s e l e c t io n  based on the e x a c t  s ituat ion  
at  hand . The flight cont roller s  wi l l ,  of  course , deve1op many 
mi s s ion  r ule s to aid him i n  t ill s  dec i s ion . The c urr':: nt plan 
i s  t o  d i splay the s igni f i cant c haracteri st i c s  o f  abo r t  traj e c 
tor i e s  in  t he s e  var io w; c · R. teeor ies  o r  s ub - rno:l t:' .' :  I. e :  i nrc· f1 i gh+, 
cont rol1er after  a 'le c i :: i cm 1-c) abort :'ia::; b:: c:- n r:: R.l c .  The s e  
c har acter i s t i c s 'dU 1 t1 d i nc ·Jude s uc h  i ten : ,; Rc' ( 1 )  6..'1 n quired , 
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( 2 )  return time , ( 3 )  land ing l o c at i on ,  and ( 4 )  whether land ing 
i s  in daylight or darkne s s . The fli ght controller would then 
s e le c t  the one which , in  his j udgment , provide s the ''rea": e ::: t 
margin o f  crew safety . It i s  obvious that , all thineo;s being 
e qual , an abort to a primary recovery s ite would be selected 
if at all pos s ible . In order o f  decreasing priority , then ,  
would be  abort s  to a cont ingency recovery are a ,  aborts  to  a 
water landing , and finally , for an extreme cont ingency s itua
tion , aborts to unspe c i fied are as . Ho'deve r , all things may 
not be e qual for a given abort s i tuation ,  and a tradeo ff may 
be required between the po s s ible ways o f  re turning in order 
to maximi ze crew safety . 

Note that the above de s c r ibed sub-mode '' would be available 
from the ground not only for thi s phase but for all the remain
ing mi s s ion phas e s  to reentry . The onboard bac kup c apability 
will be re stricted  to t he latter two s ub-mode s ( f  and g ) due to 
computer storage limitat i ons , b ut certain manual iterations can 
be per formed by the crew to provide some meas ure of control 
over longitude of landing . 

As s hown i n  figure 11 , t he only other bas i c  abort mode for 
this  phase · i s the Service  Module RCS coplanar deorbit  returning 
the spacecraft directly to reentry us ing the minimum po s s ible 
6. V .  Thi s mode of  abort is available in one of  three pos s ible 
sub-mode s ,  as de scribed below . 

a .  Fuel critical returns to cont ingency re covery areas . 

b .  Fuel critical returns to water landing . 

c .  Fuel critical returns to an unspe ci fied area .  

The de finitions of  these  s ub-mode s are ident i c al t o  t hose  
de s cribed previously for the SPS and DPS propul s i on systems . 
Note from fi gure 11 that thi s mode of  abort i s  available only 
during t he latter part of the TLI b urn . Again ,  it  should be 
emphasized that thi s latter statement as sume s  that target ing 
for the abort mane uver wc uld be for the middle o f  the reentry 
corridor . Targeting for near t he overshoot boundary could 
conceivably make thi s made of  abort available throughout the 
entire phase . 

Another abort mode not shown in  the summary chart i s  c urrently 
under i nve stigation and evaluation .  Thi s new mode would con
s i st of two burns and would be cons idered only if the SPS were 
available . The first  b urn would be  a c ircular i zation maneuver 
at peri gee of t he preabort ellipse . The se cond burn would be 
a standard deorbi t  mane uver as de s cribed in  the e ar t h  parking 
orbit  phase , i . e . , a c oplanar burn targeted so as to provide 
the crew with  hori zon monitoring .  This  procedure would allow 
the crew to retain t he s implified abort procedure .-� of t he 
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earth parking orbit phase through a cons iderable ion of 
the translunar inj e ction phase . The use of this abort pro
cedure would be c urtailed for preaborts occurring :i 1 :r ing the 
latter portion of the t r an s  lunar inj e ction  burn . T h j  ,� c urtail
ment would occur due to an exces s ive AV r e quirement � o  circular
ize . In other words , the A V re quired to circular i ze -.vould not 
leave enough Av remaining to deorbit . Another }.)O;c, s ib le limi 
tation of  the use of thi s  abort procedure wo uld be Umt i t  would 
only be considered if the primary G&N system o f' t he C S M  were 
operating .  A manual -type circularization mane uver ';iould never 
be attempted clue to t he magnitude o f  the mane uver r ·" qui red . 
However , if  the current inve stigation prov e s  t h i s  lJIOcle to be 
fe as ible , it would rrobably become the prime abo r � .  mode for 
the port ion of the translunar inj ection phase '.vhere i t  i s  
pos sible , if the primary G&N and SPS are available . 

Figure 13 shows the general characteris ti c s  of  a fuel critical 
abort traj ectory re gardle s s  of the propulsion s y s t em being 
considered . Note that the burn i s  in the near vic inity of  
apogee and that the mane uver i s  of the Hohmann tn•e to lower 
perigee  into the atmosphere . 

Figure 14 pre sent s  the Av requirement s for fuel criti cal 
aborts with unspecified landing area as a functi on of the 
time of premat1;.re S - IVB shutdown . In other words , this curve 
repre sents the absolute minimum A v  required to abort of all 
the po s s ible mode s and sub-modes di scus sed  above if targeting 
is restricted to the center of the reentry corridor . Note 
t hat the Av re quired begins at a value of approximately 500 
pfs at zero burn t ime - -when the spacecraft i s  es sentially 
still in a c ircular orbit- -to a value very nearly zero at 
nominal cutoff . Shown as limit line s on the plot are the 
various AV capabilities associated with the available pro
puls ion systems . Note  that the Servi ce Module RCS is  the 
only propul sion system which  can be considered critical for 
this phase . As shown , use of thi s system can only be cons i
dered feasible for shutoffs occurring during the latter part 
of the translunar inj ect · on phase , but it should  be emphasized 
again that thi s is assuming targeting for the cent er of  the 
reentry corridor . TheAV capabilities as soc iated with the 
SPS ( even with the LM) and the DPS far exceed the minimum 
�V requirements . Thi s large AV capability margin , which  
exists  with the SPS or  DPS propulsion systems can be  utili zed 
to control t he abort landing point and/or to  speed up the 
return traj e ctory . 

Figure 15 shows the general characteristi c s  of an abort 
trajectory when this exce s s  AV margin is used to speed 
up the return . As  shown , a time criti cal abort tra;] e ctory 
dur ing t his  mis s ion phase is usually characterized by a 
post-apogee type return . In other words , the abort tra
j e ctory doe s not pas s through apogee between t he abort 
maneuver point and reentry . 
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Another general characteristic  of a t ime crit i cal return i s  
that the overall qui cke st  return time usually result s when 
tne abort is per forme J as soon as a solution is available . 
For the time critical unspe c i fied area sub-mode , this me ans 
that the abort should be performed as soon as preparation 
time pe rmi ts  to minimize the return time . 

Figure 16 s hows the minimum pos s ible return time in the t ime 
cr iti cal unspe c i fied area s ub -mode as a function of  the time 
of premat ure s hutdown during translunar i nj ection . As s hown ,  
a � V o f  approximately 10 , 000 fps was as sumed i n  the genera
tion of thi s curve . Since thi s i s  the maximum �V pos s ible 
from any of the available propulsion systems , this curve is 
a limiting or bounding line . In other words , this curve 
repre sent s the absolute minimum pos s ible return t ime for a 
single burn procedure . The other as sumpt ion made in the 
generation of  thi s data was that abort occurred one - half 
hour following trans lunar in,4 e ction burnout .  

As shown , the minimum pos s ible return time i s  always le s s  
than approximately 3t hours n o  matter where premature shut 
down occurs . Note , also , as would be expected , the retur n  
time increases  with increasing translunar inj ection burn 
time . It should be understood that an abort maneuver thi s  
severe would probably never be attempted due t o  the very 
size  of the maneuver re quired and due to the small probability 
of  it be ing nece s s ary . 

Fi gure 17 pre sent s  the m1n1mum pos s ible A V requirement s  to 
abort to a typical primary recovery site during the trans
lunar inject ion phase . Thi s type data are very mi s sion 
dependent so only very generalized conclus ions can be drawn . 
The A V  required to abort i s  shown plotted in contour form 
as a function of the translunar inj ection burn t ime on the 
verti cal axi s , and the abort delay time or the t ime of abort 
as meas ured from translunar inj ection burnout on the hori 
zontal axi s .  The eccentricity of  the preabort orbit i s  also 
shown plotted on the vertical s cale with the translunar 
injection burn time . The particular case shown is  for re
turns to Bermuda for the DRM II lunar landing mi s sion . 

Note that for early premature burnout time s , the 6. V require
ments are cyclical with delay time and that these requirements 
vary very rapidly with delay time . Note also  that there are 
regions which exi st where no abort solutions are pos sible even 
assuming a 6. V of 10 , 000 fps available . As shown , the bands 
of pos s ible solutions become more and more narrow with delay 
time for thi s particular case . This characteristic  i s  due to 
the fact that the landing s ite is rotating farther and farther 
out of  the preabort orbit plane . If  delay time were extended 
further than is shown on this plot , the bands would eventually 



d i s appear and t �e n  r e appear i n  ever -widening b an,i c a s  ": he 
l andi n g  s it e  again r o � at e d  into t he favorable ro � i 1 i o n w i t h  
r e spe c t  t o  t he i ne r t i al pre abort orbit  plane . T '1 i  c� ,_ f 'fe c t , 
o f  c o ur s e , i s  very mi s s io n  dependent and the e x ar:, �  ur'I 'o s i  te 
c o n ]  d have o c c urre d . I n  other wo r d s , ' . h e  b and:.: ::: o v ld : mvc 
b e come w i de r  and w i d e r  w i t h  de lay t ime i n s t e ad of �ore nar row 
i f' t he l andi ng s i te c llo �-; e n  for c o n s i de j · at i on harl t ·r: n  rot at i n e;  
i nto t he plane r at he r tt-Jan away from t he nlane . Ar , , t  he r 

not i c e ab l e  t rend on t l ! i s  dat a p lot v1h i c h  i s  aL� D t J "E for 
t he general c a s e  i s  t hat t he 6. V re qu i r er..ent s rie ,� T ·  a;: c w i t h  
i n c r e as ing translunar i n ,j e c t i o n  b urn t ime . A l s o , ::\Jr late 
prematur e  s hutdown s , abort solut i o n s  are av a i l at i e  , . ,, :� t i nu 

o us ly wi t h delay t ime s and no gaps o r  v o i d s  C' C C i" ' ' . 

Fi gure 18 shows typi cal r e t  urn t i me s t o  the s ar::rc �;r i: ·! ary 
r e c ove ry s i te as c o n s i d e r e d  on t he p r e v i ous plot . As ibr 
t he previous plot , t he d at a  i s  s hown plott e d  as a ' 'unct ion 
o f  translunar i nj e ct ion b ur n  time and abort d e 1 ay t i me . 
T ne s e  data a s s ume t hat t he e nt i r e  SPS c ap at i :  i t  "- - avai l 
abl e  for u s e . Nc>te that although a fe'.,; r e �� i c> n ;· a r ·� avail

ab le where r e t urns i n  a few hour s are pu s c; ible � i n  r':<·neral , 
re turns are forced to at least one day i n  r e t u rn t i me . 

S ummari z ing the t r an s l unar inj e c t ion phas e , then , o ne c an 
s t ate that : ( 1 )  r edundant abort c apab i l ity e x i s t s  c c 1 ni. inu
o u s ly t hroughout t he translunar inj e ct i on p h aS P j c� ) t: hC 
spa c e c r aft perfor mance margin i s  gre at e no ugh to allow con
s id e r ab le fle x ib i l ity i n  s el e c t i o n  o f  r e t u r et t ime s anrl c h n i c e  

o f  a land i ng are a ;  ( 3 )  t he only c r i t i c al or marvi n a �  ab or t 

�ode i s  when the Service Module RCS system �us t b e  r e l i e d 
upon to perform t he abo r t  maneuver . Thi s mode w � ul d  only 
be r e qu ir ed i n  the e v e nt of an SPS faLl ur e as 'lie ll a: :  a 
failure to per form t rans po s ition and docki ng t o  ob t a i n  t he 
1M propul s i o n  s y s tems . Thus , the u s e  o f  t h i s  rn c" l e  '·:f(l uld 
s e em very improb ab l e . 

5 . 0 ABORTS DURING TRJu1'SLUNAR COAST PHASE 

T h i s  r1i s s io n  phas e con�c:. i s t s  of t he coast per i c:d f !' . · : : :  ' . r an s 

lunar i nj e c t ion b ur nout t o  t he i n i t i at i on o f  lunar o r b i t  

i n s ert i o n , a pe r i od o f' approximately 6 2  t o  74 ho uro; for 
fre e - r� t urn t raj e ctor i e s . Since t he nomi nal t r a n s J unar 

coas t t r a j e ctory i s  a free r et ur n  to e art h ,  t he �i ninnun 
6. V to abort i s  e s s e nt i ally zero . Thus , as w i ll be s hown 
l at e r , large 6, V c apab i l ity mar g i n s  exi s t  v,rhi c h  c an be 
us e d  in an abort s i tuat i on to speed up t he r e t ur n  L o  e arth 
and/or control the point of  landing . 

Fi gure 19 pre s ents a s ummary of the abort mo de c; for t he 
t r an s lunar coast phas e . Note that redundant at•ort c apa
b i li t y  exi s t s  througho ut the entire phase due to t he 
presence  of t hree i ndepe nde nt propul s i o n  s y s t em s . 



'I' : I P  f'ir :-; t auo1 ·t r::odP i i c; '� e d  i s  a direct ab ort avai lable: w i t h  
e i  U;c r t he SPS or U! D P S  propul s ion systems . The bas i c  fe a
t 1 1 r e ;; or t h i s  ab ort morir' are s hown s ke t c he d  in fi gur e  20 . 
Thi c; 1no rl c  con s i c: t s  of a s i ngle unc onstrai ned att i t ude abort 
l 1  ; r n  \.·; h i r' h  r e t urn�; the spac e c raft d ire ctl y to r e e ntry w i t ho ut 
r� i r c ul c !nav i r�at i ng t he moo n . Shown s k e t c he d , are t he b10 e xtreme 

::; o f  r e t ur n s  po s s ible in thi s mode - - t ime c r i t i c al and fuel 
r:ri t i c al .  A fuel c r i t i c al retur n  u s ually pas s e s  t hrouc;h apoe-e e 
folJ ml i n g  the abort mane uve r ; w h e r e a s , a t ime c r i t i c al or a 
fa::; t  r e t urn us ually doc s  not pas s through apoge e following the 
abort mane uver . All o f  the s even s ub - mode s de s cribed pre
viously for a translunar i nj e c t ion phase are available for 
t h i s  mode as we ll as for all of t he other mode s for t hi s  pha�: e:: . I �' U1e SPS i s  availab le , t hi s  mode o f  abort produce s  t he 
fa::; t e :; L po s s ible retur ns to the e arth f0r abort s p e r fo rr1ed 
prior to reac hing approximate ly t he lunar sphere o f  influe nc e . 
Thi s i s  t he r e ason why t h i s  par t i c ular mode i s  cons idered pr ime 
for approximate ly the fi r s t  thre e - fo urths of t he coast per i od 
from t he earth to the moon . 

The DPS direct abort mode , as shown i n  t he s ummary c hart , i s  
availab l e  as a bac kup mode t o  t he SPS dire c t  mode for approx i 
mat e ly t he fir s t  two - t hirds o f  the coast per iod from t he e arth 
l , o  the moon . Us e o f  thi s mode dur ing t he latter port ion o i '  
t he t rans l unar c o a s t  p h a s e  would r e s ult i n  exc e s s ively long 
retur n  t ime s . Thus , t he use of thi s mode as a bac k up dur ine;, 
t hi s  latter per iod is not cons idered as a po s s ib i l i ty . As 
will be s hown i n  more detai l  late r , t he LM DPS direct  abort 
mode , when u s e d  in t he eve nt of an SPS fai lure , will re s ult 
in the faste s t  po s s ible return t ime o nly if t he abort mane uver 
i s  p e r formed dur i ng approximately t he first 2 5  hour s  o f  tran s 
l unar coas t . 

T he ne xt abort mode l i s t e d  i n  t h� s ummary c hart con s i s t s  of 

delaying t he abort mane uver unt i l  t he v i c inity of p e r i c ynt'nion 
or perilune i s  reac he d , as s hown s k e t c he d  i n  fi gure 2 1 .  Thi s 
mode o f  abort i s  avai lable conti nuously t hroughout t he ent i re 
translunar coast phase w i t h  e ither t he SPS , DPS , or mar gi nally 
with t he Service Module RCS system . I f  t he SPS i s  available , 
t h i s  mode o f  abort will gener al ly r e s ult i n  t he fas t e s t  pos s ible 
re turn to t he e ar t h  for abort de c i s ions made ne ar the sphere o f  
i nfluen c e  o r  t hereaft e r . For thi s r e ason , i t  i s  s hown i n  t he 
s wrunary c hart as the prime mode of abort for t h i s  port ion o f  
the trans lunar coast phas e . In t he event o f  an SPS failure , 
t he U! DPS propul s i on system u s e d  i n  thi s mode will re s ult 
in the faste s t  po s s ible retur n  t ime for abort de c i s i on s  made 
approximat ely 2 5  ho ur s or later o ut along t he translunar c o as t  
tra, i e c tory . I n  the event o f  an SPS fail ur e  and failur e  to 
obtain t he 1M DPS propul s i on systems , t he Service Module RCS 
\W u1r1 be margi nal ly available for t h i s  mode o f  abort due to 
the far:t that t he norr i nal transl unar coast is a fre e - retur n  
i�r a. j  C' C �JlTY . 



The third abort mode l i sted in t he s ummary chart i s  a 

c i r c umlunar abort available with t he SPS , DPS , or rrargin
ally wit h  the Service Module RCS cont i nuou s ly t �ro ughout 

thi s mi s s io n  phas e . Figure 22 s hows the bas i c  fe at 1rre s  
o f  thi s abort mode t o  be a s ingle unconstrained burn pe r 

formed a t  some point along the translunar coast traj e ctory 
whic h  retur n s  the spac e c raft to the e arth aft e r  c i r c um

navi gat ing t he moon . The alti t ude o f  peri cynt h i on <H '  per i 

lune i s  allowed a certai n  amount o f  fre edom i n  order t o  

obt ai n  landing are a  control upon return to earth . Thi s mode 

of abort i s  not as yet thoroughly unde r s tood . Prel imi nary 

analys i s  i nd i c at e s  t hat t h i s  type of abort many t i me s  pro

duc e s  the ab so lute minimum 6. V r e quire d  to retur n  t c  a 

par t i c ular landi ng are a ,  e spe c i ally i f  the trans l unar coast 
profile is a non- fre e - retur n  type . Howeve r , fo r ,l ust  as 

many cas e s  the minimum 6. V r e quired to ret urn to a r:art i 

c ular re covery area has been found t o  b e  minimi zed b J  use  

o f  the delay to pe r i c ynthion abort mode . A c ompl e t e  under 

s t anding o f  thi s e ffe c t  i s  current ly unde r i nv e 3 l . i gat ion . 

Figure 23 s hows a spec i al c as e  o f  the c i r c n"llunar abort 

mode . Thi s par t i c ular case cons i s t s  o f  mer e ly u s i n g  mid

cour s e  corre ctions to correct b ack to the nomi nal fr e e 
return traj e ctor y , as s uming this  type o f  return i s  the 
nominal profi l e . Use o f  the c ir c umlunar abort mode in 

thi s fashion i s  e s sent i ally e quivalent to t he fue l  c r it i 
c al uns pec ified area s ub - mode de s c r ibed previously . 

The last mode l i s ted o n  the summary chart i s  a two - b ur n  

mode for the spe c i al c as e  o f  when t he trans lunar coast 

traj e ctory is on an impact c our se with the moon . As 
s hown , this  mode o f  abort i s  availab le conti nuous ly tl1rough
out the entire phase with e ither the SPS , DPS , or c:tar gi nally 

with the Servi c e  Mod ule RCS . Fi gure 24 s hows t he l 1asic  fe a
tur e s  o f  this abort mode . The first maneuver ,  u s u al l y  a 
small o ne , i s  used to r ai s e  perilune or per i cynt hion alt i 

t ude to an ac cept able value . The se cond burn i s  t he n  per

formed i n  t he v i c inity o f  perilune to r e t urn t !le q_;ace craft 

to earth in one of t he s e v e n  s ub -mode s de s c ribed J.'1 f: 'J i o u s ly . 

The mos t  probable need for thi s abort mode vro u l d be i n  the 
event of a b adly executed s e cond midcour s e  correct  :i o n  near 

t he sphere o f  i nflue n c e  due to a G&N or an SPS fai l ure . 

Figure 2 5  s hows a ver y  s i gn i fi c ant c haract e r i s t i c  c 1 f  trans 

lunar c oast abort t raj e e torie s ,  e xpe c i al ly as re gar d s  returns 

t o  a primary r e c o very s i te . As s hown , tr:e t r an s fe r  angle 

from abort to reentry i s  re lat ively inse ns i t ive : o  V1e time 

o f  abort or to the type o f  abort ret ur n . Thi s arwl e ·v·ar i e s  

from approximate ly 170° t o  180° thro ughout t h e  e n ti re tran s 

l unar coast phase . Thi s  fact , comb ined w i t h  t h e fac t t l1at 

the ree ntry r angi n g  c apab i l i ty i s  a l s o  relat i ve �i xed , 



means that the inertial position of  landing i s  approximately 
fixed for a given return plane . Thi s means that the abort 
traj ectory problem i s  e s sent i ally a t iming or a rendezvous 
problem . In other words , the retm·n must be t imed s uch that , 
as the space craft reache s  i t s  relat ively fixed inertial land
ing point , the de s ired landing area i s  j ust  rotating unde r
neath . I f  the fastest  pos sible abort return j ust  mi s s e s  
rendezvous with the de s ired landing area ,  then a delay in 
landing time of  nearly 24  hours results  in  order to allow 
the de s ired landing area  to make a complete revolut ion to 
again reach the de s ired inerti al rendezvous point . Thus , 
more than one solut ion i s  pos s ible , but the pos s ible solu
tions occur in 24-hour increme nt s as regards landing time . 

Figure 26 shows that this 24-hour landing e ffect i s  also 
pre sent when the time of abort is added as an additional 
de gree of freedom to the problem . Thi s e ffect occur s  
because the inel'ti al dire ction of  the· abort point change s 
very little with abort t ime along the translunar coast tra
jectory . An abort from point 1 ,  as shown in  fi gure 26 , to 
a part icular landing s ite mi ght require re lat ively low energy 
in  order to achieve rendezvous with a de s ired landing s ite . 
An abort at a later time, as represented by point 2 ,  would 
require a higher energy return trajectory if the spacecraft 
is to rendezvous with the same landing site at the same 
t ime as the abort :·,rajectory l .  Similarly, an ab ort 
trajectory performed at still a later time, point 3 ,  would 
require even more energy resulting in an even faster return 
trajectory in order to account for the time lost in delaying 
the ab ort maneuver . Obviously, a limit will be reached as 
regards delay time when either the � V required for ab ort 
or the velocity at reentry violates its respective limit . 
When this limiting or critical delay time is reached, an 
abort would be forced to a landing 24 hours later, as 
represented by point 4 in figure 26 .  

An interesting feature of this 24-hour effect for aborts 
to a particular landing site is that returns will either 
all be in daylight or all in darkness . In other words,  
if  an abort solution to a primary recovery s ite such as 
Hawaii lands in darknes s ,  a solution cannot be found for 
any other abort delay time or any other 6. V required which 
will cause landing at Hawaii to be in daylight . 

Figure 27 shows this 24-hour effect in the form of actual 
abort trajectory performance data c omputed for a typical 
translunar coast trajectory . Shown plotted is  the time 
of landing measured from translunar injection as a function 
of the time of abort measured from translunar injection . 
Data is shown for three primary recovery sites--Indian 
Ocean, Hawaii ,  and Bermuda . The data shown for aborts 



an SPS ab ort in the s ame s ituat ion . Note als o that the 
switchover line dividing direct ab ort s fr om post-perl t:yn
thion ab orts i s  now back to appr oximate ly 22 h our s after 
transl unar inj e ct i on due to the much smaller .6. V cap3.b ili ty 
a s s oc iated with the DPS :propuls i on system . 

Figure 29 shows another s ignifi cant charact eris t i c  of 
trans lunar c oast ab orts as regards landing acce s s ib il ity . 
Note that the ab ort return ge ometry req_uire s  that all 
p os s ib le ab ort traj e ctor i e s  fr om a given ab ort pos it i on must 
pass thr ough the antipode or negative of the ab ort pos it ion 
ve c t or . Sinc e the transfer angle from ab ort to reentry 
is always approximately 170 to 180 degrees , the n the re
entry p os iti ons must be  in the immediate ve c inity of the 
antipode . The fact that the re entry ranging capab il ity 
i s  re lat ively l imited t ogether with the c onstraint on 
return inclinat i on for c e s  the landing point t o  a relat ive ly 
re str i ct ed band of pos s ible lat itude's , 

F igure 30 shows typ i cal landing area a c ce s s ib il ity for 
ab ort s from a p oint midway along the trans lunar c oast 
traj e ct ory . The shaded regi on represent s  the p os s ible 
ge ographi c  landing areas for ab orts from th i s  one pos i t i on 
ve ctor . Note that the region of p os s ible landing lat itude s 
is re lat ively restri cted whereas any longitude is acce s s ib le . 
The widening of the ac c e s s ible area fr om east t o  we st i s  
as s oc iated with slower and slower return traj ector ie s . 
A slower return me ans that more e nergy c an be ut i l i z e d  
for plane changes wh ich widens the pos s ible lat itude 
band . The particular case shown is an ab ort pos it i on 
ve c t or at a s outher ly latitude or de c linat i on; there -
fore , the ab ort antipode , as we ll a s  all pos s ible landing 
p oi nt s ,  are notherly in latitude or de cl inat ion . Thus , 
re c overy s it e s  sh ould be placed at northerly lat it�de s when 
the lunar mi s s i on is planned for a s outherly lunar de c l inat ion 
and vice ver s a . Pro1'er positioning of re c overy s ites 
i s  repre sented in f i gure 30 by the " X" marks . 

Summari z ing ,  then, for the translunar c oast phase : ( �) 
Redundant ab ort capab il ity exists throughout the ent ire 
phas e . (b.) Spacecraft 6. V capab ility i s  large c ompared 
to the minimum req_uired due to the fre e-return r�·rof lle . ( c . ) Th i s  large margin of c apab ility can 'be ut ilize•.i t o  
spe ed up returns and/ o r  to c ontrol the landing arect . ( d . ) No p ort i on of this mis s i on phase i c  crit i c al o:c 
marginal unle s s  b oth SPS and DPS failur e s  oc c t� . 

6 . 0 ABORTS DURING LUNAR ORBIT INSERTION I'Il4.SE 

Th i s  pha se c ons i s ·::s of the GPS mane uve r wh i · :'l tTa� ; : :  '"� r ·  
the spacecraft from the :�.prr oach hype -::·L oJc� '.tt t l  :: 1n  · . r. . •  

lnt o a c ir cular parking orb it ab out ! . '• c mrJ or• . ·r� , c , 



prior to the time of pericynthion were computed in the 
direct abort mode . Note that the time of landing for 
a particular landing s ite is  relatively insens itive to 
the time of abort until a limit i s  reached ( 6 V reQuired 
or reentry veloc ity) . At this point ,  ab orts to that 
same landing site are forced to a time of landing 24 
hours later where it remains fixed with delay time until 
one or the other of the l imiting constraints is reached 
again . Note , however , that if a different landing s ite 
is cons idered 1-rhen a limit is  reached,  the j ump or dis
continuity in t ime of landing would be s omething le ss  than 
24 hours . Therefore,  if the re covery s ites were placed 
approximately eQuidistant around the world, the incremental 
increases in the time of landing to a specific s ite would 
always be s ome fracti on of 24 hours . Another intere st-
ing feature of figure 27 i s  that , after an abort time of 
approximately 57 to 58 hour s ,  an abort delayed to the 
vic inity of pericynthion or beyond will result in the 
same time of landing as direct aborts pr ior to pericyn
thion . Also,  s ince aborts performed following pericynthion 
will always reQuire much le ss  6V than direct aborts pr ior 
to pericynthion, the obvious c ourse ·co follow is to delay 
abort to post-per icynthion after this switc�wver line is 
reached on the translunar c oast Graj ectory . It should be 
pointed out that this switchover line from d irect ab ort 
to delay ab ort to post-pericynthion is a strong function 
of 6. V re QUired for ab ort . The particular swi tchover line 
shown in this figure assumes 90% of the entire SPS 
capability ( 9 , 000 fps )  available for abort . 

Another interesting characterist ic to note from this 
figure is that returns from the vic inity of pericynthion 
are limited t o  approximately 40 to 50 hours return time 
due to the reentry velocity c onstraint . Without this 
c onstraint ,  aborts could be performed post-pericynthion 
with return time s  of approximately 25  to 3 5  hour s ,  assuming 
9 , 000 fps available . 

Figure 28 shows the same type of data far DPS aborts 
from the same translunar c oast trajectory as used for 
figure 27 . Note that although the times of landing 
still demonstrate the 24-hour effect, the time s  are 
much later than those for SPS e.borts .  For example , 
consider an abort performed at 20 hours after translunar 
inject ion targeted to return to Hawaii . Figure 28 
shows that a DPS abort in this s ituation would res ult 
in a time of landing of approximately 120 hours after 
translunar injecti on . However , figure 27 shows that a 
SPS ab ort in this same s ituation would result in a 
landing at Haraii at approximately 48 to 50 hours after 
translunar in,j e ction .  Thus , in this � a� ·. L ::: �_, o.r case ,  
a DPS baclmp ao ort would return three days later than 



length of the lunar orbit insertion burn is approximately 
380 seconds for a typical mission . Of interest here is 
the ab ort capability from preabort trajectories resulting 
from premature o� late SPS burnout during the lunar 
orbit insertion burn. As will be described later, the 
abort procedures are dependent upon the time of SPS 
burnout during this phase . 

Figures 31 and 32 show the different kinds or classe s 
of preabort trajectories which could result from an under
burn or an overburn during lunar orbit insertion and 
the as sociated burnout times at which they would occur . 
For early premature burnout , approximately 0 to 130 

seconds , the resulting trajectories escape the influence 
of the moon and return into the earth ' s  influence .  These 
escape trajectories are either hyperbolic or extremely 
elliptical relative to the moon . 

For premature burnouts occuring from ap�roximately 130 
to 145 seconds,  the re sulting preabort trajectories are 
unstable in character . The apogees of this class of 
preabort orb it extend to the vicinity of the lunar 
sphere of influence where the trajectory loses its central 
force field or two-body type of motion due to the large 
perturbations from the earth . These perturbations are 
s o  severe as to sometimes cause the motion to reverse 
from retrograde to pos igrade with respect to the moon, 
as shown in fugure 31 . The periods of these preabort 
traj ectories ,  if such can be defined, are generally 
greater than 100 hours . 

Far premature shutdowns from approximately 145 to 160 
seconds ,  the resulting traj ectories are relatively stable 
ellipses but are pertubed sufficiently by the earth to 
cause impact after one revol ntion . Periods for this 
class of trajectories range from approximately 35 to 100 
hours . 

For burnouts occurring from approximately 16o seconds 
to 10 seconds past the nominal burnout , the resulting 
traj ectories are non- impact stable ellipses with periods 
ranging f:r;om approximately 35 to 2 hours . 

Premature burnouts occurring 10 seconds or more after 
nominal "l··urnout result in impact ellipses after le s s  
than one-half revolution .  This clas s o f  preabort 
1 r ct. ' c · " . .  ' 1 ·;.· is q_uite obviously the most critical frorr. an 
abort standpoint , but also  is the most improbable one 
to occur due to the redundant monitoring devices axa i l 
able to the crev onboarc1 the spacecnu"t . 

Before discuss ing the various abort n:oci e c  and pr ocedure s 
for thses pre abort trajectories , it >vCJ LLLli seen: '..;corth while 
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The last maj or abort mode associated with this phase is 
a two-burn abort procedure for LOI overburns which result 
in preabort ellipses which impact in les s  than one-half 
revolution.  Use of either the SPS or the LM propuls ion 
systems can be cons idered with this mode although use 
of the LM propulsion systems is marginal . Figure 38 
shows that the first burn of this two-burn procedure is 
executed as s oon as possible to clear perilune or pericynthion 
altitude to an acceptable value . The second burn is 
executed on s ame later orbit in the approximate quadrant 
shown �o return the spacecraft to earth . It again 
should be emphas ized that it is very improbable that 
such an overburn could occur due to the redundant monitoring 
capabilities available to the crew during the lunar 
orbit insertion burn. 

Figure 39 shows the effect of delay time on abort V 
required for preabort escape trajectories . Shown plotted 
is the minimum AV required to abort as a function of the 
time of abort measured frcm lunar orbit insertion b urno ut 
Data for two different escape traje ctories are shown--
one ass ociated with a lunar orb it insertion premature burn
au \ after 40 seconds and the other after 80 seconds . 
Note that the A V requirements tend to flatten out after 
the first one or two hours with the later burnout producing 
the steepest initial slope . Although the abort requirements 
for the two trajectories shown are well within the LM 

propulsion system capability, the trend should be obvious 
that later and later premature burnouts will eventually 
cause the LM propulsion system capability to be exceeded 
for direct·· type .ASAP aborts .  

FiGure 40 shows the same type data for a typical preabort 
ellipse having a period of approximately 4 hours . Note 
that, although the initial slope of the abort t. V required/ 
delay time curve is extremely steep, the A V required is 
cyclical with delay time . As shown, this  effect permits 
aborts with the LM propulsion system if the proper time of 
abort is  chosen. This  proper time of abort c orresponds 
to the vic inity of perilune of the preabort ellipse .  

Fit' I JT e  41 displays the ab ort capability us ing the LM 

propuls ion systems throughout a typical lunar orbit 
insertion phase .  Shown plotted is the �V required to 
abort as  a function of the time of premature lunar orbit 
insertion burnout for several delay times . Also shown 
on the plot are ':.w.9 limit lines associated with the LM 

propuls ion system capability . First notice that the 
minimum�V required for an immediate abort ( essentially 
zero delay time ) is always within the capability of the 
LM propuls ion systems throughout the entire lunar ' rl i t  
insertion phase .  Note , however, that for an abort delay 



performed . Thus , precious "thinking " and prepara �1on 
time can be had to obtain a better asses sment of the 
situation before action is taken.  Note from the SlJrnrnary 
chart that this mode using the LM propuls ion sys tems is 
shown available through the first 200 seconds of burn 
time . This assumes that the LM can be  prepared f or an 
ab ort maneuver in approximately one-half hour . For 
longer preparation time s ,  use of the LM in thi s  mode 
would be eliminated at an earlier LOI burn time . 

The next mode of interest is  a two-burn procedure for 

use when the spacecraft is . m  a preabort ellipse vri d c h  

impacts the moon after one revolution . As sholm i n  the 
summary chart, this  mode is available with either the 
SPS or the LM propuls ion systems for a peri od or ar1proximately 
l':i to 20 sec onds near the middle of the llmar ort· it insert ion 
burn . This time per iod, of course , ·corresponds to the 
premature burnout time s vhich would re s ult in �wpact 
ellipses . Figure 36 shows the bas ic featL;re ,, ol th i s  
abort mode . Note that the first burn is  madP in the 

1 · 1 . 1 of apogee to raise perilune to an ac ceptable 

value with the second burn being executed on the bad� 
s ide of the moon in the vicinity of per illme t o  return the 
spacecraft to earth . This mode is cons idered pr:L:r.1� only 
during the latter part of its region of availab i l i ty 1 lue 
to the excessive delay time s as soc iated vith the preaboJ"·t 
ellipses during the earlier port ion .  A very s ignificant 
feature of this abort mode , as shown in the summary 
chart , is  that it overlaps the immediate direct ab ort mode 
even when cons idering us e of the LM propuls ion systems . 

The amount of this  overlap,  h owever , is  dependent upon 
the LM preparation time re quired in the direct abort 
mode . It should be recalled that the LM propuls ion 
system direct ab ort mode shown in the summary char't 
assumes a LM preparation time of one-half hour . Longer 
preparation times 1-rould reduce this degree of overlap and, 
as will be shown later in more detail, c:culd even 
eliminate the overlap between the two modes . 

The next abort mode to be c onsidered cons ists of delaying 
one or more orbits to abort when premature SPS burnout results 
in a stable non-impact ellipse . As shown, this mode 
is available using either the SPS or LM propulsion 
systems throughout the entire latter half of the burn 
phase . The bas ic features of this ab ort mode are shown 
sketched in figure 37 . As shown, the maneuvers are 
alwaFs delayed at least one orbit with execution 
occurring in the vicinity of perilune to  return the 
spacecraft to earth . The longest delay time ',rh i ch 
would ever be enc ountered before the abort mane:rrer could 
be executed is appr oxim3.te ly one and a half d�c.-.r : :  c .)lTe sponding 
to  the mazimum peri od c.r'� the possible non-imrac·' . c I J ipses . 
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to describe the t1w basic  w·ays of returning from the 
moon and why one can be ruled out . Figure 33 shows the 
hro bas ic 1-rays of returning in a simplified "patched 
conic " model . As shown, after exiting the moon ' s  sphere 
of influence , the spacecraft will e ither pas s through 
apogee along the earth phase conic or it will not pass  
through apogee .  In order t o  return post-apogee,  the 
spacecraft must exit the moon ' s  sphere of influence in 
the quadrant sh own such that the exit veloc ity with respect 
to the moon will combine with the velocity of the moon 
1-ri th respect to the earth to result in the required 
velocity of the vehicle with re spect to the earth . 
Similarly, if the spacecraft is to  return pre -apogee 
in the earth phase conic , the exit point must be on 
the far s ide of the moon in order that the velocity of 
the spacecraft relative to the moon can comb ine with 
the veloc ity of the moon relative to the earth to result 
in the required spacecraft veloc ity relative to the 
earth . This latter clas s of return trajector ies which 
pas s through apogee along its earth phase  conic can 
be r . :�ed out from consideration due to prohib itive 
return time and very difficult targeting requirements . 

The propuls i on systems available for abort during the 
lunar orb it insertion phase  are shown in table III 
along with the ir respective �V capab ilities . Note 
that there are bas ically two independent propuls ion 
systems available during this phase- -the SPS system 
and the 1M propulsion systems . The � V capab iliti.es 
vary through the phase due to the change in mas s brought 
about by SPS fuel expenditure . 

Figure 34 summarizes the abort modes for the lunar orbit 
insertion phase .  As shown, redundant abort capability 
exists continuously throughout the entire phase,  if the 
proper ab ort modes are chosen . 

The first abort mode listed is  an immediate ( as soon as 
pos s ible ) direct ab ort, as shown sketched in f:i gure 35 . 
This mode is available with either the SPS, the 1M 
pr opuls ion systems , or for a very small region, the Service 
Module RCS System. This mode c ons ists of a s ingle burn 
performed as soon as preparation is completed which returns 
the spacecraft directly to earth . As shown in the summary 
chart, this mode is available throughout the entire 
phase when the SPS is available and is shown as prime for 
appr oximately the first 150 seconds of lunar orb it 
insertion burn . This mode is not pr:i me ,  though available , 
for the latter portion of the lunar orb it insertion burn 
due to the fact that the preabort traj ectories are 
elliptical with • ,  1 i 1 l : ·  short enough to reas onably allmr 
one complete revolution before the ab ort maneuver is 
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time of one-half hour, direct aborts cannot be cons idered 
using the LM propulsion systems for premature burnout 
after approximately 190 sec onds . The cutoff for delays 
of one hour and two hours occurs at approximately 160 
and 135 seconds ,  respectively . However, as shown, 
LM DPS aborts using the delay-one-orbit mode for burnouts 
in the vicinity of 140 to 150 seconds result in extremely 
long delay times before the abort mane uve r to return 
the spacecraft to earth can be executed . These delay 
times are on the order of appr oximately 100 hours . Thus, 
in order to eliminate the possibility of being forced to 
these extremely long delay time�,  the LM preparation 
time should be  minimized to produce as large an overlap 
as pos sible between the direct abort mode and the delay
one- orbit abort mode . Under investigation now is the 
possibility of checking out at least s ome of the LM 
systems prior to lunar orbit insertions to expedite 
abort preparation time . other studies now being performed 
in an attempt to alleviate this problem are : 

a .  Evaluation of a two-burn abort procedure where 
the first burn would shorten the per iod of the 
preab ort ellipse with the sec ond burn being 
executed in the vicinity of perilune to return 
the spacecraft to earth . 

b .  Evaluation of the use of the Service Module 
RCS to c ontinue the lunar orbit insertion 
burn in the event of a SPS premature burnout 
as long as pos s ible in order t o  shorten the 
period of the preab ort ellipse . 

Figure 42 presents abort performance data for returns 
to primary recovery sites from a preab ort ellipse about 
the moon, having a period of approximately 19 hours . 
Shown plotted is the time of landing as measured from 
lunar orbit insertion burnout as a function of the time 
of abort measured from lunar orbit insertion burnout . 
Again, as for translunar coast,  three rec overy site s are 
cons idered--Indian Ocean, Hawaii, and Bermuda . Note 
the the 24-hour effect appears here as it did in the 
translunar c oast phase ; and also note that the times of 
landing are cyclical (repeatable after one orbit ) . 

Summarizing, then, for the lunar orbit insertion phase 
it can be seen that : 

( a . ) Redundant abort capab ility exists throughout 
the entire lunar orbit insertion phase i f  the 
proper ab ort mode is chosen.  

(b . ) The only cr itical regions are : 

1 .  Premature burnouts in the vicinity of 
150 seconds where the delay- one-orbit 
mode vrould result in extremely delay 
times before an abort maneuver could be executed. 
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2 .  Overburns which would re sult in impact 
ellipse in less than one-half revolution .  

However, different technique s  are being studied to 
eliminate the possib ility of the long delay t imes 
associated with critical region "a" and critical region 
"b" is very improbable due to crew moni taring techniques . 

7 . 0 i!..RORTS DURING LUNAR ORBIT COAST PHASE 

This phase of the lunar landing mission cons ists of the 
spacecraft coast in lunar orb it from lunar orbit insertion 
to initiation of transearth inj ection .  As would be 
expected, the abort procedures are very s imilar to the 
normal transearth inj ection procedures . 

The propulsion systems available for aborts during the 
lunar orbit coast phase are shown in table rv with 
their .6.V capab ilities . Again, two independent systems 
are available--the SPS and the LM propulsion systems . 

Figure 43 summarizes the abort modes for tre lunar orbit 
coast phase .  As shown, continuous abort capability exists 
using the SPS , but redundant abort capability exists only 
far the early portion of the phase prior to initiation 
of LM descent . The abort mode for this  mission phase 
cons ists of a s ingle abort burn on the far side of the 
moon to return the spacecraft to reentry in a manner 
s imilar to that of earth inj ection, as shown in figure 44 . 

' Figure 45 shows the affect of delay time on abort .6,V 
required for aborts for the lunar orbit coast phase .  
Plotted is the minimum.6.V required for ab ort as a function 
of the time of abort and the longitude of abort for a 
typical landing mission. Although the slopes are steep, 
the �V requirements are cyclical in phase with the period 
of the orb it . Note also that the minim,m.6.V required 
occurs at a longitude just prior to 180 ° . 

Summariz ing the abort capability from the lunar orbit 
coast phase , then, one can see that c ontinuous abort 
capab ility exists throughout the entire phase only if 
the SPS is available . 

8 . 0  ABORTS DURING TRANSEARTH INJECTION PHASE 

This phase cons ists of the SP� burn which injects the 
spacecraft from lunar orbit onto a return traj ectory to 
earth . The length of this phase for a typical lunar 
landing mission is approximately 120 seconds . The 
ab orts of interest are those performed from trajectories 

353 



resulting from premature SPS burnout during this phase . 
As would be expected, the abort procedures are very 
similar to those used for the lunar orb it insertion 
phase . 

Figures 46 and 47 show the different classes of preabort 
traj ectories and their respective times of occurrence 
for the transearth injection phase . As shown, the same 
classes of trajectories exist as for the lunar orbit 
insertion phase with the exception of the overburn 
impact ellipse class .  

Table V shows the only propulsion system available for 
the transearth injection phase with its� V capability. 
As for the lunar orbit insertion phase, the6V capability 
varies due to the change in mass through the TEI burn . 

Fj�e 48 summarizes the abort modes for the transearth 
injection phase . Note that continuous abort capability 
exists if the SPS can be restarted . As shown, the modes 
are very s imilar to those planned for lunar orbit insertion. 
The delay- one-orbit mode is prime during the earlier portion 
of the transearth injection burn to allow additional 
delay time for a better assessment of the situation .  
However, as shown, this abort mode is  not considered pr:tme 
after approximately 70 seconds due to the exessively long 
delay times required before the abort maneuver c ould be 
initiated . 

Likewise, the two-burn, delay-one-orbit procedure is 
not considered prime,  even though it is available for a small 
region, due to the long delay times re quired before 
the abort could be initiated . There is more reason to 
avoid these long delay time regions during this phase 
than for the lunar orbit insertion phase, due to the 
lifetime of the spacecraft ' s  systems becoming more critical 
as the length of the of the mission increases . 

The immediate direct abort is available throughout the 
entire phase and is cons idered prime during approximately 
the last half of the phase to avoid excessive delay times 
associated with the delay-one-orbit modes . 

Figure 49 shows the SPS abort capability during a typical 
transearth injection phase .  Shown plotted is the minimum 
�V required for abort as a function of the time of premature 
transearth injection burnout . Shown plotted are the �V 
requirements for an immediate abort, an abort delayed one 
hour, and an abort delayed two hours . Also shown are 
the abort requirements for a delay- one-orb it abort which 
happened to be identical to the immediate abort�V require
ne nts for that portion of the mis sion phase .  Shown as a 



limit line is the curve representing SPS capab il ity for 
this particular mi s s ion . It should be recogni zed that 
this limit line i s  mis s i on dependent as the amount of 
SPJ fuel res erve will vary from mi s s i on to mi s s ion .  As 
shown, ab orts delayed two hour s or longer will completely 
eliminate the overlap between the direct ab ort mode and 
the delay- one - orb it to ab ort mode . 

Summari z ing the ab ort capab ilities for the trans earth 
inj ection phase , then: 

a .  Continuous ab ort capab ility exists only i f  the 
SPS can be re started . 

b .  The only critical region exists for premature 
burnout in the vicinity of 80 seconds where 
allowable delay time before the SPS must be 
restarted is on the order of two hour s . Premature 
burnout before or after this critical region allows 
delay times greater then two hours before restart 
is re quired . 

9 .0 ABORTS DURING TRANSEAR'IH COAST PHASE 

This mis s ion phase c onsists of the coast traj ectory from 
transearth inject ion to reentry . The nominal transearth 
c oast re sults in landing at prime rec overy s ite . An 
ab ort c ould (1) speed up the return to the same site 
or t o  an alternate s ite or (2)  change the landing s ite 
to avoid bad weather . 

Since the transearth c oast is already returning to a 
prime rec overy s ite, however, the probability of ever 
ab orting during this phase is small . 

Table VI lists the propulsion system available and 
capable for ab ort during this mis s i on phase and its AV capab ility . Note that the only system available 
is the SPS with a typical�V capab ility of 1, 500 fps . 
This�V capab ility is , of course , very mi s s ion dependent 
but will usually be of this order of magnitude , at least 
for the earlier mis s i ons . 

Figure 50 is a summary of the abort mode s for the 
transearth coast phase .  Note that only one mode is 
available , that being a s ingle SPS burn returning 
the spacecraft directly to reentry, as shown sketched in 
figure 51 .  The mode is availab le continuously thr ough
out the entire phase , although it is obvious that the 
closer to re entry, the le s s  likely an ab ort would be 
executed . 
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Figure 52 pre s e nt s  act ual abort per formance dat a for 
aborts to pr imary recovery s it e s  for a typical � rans e arth 
coast traj e ctory . Shown plotted i s  the t ime li t' l anding 
as measur ed from trans e arth inj e c t ion as a :" 1 mc ;� i on of t he 
t ime of abort me as ured from transearth in,j ,=; c t ion . D at a  
i s  s hown f o r  three primary re covery s i te s - - Indian Oc e an , 
Hawai i ,  and Bermuda . As s hown , the nominal tra::1 s e arth 
t r aj e ctory is targeted to  return t o  Hawai i a+: t he t ime 
of landi ng of )10 ho ur s as me asured from t l':m::: eart h inj e c 
tion . Aborts wi t h  a t i me o f  landing 2 4  hours  e ar l ier to 
Hawai i c an be per formed duri ng the fir s t  1 0  hour s of tran s 
e arth coas t . N, ,te also that t he fas ter re L1rns are avai l 
able t o  alt ernat e landing s it e s  dur ing the fir s t  4 5  hour s 
o f  trans e arth coas t . Al s o  shown i s  the availabi l ity o f  
ret urns t o  a n  alternate ( Indian Ocean ) s i t e  w i t ':!  a later 
t ime o f  landing up t hro ugh approximat ely t he fir s t  55 hour s  
o f  trans e arth coast . The s e  dat a ,  t hen , show con:-· iderable 
fle xibi l ity or abort c apab i lity to speed up the r e t urn and/ or 
to c hange t he po int of landing . It i s  al so of int ere st  t hat 
returns to pr imary recovery s it e s  still d i splay t he 2 4 - hour 
e ffe c t , as i n  t he prev i o us phas e s .  

1 0 . 0 CONCLUS IONS 

A. Cont i nuous abort c apab i l ity exi s t s  for all m i s s ion phas e s  
under t he following condit ions : 

l .  For t he lunar orbit insertion and tran s e ar t h  

i nj e ct io n  phas e s ,  t he selection o f  the proper 
abort mode as a funct i on of t he t ime of pre 
mature b urnout i s  a r e quirement . 

2 . Following t he i ni t i ation o f  1M de s cent i n  lunar 
orbi t , t he SPS mus t  be ope r able to provide abort 
c apab i lity . 

B .  Cont i nuous redundant abort capab i l ity exi s t s  for all 
mi s s io n  phase s  prior to t he init i at ion of 1M de s c ent 
with t he e xception of the launch phas e . 
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Questions and Answers 

EARTH RETURN ABORT CAPABILITIES 

Speaker:  Ronald L .  Berry 

1 .  Dr .  Rees - Why not use the APS for a backup propulsion 
system? 

ANSWER - Since the ascent engine is not gimballed,  the 
pos sible e . g .  offset e ffects cannot be controlled . 

2 . What is the RCS engine burn time limitation? 

ANSWER - Specifications limit is  1000 seconds . 

3 .  Dr . Mueller - Have methods to restart the SPS engine in 
the event of an early shutdown during transearth injecti on 
burn been investigated? 

ANSWER - If the problem i s  a guidance or control problem, 
the engine can be restarted and controlled manually . If  
the problem is  with the SPS engine itself, nothing can  be 
done . This is one of the accepted risks in the program. 

4 .  Dr . Haeussermann - Have we looked into using a DPS-SPS 
comb ination ? 

ANSWER - No . The main reason for using the DPS as backup 
is  because of an SPS failure . 

5 .  Mr .  Richter - Can ' t  we use ADS some of the t ime - i sn ' t  
it  load dependent ? 

ANSWER - The control authority i s  marginal in most cases 
for the APD since the APS engine is  not gimballed . 

6 .  Mr .  Richter - Can we use two SPS burns for fast earth 
return transfer? 

ANSWER - This is being looked int o .  This may not be a 
desirable way to  achieve a gain in return time , since it 
could be dangerous . If the SPS did not fire the second 
time , you might exceed acceptable entry velocity or 
conditions . 
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7 .  Mr .  Green - When the DPS i s  us ed for backup propul s i on ,  
do w e  j e t t i s on the SPS propellant s ?  

ANSWER - There i s  no capab ility t o  j e t ti s on SPS propellarts . 

8 .  Dr . Mueller - Have the proce d ure s ,  et c . , ha ve been worked 
out for all of the abort pos s ib i li t i e s ? 

ANSWER - No . 

9 . Dr .  Von Braun - Why the di ffe rence in the tra n s lunar and 
t rans earth t ransit t ime s ?  

ANSWER - The trans lunar phase uses a free return traj ect ory 
whi ch limi ts the t rans fer t ime to a narrow band . The t rans
earth t ime i s  primarily l imi ted by the e nergy available and 
the amount of c on s umables rema i ni ng . 
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SOFTWARE COMPATIBILITY WITH LUNAR MISSION OBJECTIVES 

The t e rm s oftware implies t he programs e s sent ia l  to t he onboard 
and ground c omputers ne c e s sa ry for guidance and navigation j  
i t  a l s o  take s  int o  acc ount t he input and output interface s ,  
s uch a s  the mode o f  ent ry int o t he computer and t he output s  
driving the displays . 

The points t o  be di s cus s ed in this paper are o ut lined below .  

SOFTWARE CONSIDERATIONS ( Figure 1 )  
The ma i n  c onsidera t i on i s  t o  provide s oftware adequacy in all 
mi s s ion phase s  t o  insure crew s a fety . The next cons ideration 
i s  t o  select programs which signifi cant ly enhance the proba
b i lity of mi s s i on succe s s .  

In genera l ,  onb oard adequacy insures c rew safety ,  and in 
parti cular , attention i s  paid t o  an onboard independent capa
bility to ret urn . 

Programs have been selected whi c h  s i gni fi cant ly c ontrib ute 
to the probab ility of mis sion succe s s . Two obvi o us example s 
a re t he programs whi c h  a ll ow the spac e c ra ft G&N system t o  
provide an e s s ent ial c ontrib ution t o  the capabi li ty t o  per
form the t ranslunar inj ection in the event of a Saturn 
inertial plat form failure and another example i s  the program 
formulation t o  accept ground update s . 

It i s  found i n  s ome cases that ground capability i s  e s s ential . 

All t he time t he ground capability i s  c ont rib ut i ng to mi ssion 
s uc ce s s  with it s active a nd monitori ng guidance and navigat i on 
capab ility, t ogethe r  with the ne ces sary provision of peripheral 
data . 

Comb ined ground and onboard s ol utions f urthe r advance c rew 
safety, provide an additiona l  mea s ure of optimi zation s uch 
a s  t o  produce t he maximum probability of mi s s i on s uc ce s s . 

The greatest fac t or c ontribut i ng to our pres ent day s ta t us of 
s oftware capability can be attributed to the dec i sion made in 
the initial stages of framing the G&N c apability for Apollo . 
Thi s  dec i s i on was t hat of adopt ing the s imple and reliable 
MIT targeting s c heme s . The princ iple s of t hese schemes are 
being used, in many instances ,  b oth onboard and on the ground . 
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ADE QUACY OF ONBOARD SOFI'WARE CAPABILITY ( Figure 2 )  
The ma i n  feat ure s of the s oftware which c ontrib u_te t o  c rew 
safe ty include the following: 

l .  An acceptable degree of independent c apab i l ity to ret urn . 

2 . The c apabi l i ty to a c c ept ground updo. t e s  e i t he r  by the up
digital link i n  the case of the Conunand Mod ule Compute r 
( CMC ) , or by voice a s  i n  t he case of the Lunar !-1odule 
Guidance Comp uter ( IDC ) where the entry to the c omputer 
is made t hr o ugh c rewman us e of the Di splay Keyboard ( DSKY ) . 

3 . Compatib ility of s oftware i n  t he Prime Guida nce and Naviga 
t ion Control System ( PGNCS ) and t he Ab ort Guido.nce Syst em 
(AGS ) and an obv i o us example of this i s  t he e quivalent 
target i ng for the powered a sc e nt . 

4 .  The exi stence o f  a double check on t he re l9. t i  ve s tate 
between t he Command Service Module ( CSivi ) s n d  t h e  Luna r 
Module (I.M)  whi ch i s  de rived from the Id r c n de :wo us rada r  
ob s e rvat ions o f  the CSM and the CSM sextant ob s e rvat i on s 
of the LM .  

5 .  The LM can direct the CSM t o  do a concentric flight plan 
rende zvous , which i s  the pre ferred mode of rende zvous in 
non - t ime - c ri t i cal s i t uati ons . Bri e fly , thi s i s  a chieved 
by the entry of the CSM s tate into t he LGC , whe reb y t he 
LGC wi l l  s olve t he c oncentric rende zvous s ol ut i on for 
the CSM. FolloHing thi s ,  t he neces sary i n forma t i on can 
be transmitted by vo i ce to the CSM and the n e c e s sary 
targe t ing parame t e rf, � ue e ntered int o the C 2l'l .::; :_T::Y b y  
the crewman . 

6 .  The s oftware l ogi c fac i l ita t e s  mea n i ngful cr�w c he c ks and 
t hi s  is ' I C hi eved t :,- t he way the pr ugrar.1s '" r;- l'•" :r_e d  s uch 
that dat a  may t:JC'; i Lput in a form S 'J_c h  t ha t  U : re'dJnan tas 
a n  unde r s t a ndi n c;  'dhn t he is doi nc ., .,d ,  : r  -:J d ll t i on ,  the 
c omput e r  d 2·i ver: d i ::.plays are a l s o  :i c  :ne r. n i �[I\1.� f:Jrw t o  
t :le cre\·n�c:or: . A n  ·�·nn:lpl e  o f  thi s i s  ';! he n. c h- : re\Ma n i s  
a l l owed t o  i npu� d� t a  re ferred t o  t he l l � 8 L h�ri z on t a ]  and 
the t ra j e c t ory p L w ·:: and , in ad :ii t i on ,  di spJ uy s � ":n b e  

r e fe rre d t o  the s c_{me re fere nce . 

The obvi ous exsmplcs uf programs select: .  , ,1 t u  p rc!])l' tc Tii s s i cn 
s uc c e s s  a re : 
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1 .  The steering processors which constitute the main com
ponents of the " thrust programs . "  

2 .  The programs which allow the translunar injection to  be 
accomplished in the event of a Saturn inertial platform 
failure . At a minimum, this capability will exist if  the 
takeover decision is  made prior to the burn . 

3 . The capability to  accept alternative or modified targeting 
from the ground will facilitate the opportunity to use 
ground optimized solutions . 

A summary of what makes the se capabilities pos sible appears in 
the next section . 

BASIC ONBOARD G&N SOFI'WARE CAPABILITY ( Figure 3 ) 

The main factor in the capability of a manned vehicle to 
achieve its destination is the crew G&N management . This  
management is  poss ible through the monitoring of  computer 
driven displays . A familiar pattern of G&N management questions 
may still be recognized . In their basic form they are : 

l .  Where are we ? 

2 .  Where will we be? 

3 .  What change of course is  needed? 

4 .  I s  the prime G&N system controlling the propulsion correctly?  

The corresponding respective activities are commonly recogni zed 
as : 

l .  Navigation 

2 .  Dead reckoning 

3 .  Change of course determination 

4 .  Maneuver control 

In current software terms , these same activities are respectively 
recognized a s :  

1 .  Trajectory determination processors 
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2 .  Trajectory prediction processors 

3 .  Pre-thrust programs 

4 .  Thrust programs 

The function of the " tra jectory determinati on proces sors" is 
to  accept observations such as  the range and rrmge rate of 
the rendezvous radar, and to  formulate a smoothed s o:l uti on 
wherein the current pos i t ion and velocity is  determined . This 
i s  es sentially achieved by the equivalent of fitting a tra
jectory in  a least s quares manner such as to minimi ze the 
residuals . 

The function of the " tra jectory prediction processors" i s  
to  accept a state vector from the trajectory deterrnination 
process and with the ephemeris information available as an 
input . The trajectory prediction processors will produce 
the best estimate of position and velocity at any future 
required time , provided that free coast conditions exist . 
The ephemeris data includes oblateness  terms and the posi
tion and magnitude of other perturbing gravitational 
sources ,  s uch as the moon if we are in a near earth phase . 

The main function of the "pre-thrust programs" is to deter
mine the targeting parameters for the "thrust programs . "  

The function of the "thrust programs , "  the main components 
of which  are the steering equations , is of course to  
achieve desired cutoff conditions corresponding to a required 
trajectory condition . 

Some amplification of this discussion occurs in the next 
section . 

AMPLIFICATION OF THE BASIC PROGRAMS ( Figure 4 )  
The main component of the " trajectory determination processors" 
is the " Kalman filter . "  The Kalman filter is essentially an 
efficient way of writing least squares fit equations . It is 
particularly adaptable to the processing of one observation 
at a time . In contrast , on the ground, data is  processed in  
batches . This is  for the convenience of manual editing and 
the detection and exclusion of a bad data source . In the 
case of the ground, the Bayes least squares method has been 
adopted .  



The " t ra j e c t ory pred i c t ion proce s s or s "  have a s  their ma i n  
component the Encke method . The s t ratagem t ha t  this method 
us e s  i s  to use t he e qua t i ons of mot i on in incremental form . 
The inc remental form i s  achi eved by subtrac t i ng the ba s i c  
two body e qua t i on ,  i . e . ,  t he point ma s s  - part i c le s olut i on ,  
away from the total e quat i on o f  mot ion . Because the e qua t i ons 
of mot ion have been reduced to incremental form in thi s manner, 
the integration routine can take larger steps for the s ame 
a c c uracy that would be a c c ompl i shed by an i ntegra t i on of total 
quant i t i e s . Prolonged ,  exten s i ve t e s t s  were carried out at 
Ma nned Spa ce craft Center to veri fy t hi s  a s s erti on . 

The fun c t ion of the " pre - t hrust programs " i s  three fold : ( l ) 
to determi ne the target i ng and put i t  in a form whi ch the 
" t hrus t programs " will a c c ept ; ( 2 )  t o  determine the initial 
thrust c ommand a t t i t ude ; and ( 3 )  t o  det e rmine the preferred 
plat form al ignment . 

The func t i on of the " thrus t programs " i s  t o  provide state 
input , i . e . , pos ition and ve loc i ty da t a ,  to t he s teering 
laws whi c h  in t urn wi ll determine what the appropriate c ommand 
qua nt i t ie s  a re . In general , the c ommand quant i t ies will 
det e rmine t he a t t i t ude and dura t i on of the thrust . The ste er
ing laws normally strive to null out t he d i s c repancy between 
command and re sponse . The c ommone s t  form of stee ring used by 
the onb oard programs is "X product s teering . " This is an old 
MIT s teering law in whi c h  the vel o c i ty to be ga i ne d  is 
impl i c i t ly c ons t rained to be inertial d uri ng a c ontinuing 
t hrus t ing proc e s s ,  while the s calar value of it is shrunk 
to ac ceptable limi t s , approximately zero . "E guidance" i s  
used for 1M de s c ent and a s c ent whe re addi t i onal � ontrol 
characteri s t i c s  are requi red to fit the event pe c ul iar t o  
these spe c ial mane uvers . Another form o f  thrust whi ch will 
be formed is whe re t he thrust l i ne i s  c ontrolled i n  dire c t i on 
re lative to " l ocal vert i c a l  c oordinates . "  

TARGETING 

A s  was mentioned in the se c t i on on Software Considerat i ons , 
the grea t e s t  factor c ontributing t o  our present day stat us 
of s oftware capab i l i ty can be attrib uted to the de c i s i on 
made i n  t he i nitial stages of framing t he G&N capab i lity for 
Apollo . Thi s dec i s i on wa s that of adopting the s imple and 
reliable MIT targe t i ng s c heme s . 

In order that an ins i ght into t he potent ial of adopt ing the s e  
principles o f  targe t ing, together w i t h  a real i za t i on o f  the 
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flexibility that exists for the current stage of prc gram formu
lation,  all the major types of targeting are discussed,  at 
least conceptually .  It should not be as sumed at this time , 
in terms of specifics , that all of these targeting forms will 
be employed on the lunar landing mission . However,  minor 
modifications of the stratagems used will be employed for 
the lunar landing mi ssion,  both for onboard and ground G&N 
systems . 

TARGETING - TYPE 1 - Translunar Injection ( Figure 5 )  

The es sential ingredients of  this type of targeting are :  ( l )  
utili zati on of current � ( 2 )  specification of target vector ; 
and ( 3 ) specification of energy . A sens itive parameter in 
the control of lunar trajectories is energy . Therefore , it is 
not surprising that this form of targeting was sele cted for 
" translunar inj ection . " 

Corresponding to the optimized lunar trajectory flight plan, 
there is  a corresponding two body solution generated by the 
same r and v vector at the instance of translunar injection .  
The equivalent two body solution assuming a point mass  gravity 
field only i s  commonly called the os culating conic , in this 
case an ellipse . The steering law is  framed such that it is  
only cognizant of the two body s ituation . An rt is  selected 
on the osculating ellipse , a specified energy is stipulated 
for the ellipse , and this is achieved by specifying the semi 
major axis a .  Thi s ,  together with the current b urn r 
instantaneously specifies the two body trajectory . Thi s  is  
done in a continuum of instances during a continuous burn 
wherein the velocity required and its derivative with time 
is  continuously known such that cros s product steering may 
be applied . The target rt on the osculating ellipse is 
sometimes known as the phantom target . The additional per
turbation gravity effects will cause the spacecraft to drift 
on to the actual  trajectory which  will go around the moon . 

TARGETING - TYPE l - Lunar Orbit Insertion and Repeat for 
Plane Change (Figure 6 )  
In this instance the orbit is being controlled around the 
moon and the period of it is  a parameter to control, but 
this i s  equivalent to saying the energy must be controlled, 
i . e . ,  the semi maj or axis a will be specified . As will be 
guessed by the fact that we are classifying this  scheme 
again as  Targeting - Type l ,  a target vector rt must be 



spe c i fied . However, the latter i s  done in a special way i n  
order t o  ins ure c i rcular condi tions . The s calar value , l rT f , 
of the ve ctor r� is spec i fied t o  be t he same l ength a s  the 
c urrent b urn l r t  and the semi maj or axis a i s  continuous ly 
commanded to be t he same value as 1 rTI which in t urn is the 
value of the current b urn I rl . 

TARGETING - TYPE 2 - First Midcourse Corre ction and Ini t ia t i on 
of Ci rcumlunar Abort ( Figure 7 )  

The pri nc iples used in t hi s  type of targeting are as follows : 

l .  Us e an a c c urate traj e c t ory predi ct or t o  determine what 
the s tate ve ctor wil l  be corresponding to some part i c ular 
event in t he future . The part i c ular event could be 
spec i fied by t ime or when pericynthion occ urs , for example . 

2 .  A two body c onic tra j e c t ory s ol ut i on i s  found whi ch will 
sat i s fy the c urrent s tate pos ition vector and the fut ure 
state . Then another b ody c onic t raj ec tory s ol ution i s  
found t o  sat i s fy the c urrent s tate posit ion ve ctor and 
t he future s ta te . 

3 . The vel oc i ty vec torial di fference between t he two two 
body c onic s ol ut i ons i s  noted . 

4 . The velocity vectorial di fference of the c onics i s  assumed 
t o  b e  the prec ise velocity to be gained vector . It would 
be if the c onic solut i ons were pe rfect s imulations of 
t ra j e ctories going from the current state pos iti?n t o  the 
fut ure states and i ndeed because the di fferential of the 
c onic s i s  taken ,  the inaccuracy due to usi ng imperfe c t  
s imulati ons i s  almost c ompletely nulled . 

5 . The vector veloci ty differential of the coni c s  i s  added 
vectorially to t he prec i s e  current state as determined 
by the " traj e c t ory det ermination proces s "  and t he re s ultant 
is accepted a s  the precise vec t orial velocity requi red .  

Thi s i s  the b a s i s  of t he determina t i on of Targe ting - T,ype 2 .  

I t  i s  appropriate now t o  consider how t hese pri nc iple s are 
applied t o  t he " first midcourse c orre c t i on . "  The origi nal 
pre fli ght optimi zed fli ght plan has on it a point where the 
translunar traj ectory pierces the sphere of infl uence and 
the t ime ( T2 ) of t he event is known . Let it be s upposed 
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t hat the orb i t  det e rmi nat i on proc e s s  indi c at e s  a dispersed 
s t a t e  s ub s e quent t o  t rans l unar i n j e c t i on a nd t ranspo s i t i on 
and docking . At t ime T1 it i s  de cided to apply t he first 
midc ourse c orre c t i o n .  The de s ired future s t a t e  p o s i t i on a t  
t ime Tz , as h a s  already been me nt i oned , i s  kn own . The t ra 
j e c t ory de t e rmi nat i on pro c e s s ors are use d t o  f i n d  out whe re 
the spa c e c raft w i ll a c t ually be by c ont inuing free c o a s t  
unt i l  t ime T2 . Now by re fe rring t o  Figure 7 ,  it w i l l  be 
s e e n  how t he above de s c ribed princ ipl e s  of Type ;� c an now 
b e  applied t o  t he c i rc umstances at hand . 

The first midc our s e  c orre c t i on capab i l ity may a l s o  be used 
for t he " i nitiation of c i rc uml unar ab ort . "  

TARGETING - TYPE 2 - Sec ond and Third Mi dc our s e  Corre c t i o n s  
and Circ umlunar Ab ort ( Figure 8 

It i s  now c onve ni e nt to examine t he c i r c ums tances for the 
s e c ond and t hi rd midcour se c orre c t i on s . They �ue a s s umed 
to oc cur within t he l unar sphere of i nfluence 0nd, he nce , 
i t  i s  a dvisab le t o  reference pos i t i on and veloc ity to a 
l una r set of c oordina t e s . I t  may b e  a s s umed t hat t he 
st ratagems used for the s e c ond midc ourse c o rre c t i o n  v.'ill 
b e  used for t he t hird mi dcour s e  c orre c t i on . Let j t  be 
s upposed that the t ra j e c t ory pos i t i on proce s s ors have 
determi ned t hat our current state w ithin the spt.e rc o f  
i nfluence will propa ga te t o  an unac ceptab le di spe r s i on 
prior to lunar orb i t  i n s e rt i on . More pre c i s e ly ,  t he 
a c t i vity w o uld be a s  follows : 

1 .  The tra j e c t ory determi nat i on proce s s or predi c t s  preci s e ly 
ahead to find out where t he "propaga ted peri cynthi on" 
w i ll be . For s impli f i c a t i o n ,  let it be said that for 
fue l ec onomy rea s on s ,  that the l unar orb i t  i n s ert i on 
must oc c ur at a pe ricynthi on p oi nt and the re fore it i s  
mandat ory t hat t hi s  peri cynthion point mus t be i n  the 
predetermined " de s-i re d  orb i t  plane " -v1hi ch has t' e en 
s e lected to b e  consi ste nt with a n  overall opt imi zat i o n  
of flight plans i n c l uding LM landing and s ut s e q c_:_ent 
rende zvous . Howeve r ,  when the current 1 1propagated 
pericynthi on11 is de t e rmined, i t  i s  noted t ha t  it i s  
not a t  t he required a l t i t ude a nd furthermo re , :Lt i s  not 
in the " de s i red orb i t  plane . 1 1  

2 .  The first a c t i on i s  t o  shri nk t he s c alar va l ue of t he 
" propagat ed peri cynthion" ve c t or . 



3 .  The n ext a c t i on i s  t o  rotate the s hrunken " propa gated 
peri cynthion" ve c t or into the " de s i red orb i t  plane . "  
Thi s i s  done by rotating ab out the c urrent s tate p os i 
t i on ve c t or � holding the angle b etwe en t hi s  ve c t or and 
the "propagated pe ricynthi on" ve c t or c onstant . In t hi s  
'c/O.Y the " de s i red peri cynthion" i s  formed . 

Hence , t he s i t ua t i on in whi c h  Targe t i ng - Type 2 c an be 
applied may be re c ogni zed . The original " propagated peri
cynt hi on" c ons t i t ut e s  the future s tate genera ted by t he 
" predi cted a c t ual" and the newly formed " de s i red peri cynthi on" 
c on s t i t ut e s  the future desired s t at e  and, he nc e , two ,  tw o 
b ody hyperbolic conic s ol ut i ons c an be appl ied t o  find the 
re qu i re d  different ial and thus the principles of Targe t i ng -
Type 2 are being applied . All of the above can be fairly 
eas i ly followed by making reference to Figure 8 .  

The completion of the translunar leg i s  essential t o  a c i r
cumlunar abort capability and the principles of the " se c ond 
and thi rd midcourse corrections"  can also be applied to 
" circumlunar abort . "  

�GETING - TYPE 3 - Transearth Injection ,  Transearth Abort , 
Transearth Midcourse ( Figure 9 ) 

Targeting � T,ype 3 is  the targeting scheme found in the MIT 
"return to earth11 program . A modified form of this program 
will be used by the ground computers for determining maneuvers 
corresponding to the mission phases indicated in the t itle of 
this section . 

Basically, 
the return 
ellipse at 
by another 

the required solution is scanned by approximating 
to earth trajectory with a hyperbola j oined to an 
the sphere of influence .  This i s  then followed 
iteration, this time in a precision mode . 

For convenience , "Targeting - Type 3" can be identified with 
the initial conic iteration mode wherein there is a matching 
of conics at the sphere of influence .  

Conic Iteration 

The main steps of the conic iteration mode are as follows : 

1 .  An initial guess of a suitable juncture point on the 
sphere of influence ( S  of I ) .  T,ypically this is done 
by taking a point 45° center angle from the moon in the 
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c urrent hyperb olic tra j e c t ory plane and a l s o  me et ing the 
c ondi t i on that it is on t he S of I .  Thus , the initial 
sphere o f  infl uence point ( S  of I pai n� i s  ident i fi ed . 

2 .  A parab oli c  t ra j e c t o ry  i s  run from thi s point b a c k  t o  
the eart h  ma int a i ning t he s ame p lane at t he S cf I .  

3 .  In genera l ,  i t  will be found t ha t  t he earth ha s not con
veni ently rotated tje rec overy point into the plane of 
t he parab olic tra j e c t ory . 

4 . A t ra ns i t  t ime i s  now s e le c t e d  c orresponding t •� an entry 
speed at 400, 000 ft earth alt i t ude le s s  than po rab oli c .  

5 .  By s uc c e s s i ve s e le c t i on of t ransit t ime s , a tra n s it t ime 
wi l l  be found when t he re c ove ry point has c o nve niently 
rotated into the plane of the traj e c t ory . Up a nd down
range requireme nt s  for t he re c overy point a re t ake n c are 
of by the freedom of " re e nt ry maneuver r a nge . "  

6 .  Unfortunately ,  the required t otal s ol ut i on has not been 
a chi eved even in c onic form .  Tentat ively t he near earth 
c onic t raj e c t ory has been found ; howeve r ,  it mus t pa s s  a 
s ub s e quent s t ep whi ch i s  found in t he next s tep . 

7 .  At the S o f  I point , the earth dominated t ra j e c t ory will 
have an e nergy appropriate t o  t he potent i a l  and kine t i c  
energy re fe rred t o  the earth c o ordina te sys tem . The 
j oining hyperb o la a t  the S of I point mus t h'JVt:c a c om
pat ible e ne rgy when the c ondi t i ons at the j oin o.re 
re ferenced to the moon c oordinat e  system .  Furt hennore , 
the t e nni na l  veloc i t y  ve c t or of t he hyperb oL1 at the 
S of I po int mus t ,  whe n earth re fe r e n c e d ,  b e  j_ n t he same 
s t ra i ght line a s  the t e nni nal ve l o c ity ve c t o r  or t he 
ellipse a t  the S of I p o int . 

8 .  When the c ondi t i ons of t he previous s tep have c ee n sat i s 
fied a t  t he S o f  I point , then the b a c ktra c k e d  lVPerb o l i c  
s ol ut i on from t h e  S o f  I point i s  expl ored t c  lc '� e rmine 
whether it i nt e rs e c t s  the de s i red " depa rture vr c t or . "  

9 .  I f  the b a c ktra c ked hyperb olic s olut ion does not inte rs e ct 
t he de s ired " depart ure ve c t or" then u s imult ane ous iterat i on 
proceeds , in whi ch the S of I pain '� i s  mat c hed and othe r  
A t ' s  of the earth dominated elipt < c : t l  tra j e c t o ry are 
carried out in a ra t i onal manner tc · 1 chi e ve c o n verge nce on 
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all req_uired condit i ons for the " conic i tera t i on . "  The 
req_uired c ondi t i ons may be summari zed a s : a c orrect 
mat ching of the c onics at the finally select ed S of I 
point ; t he re covery point must have rotated i nt o  the 
plane of t he earth dominated e llipt i cal t raj ect ory at 
the time of entry ;  and t he backt racked hyperb ola mus t 
intersect the de s ired "departure vector . " When this i s  
done the coni c i teration i s  at an e nd ;  however ,  this 
s olution i s  not s uffic i ently ac c ura te , and it is neces sary 
t o  proceed t o  a "pre c i s i on iterat i on . "  

Pre c i s ion Iterat ion 

In thi s mode , a pre c i s i on tra j ectory found by numeri cal i nte
grat i on is determined whi c h  vill go from the des i red "depart ure 
vector "  t o  t he recovery point . The steps to a c c omplish this 
are :  

1 .  A pre c i s i on t ra j ect ory i s  back integrated from the last 
found c onic reentry c ondi t i on and the pierce point at t he 
S of I i s  noted . 

2 .  A pre c i s i on forward i ntegrat i on from the " departure ve ctor" 
i s  done in order to note the c orre sponding pierce point at 
t he S of I .  

3 .  In genera l ,  i t  will b e  noted that there i s  a mi s -match at 
the S of I .  

4 .  A s imultaneous " pre c i s i on iterat ion, " us ing the_ derivatives 
found in t he c onic iterat ion , must now proceed to a chieve 
a ma t c h .  Thi s  i s  a chieved by a ga i n  adj ust ing t h e  S of I 
point and t ransit time , � ,  of the earth dominated tra
j ectory . 

5 . Finally ,  all the ne ces sary end c ondi t i ons indicated in the 
" c oni c iterat i on" de s c ripti on are achi eved for the "precision 
iteration . "  

6 .  When t hi s  has been done , then the ne cessary os culating 
hyperbol ic c onic correspondi ng t o  the established " depart ure 
vec t or" and the determined /::;. V vec tor for it is establi shed 
for target ing purp ose s .  

In detailed specifi c s ,  t he ab ove may not be exactly c orre c t ;  
however, all t he above pri nciples are employed i n  intended 
" return to earth" programs for b ot h  onboard and ground c omputers . 
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DESCENT AND ASCENT TA..RGETING ( Fi g ure 10 ) 

I n  the de s c e nt and :3 s c c nt ta rge t i ng a ddi t i orw l c cm cli t i ons a re 
re quire d  beyond tha t  -v:h:i c h  c ould be a c hie ved -v; Lt lJ ; .J.J 'r c ro s s  
product s t e e ri ng . S o  ca l le d  E s t e e ri ng , a l s u  devel oped a t  
MIT, i s  used t o  a chieve c oncli ti ons requir e rl  dtll' i n E  d e s c ent ar.d 
a s c e nt . Briefly ,  the c ommand thrust ve c t or .i. s u.c �· i '.'•::d from 
ex:pli c i  t expre s s i on s i nvolving the di ffe rent i a l s  ,_ !' c urre nt 
and t a rget c ondit i on s ,  a n d  the g a i ns in the s t e e r i n �  laws a re 
i n f l uenced by thEo t. Tr, 1 The re fe renc ed dir! g :>':Jm i nrli c a t e d  
t he c o ndi t i ons re qui rta' by de s c ent a n d  a s c •.:: n t  -:; i ng .  No 
furt he r  c omme nts '..r i l l  b e  made in this di s c us s hm ,  '" s thi s 
woul d  i n c ur a leve l uf de t a i l  n ot inte nded fc,r l:i 1 � ::; dis c us s i on . 

C ONCENTRIC FLIGHT PLAN ( Figure l l ) 

The t a rg e t i ng for the c oncentric s e quen c e  i s  di s c L s s e d  i n  this 
s e c t i o n . A p rere qui s i t e  o� g e t t i ng exa c t ly n orni rw l  i'li ght 
plan c ondi t i o n s  is that the s ta ndard la unc h  routi_ne i s  
i n i t i a t e d  a t  the c or r e c t  t ime . The c on c e n t r i c  sc 4ue n c e  
ob j e ct i ve s  per s e  a re c. re n o t  ident i c a l  w i th a c hie vement o f  
ab s ol ut e ly n ominal fl ight plan c ondit i ons . F o r  e xample , i t  
i s  not an ob j e c t i ve o f  t h e  c on c entric s e que n c e  t u  a c hi e ve 
pre c i s e ly a 15 mi d i f fe r e nt i a l  alt it ude at tern1il1:\l pha s e  
ini t ia t i cn , whi c h  might well b e  a n  ob j e c t i ve o f  :1 re ferenc e 
n omi nal flight plan . Late l i ftoff and s ub s e que nt d i s pe r s i ons 
w i l l  prohibit ab s o l ut e  a c hi e vement of t he re fere n c e  fli ght 
plan c ondi t i on s . The c oncentric s e quen c e  re t a ins two ma in 
ob j e c t i ve s ,  one is the e s t ab l i shme nt o f  a Constant Di fferential 
He ight coast ( C DH )  pri or to t he Te rmi nal Pha s e  I n i t i a t i o n  
( TPI ) .  The other ob j e c t i ve i s  tha t TPI should oc c ur at a 
part i c ular ti me .  The latter i s  a re quirement a imed at 
a c hieving TPI s uc h  that mi s s i o n  planning p urpos e s  may be 
s a t i s fied, e . g . , the l i ne o f  s i ght relati o n ship with the 
s un d i re c t i on .  The steps t ake n t o  achieve the c o nc e nt r i c  
s e que n c e  obj e ct i ve s R r e  a s  follow s :  

1 .  The first t hing i s  t o  det e rmine t he C on c e nt r:i c Seque n c e  
Initiati on ( CS I ) .  This i s  done on a b a s i s  o:l' in stan
t a ne ous impul s e s  s lmulat i ng the C SI a nd C Dli b urns . 

2 .  The CSI i s  spe c i fi e d  a s  a hori zontal b urn a ncl the next 
steps wi l l  i ndi cate how i t s  s calar va lue is de t e rmi ne d 
in order t o  a c hieve the ob j e c t ive s of the c on c e nt ri c 
s e quenc e .  

3 . An i t e ra t i on i s  i ni t i at e d  by s e l e c t ing a tenta t i ve s c a lar 
va lue of the C S I  ma ne uve r . 
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4 .  The resultant orbit is  examined to determine : the position 
of the apsi s  point ; the transit time ( �t 1 ) to  achieve it ;  
and the differential height of  the apsis point from that 
of  the target vehicle orbit opposite the apsis  point . 

5 . The phase lead of the target vehicle at the time of the 
CDH maneuver, which occurs at the apsis  point ,  is noted . 
In addition,  the phase lead of the phase lead required at 
TPI is  determined s imply on a linear proportional bas i s ,  
i . e . ,  phase lead ¢ = K1 . ( Ah ) ,  where K1 is a known constant . 
Thus the net central angle catch up , i . e . , net phase angle 
catch up , is known . This is a property of the concentric 
flight plan . Furthermore , the catch up rate is  deter
mined on a linear proportional basis , i . e . , � = K2 . ( �h) , 
where Kz i s  a known constant . This is another property 
of the concentric flight plan , which simpli fies the 
iterative solution .  

6 .  Now if  the net 6 ¢ between CDH and TPI i s  divided by ¢ ,  
then the �tz between CDH and TPI is  establi shed since 
�tz = 6 ¢/� . 

7 .  Now it must be determined i f  � t  + � tz  
CSI time ( T0 ) .  

TPI time ( T2 )  -

8 .  If  the above condition i s  found not t o  be the case , then 
the whole process must be repeated and a new exploratory 
scalar value of the CSI maneuver is tried to initiate 
the second iteration . Following this iteration,  a partial 
of � V of CSI with respect to time error at the desired 
time error referred to  the desired TPI time ( T2 ) , can be 
formed and used to converge with the third iteration which 
is initiated now with a calculated � V for CSI . It is 
just possible that even this third iteration has not 
achieved the objectives of the concentric sequence within 
acceptable limits ; however , a highly convergent state 
exists and the ob jectives will surely be achieved with 
the next iteration . 

With the required instantaneous � V established for CSI , the 
target orbit conditions for CSI are established s uch that a 
steering law can be applied to facilitate a finite burn . The 
final apsis point determination establishes the time at which 
the CDH maneuver will occur and in most cases , this will not 
be altered even with tra jectory determination updating sub
sequent to  the CSI maneuver . 
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The s t eps taken t o  e st ab l i s h  the target i ng of t he CDH mane uve r 
are a s  follows : 

l .  The value of r of' the t a rget vehi c le orb i t  oppos i t e  the 
CDR aps i s  point is det e rmined . 

2 .  A requireme n t  of t he C DH ma ne uver cut off i s  t ha t  it will 
have t he s ame val ue of r as determined i n  t rw  pre vi o us s t ep .  

3 .  In addit i on ,  the semi ma j or axi s a of t he resultant orb i t  
following the CDH c ut o ff i s  dete rmined by s ubtra c t i ng 
( ll h  ) from t he s cR l a r  value of r of t he t n rget vehicle 
orb i t  oppo site the C DR aps i s  point . ThE: last two steps 
de sc ribe the nec e s s a ry cutoff c ondi t i ons for the CDH 
ma neuver and t hey w i l l  minimi ze t he vari a t i o n  in di ffer
ent ial he i ght s ub s e quent to the C DH ma n e uve r .  I f  t he 
target veh i c le orb i t  is c i rc ula r ,  it i s  pla i n  t o  see that 
t he re s ul ta nt orb i t  foll owing the CDH maneuver w i l l  be 
c oncent ri c . It is from this property that the c onc entric 
fl ight plan de rive s its name . 

I t  i s  certain that t he re wi l l  have been exe c ut i on errors fol
l ow i ng t he CSI ma neuver and the CDH ma ne uve r ,  and it i s  
de s i rable t ha t  the re s ul t ant dispe r s i on s  are ab s orbed in a 
manner to a c c ompli sh near mi nimum 6 V pe nalty whi l e  a c hi e ving 
rende zvous at approximately, b ut not c onstra ined t o, planned 
t ime . Another property of t he c oncentric fl i ght plan is that 
near opt imum pha se hei ght relat i o ns hips may be achieve d  by 
one s ingle c orrelat i ng parame t e r ,  and t ha t  is the eleva t i on 
of t he l ine of s i ght from the LM t o  the CSM. For example , let 
i t  b e  said that i t  is an eleva t i on angle 26-l/2° . I f  t hi s  
e leva t i on angle i s  adhe red t o  a s  a t ri gger for the TPI mane uver ,  
then all s ub s e quent dispers i ons will e s sent ially b e  ab s orbed . 
The potent i a l  penalty i s  t ha t  TPI t ri gge red in thi s manne r will 
not o c c ur a t  the selected t ime for mi s s i on planning p urpo se s . 
Howeve r, this w i l l  not really be a problem in that the mi s s i on 
planning selected t ime for TPI will have been chos e n  knowing 
tha t  dispers i ons of a kn own magn i t ude mi ght o c c ur a nd due 
allowance w i l l  have been made for it in the select ion of TPI 
t ime . The re fore , although t he occur re n c e  of an eleva t i o n  angle 
26-l/2° may OC C Ur earlier C Orre sponding to a loHer a lt i t ude Of 
C DH ,  the re s hould n ot be any re s ul tant problems . 

The following s t eps are taken t o  achieve TPI : 

1 .  The occurrence o f  an e l eva t i on angle o f  26-l/2° for the 
line of s ight i s  det e rmi ned . 
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2 .  The p os i t i on of the target vehi cle following 140° of central 
angle travel s ub se quent t o  the newly determi ned TPI time 
i s  e stabli shed . An equi valent of this i s  j ust to find the 
pos i t i on of the target vehi c le at a set elapsed time from 
the TPI t ime , s upposedly c orre sponding to 140° travel of 
the target vehicle . 

3 .  A Lambert soluti on for an intercept trajectory from the 
TPI LM ve c t or to the intercept vector is n ow determined . 

• 
4 .  The orbit o f  the Lambert solut i on i s  the bas i s  of the tar-

get ing to whic h  c ro s s  product steering may be applied 
during a finite burn in which the Lambert s oluti on will 
be repetive ly found in order t o  derive the vel oc i ty required . 

The mi dc o urse c o rrection occ urring at a fixed elapsed time 
after TPI wi ll also be derived from the Lambert solut i on . Ma in 
braking may a l s o  be determined by solving Lambert ' s  problem 
providing that a l sightly modified i ntercept point and a s s o
ciated t ime cons i stent with a n  approximately average clos ing 
rat e  whi ch i s  spec ified from mi s s i on planning c onside ra ti ons . 
Subse quent b raking will be carried out us ing t he s ame pri nciples 
until manual takeover occurs . 

Be fore c losing the section on c oncentric flight plan targeting, 
it should be ment ioned that both the CSI and CDH mane uvers are 
constrained t o  burn parallel t o  the CSM orb i t  plane . 

REENTRY TARGETING 

Reentry targe t ing i s  achi e ved by creating a re ference in real 
t ime such t hat s ub s e quent to the re ference gains on the lift 
control may b e  adj usted as funct i ons of differentials between 
the refere nce and a c t ual c onditions . Hence ,  the di scussion 
i s  centere d  on two ma i n  s ubj e ct s ,  " c reation of the reentry 
reference , "  and " real t ime iterative c ontrol . "  

CREATION OF THE REENTRY REFERENCE ( Figure 12 ) 

The reentry di s c us s i on which follows i s  t o  s ome extent c on
cept ua l ;  however, t he des c ript i on o f  the maj or pri nc iple s 
employed i s  s uffic ient t o  give an insight t o  the onb oard c om
p uter l ogic whi ch will be formulated to provide c ontrol 
duri ng reentry from a lunar mis si on .  

The C SM will ente r  lift vec t or up . This i s  because the last 
midc ourse c orre c t i on will be a imed at a c orridor height c on
s i stent with the foll owing two condi tions : 
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1 .  I f  the o n s e t  of g te s t s  i nd i c a t e  a pos s ib i l i ty o f  a 
near s kip c ondi t i on ,  t he n  t he s it ua t i on may b e  s a fe ly 
c orre ct e d  by r o l l i ng the l i ft ve c t or down unt i l  g 
onset i s  s a t i s fa c t o ry .  

2 .  I f  g predi c te d  i s  more than t he pre fe rred limit , say 8 g ,  
t hen i f  the l e ft ve c t or c on tr o l  r e t a i n s  Lte l i ft ve c t or 
upwa rds , then the 8 g w i l l  be exc e e ded , b ut ncj t  t o  a n  
extent whi c h  wi l l  re :1. l ly tro ub l e t he c revrm;=cn c1 nd c e r
t ai n ly t he g re a c he d  w i l l  be w e l l  b e l ow th� t l e ve l  whi ch 
w o uld g i ve c onc e rn re gs rd i ng s t r uc t ur :ct l  i :'ltec:ri ty . 

Hi th thi s phi los ophy , ve rt i c a l  l i ft i s  ma i n bJ. i n e d  unt i l  t he 
t ri gge r for t he " c re a t i o n  of the ree nt ry re fr::r·c rw c "  i s  
a c t i v i t a t e d . Thi G  t r i gg e r  i s  a radi a l  ra v �  u i '  7JO i't/s e c  
( s ee Figure 12 ) ,  "Ylhe re upon " c on s t ant drat; c o n t r <�>l" i s  
i ni t i n t e d ,  i . e . , b y  c on t r o l l i ng the roll a ne; i "c d' the l i ft 
ve c t o r ,  a c ontrol i s  e xe r c i s ed whi c h  s t r i ve s  to ma i n t a i n  
c on s tant d ra g . 

A re entry re fe re n c e  i s  n ow c a lc ulat e d . 'rhi ii l s  pre ferab l e  
t o  u s i ng a prefli ght reentry refe r e nc e , i n  t ha t  l; a s i c  
a s s wnpt i o n s  i n  a ny pre fli ght n omi nal >w uld b e  imJ'u s s ib l e  
t o  ma i nt a i n . The re fe re nce t ra j e c t ory c rec� t ed i n  re a l  t ime 
at tempts t o  t a ke i nt o a c c ount a c t ua l  c o n di t i ur;s b e i ng 
expe rienced s uch a s  t he a c t ua l  he i ght ,  ve l o c i t y , de ns i ty 
re lat i onships . The s te p s  taken t o  f i nd t he re fere nce i n  
rea l  t ime are b r i e fl y ,  c o nc e p t ua l ly de s c ribed b e l  vw- : 

1 .  The c on s tant dra g mode , t ogether w i t h  s i �� · l i p i e d a n d  
l i ne a r i z e d  e q ua t i o n s  of mot i on re ferred t o  t he t ra j e c 
t OT'J plane , a l l ow· a pred i c t i o n  uf the s t a t e  c undi t i on s 
whe n  t he f l i ght -path angle is z e r o ,  i . e .  , �" t t he 
b ot r, om of t he p ul l  up . He nce R 1  i s  knovm . 

2 .  W i t h  a n  e ffe c t i ve L/D = . 2  from t he b ot t om c, f t he p u l l  
up , t he s t a te c undi t i o n s when the a c c e lc r: t i on fa l l s 
to 6 ft /s e c 2 

may be p redi c t e d . Hhen the ' l C C e l e ra t i o n ,  
a nd t o  s ome the prefe rred t e rm may b e  de c t:' l e r ,, t i on ,  

ha s fa l l e n  t o  6 ft /s e c 2
, than a s p a c e  c cndi t i on t ra j e c 

t orJ i s  a s s umed . How e ver , at thi s point � e t  us note 
that t he s t a te condi t i on at this j un c t ure i s  noted and , 
he nce , R 2  i s  d e t e rmi ned . 

3 . From t h i s  d e c e l e ra t i on p o i nt unt i l  t he a c c e le ra t i on ha s 
r i s e n  to 6 ft/s e c

2
, " tw o  b ody spa c e  a s s umpt i on s " a re 

applied a nd ,  he nce , fu may be c a l c ula ted r:md the s t a t e  
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conditions when the acceleration has reached 6 ft/sec2 may 
be determined .  This corresponds to the definition of a 
second entry .  

L� . The second entry range is  predicted by lineari zed ass ump
tions a s s uming a constant effective L/D and ,  hence , the 
reentry range corresponding to second entry ,  R4 , is known . 

5 . R 1 ,  R2 ,  F3 , R4 , are s ummed and compared with the desired 
range which c orresponds to the downrange di stance of the 
splash point rela tive to the initial entry point . 

6 .  The error � R i s  noted and i f  it corresponds t o  a n  over
shoot , the consequent logic is  that the " c onstant drag 
control" which is being maintained during the " creation 
of the reentry reference" is  extended for another cycle 
and if, after going through the whole process again , 
there is  still an overshoot predicted, this time smaller 
because of the energy absorbtion ,  another cycle will be 
called for . If, however , there is an undershoot �R error, 
then the 11 constant drag control" mode will be terminated . 
If the predicted range is within a certain limit "real 
time iterative control" would commence immediately . If 
the undershoot is exceeding acceptable limits ,  then the 
" down control" of the 1 1real time iterative control" would 
command lift vector up . In any ca s e ,  the phase of 
iterating onto the reentry reference terminates . 

Before leaving this section ,  it should be  noted that if  the 
velocity corresponding to 6 ft/sec2 deceleration at the pre
dicted end of the 1 1 exit " phase is more than c ircular velocity, 
then this in itself will call for a recycle while " constant 
drag control" is  maintained, in  order to absorb a s l!-fficient 
amount of energy to reduce the exit velocity to below that  of 
circ ular conditions . 

REAL TIME ITERATIVE CONTROL ( Figure 13 )  

When the mode in which the real  time reference i s  being formu
lated terminate s ,  a "down control" mode begins . The logical  
steps taken subsequent to the initiation of  " down control" are 
conceptually described below :  

l .  The " down control" uses express ions formulated from s im
plified, lineari zed equations of motion . The differentials 
between the reference conditions and the corresponding 
actual values  computed in real time and compared at the 
same vel ocity value as  is  being determined in real time 
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provide the connnands for the "down control" ( see Figure 
13 ) .  This  control attempts to achieve the s ame velocity 
magnitude at the bottom of the pull up , i . e . ,  vrith flight
path angle ( y ) = zero . 

2 .  When it  is determined that r = zero , i . e . , y = o ,  then 
the logic will go over to employing " up c ontrol . "  In thi s 
mode again s implified, lineari zed equations of motion in 
the trajectory J?lane are used .  \-lith the equations in this 
form, Vref and rref are derived for given drag values . 
The differential s  between Vref and actual  V, Yref and 
actual r, determined for the same drag v a l ue "l'lhich 
es sent ially is being measured ,  provide variable gains to 
increment effective L/D ( see " up control" bl ock on 
Figure 1 3 ) .  The " up control" mode 'dill cont inue until  
the deceleration has fallen to  6 ft/sec 2 .  

3 .  The onboard computer, having sensed t he deceleration has 
fallen to 6 ft/sec 2 will occur which by definition is the 
initiation of the " second entry phase . ' ' 

4 . During the " second entry phase , "  the second entry range 
is predicted empirically ba sed on drag and velocity dif
ferentials referenced to preflight s imulated data . 
Velocity i s  the correlating parameter es tabli shing the 
differentials . 

5 . The range e rror is fed back and acts ns  n variable gain 
for effective L/D increment during the " ::;e cond entry phase"  
( see " second e n t ry phase"  block on  Figu_re 1 3 ) .  \.J i t h  thi s  
iterative control , downrange error i s  nctl le d .  

6 .  Durir1g the " s econd entry phase , 1 1  compute-T lugi c w"i l l  also 
call for a prediction of max g a nd when the max g predicted 
is  beyond the acceptable l imit , then the n oma l " second 
entry pha se"  c c•ntrol logic i s  i nt e rrupted rend lift vector 
up is commanded; however, the max g predi c t i on continues  
and when the predi cted max g get s  ,,_, ithin the ncceptable 
l imit , then normGl " second entry pha s e "  · c ntrol logic con
tinues  to caLL for L/D increments \•Thi c h  vli Ll null the 
downrange erro r .  

In  all  atmospheric phases  of  the r e e n t ry c mt rol , lateral con-
trol is also exercised to null out cros srange e rrors . Essentially, 
it  works on t he following principle s :  
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l .  When max uplift is called for, the l i ft vec t or will ret ain 
a 15° roll angle i n  a dire c t i on s uch a s  t o  null out c ros s 
range errors . 

2 .  For all other roll angles used for c ontrolling effec tive 
L/D in the plane of t he traje c tory ,  the roll angle i s  in 
the direction whi c h  wi ll null out any exi s ting predi c ted 
crossrange errors . 

This c oncl ude s the concep t ual descript i on of the way in whi ch 
downrange and crossrange errors are nulled o ut during re entry ,  
together w i t h  a n  indi cat ion o f  the logic to avoid potential 
s kip a nd unacceptable max g c onditions . 

ENTRY MONITORING SYSTEM LOGIC ( Fig ure 14 ) 
Thi s section include s a bri e f  reminder of the moni t oring tha t  
goes o n  parallel to the operat i on of t he prime guidance system . 
First of all,  the onset of g i s  noted in t he very initial 
pha se s  of the first ent ry ,  and if the ons et does not reach 
critical val ue w ithin 10 sec , then l i ft vect or down wi l l  be 
commanded . Thi s  i s  c las s i fied a s  " c orridor veri fication" ( see 
Figure 14 ) .  

°Corridor veri fi c a t ion" i s  followed by 1 1 g ,  V" monitoring where 
the a c t ual " g, V" that is being experienced is detec ted by 
backup i ntegrat ing ac celerometer and is shown as a trace on a 
di splay where rays are scribed and g boundari e s  corresponding 
to entry veloc ity c onverge on the asymptot i c  va l ue . of the 
acceptable g limit ( see Figure 14 ) and the a ss o c iated· val ue 
of 9 g .  If the slope of t he t race i s  more nega t i ve than th0 
appropri a te g b ounda ry corre sponding to the act ual entry 
veloc i ty,  then this i s  an indication that the g to be 
enc ountered wil l  be una c c eptab le . If the prime guidance in 
this instance i s  not c ommanding l i ft vec t or up , then a 
serious exce s s i ve g s ituat i on is developing . If,  during 
t he " exit " pha se of the fi rst entry, the trace i s  parallel 
to the " s kip" rays and the prime gui dance is not c ommandi ng 
l i ft vec t or down , then a serious potent ial s kip s i t uation 
i s  developing . To insure safe reentry the c rewman will 
probably re s ort to manual c ontrol of t he l i ft vec t or ;  however, 
no longer will an a c c urate splas hdown point be pos s ible 
c omparable with when t he prime gui dance is fun c t i oning 
properly . 

Further deve lopment work i s  cont inuing a s  regards range con
trol l ine s added t o  t he "g, V" di splay . Thi s  latter deve l op
ment would reduce gross range errors during manua l  c ontrol 
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in c i rcumst anc e s  when t h e  prime gu idanc e was net fun c t i on ing 

c o r r e c t ly or c apab l e  of prov i ding a c cu rat e d i splay:3 . Re ent ry 

s h ip t racking of the e x it phas e ,  e sp e c ially vrhere e ffect ively 

d i r e c t  alt itude rat e is b e ing measure d ,  w i l l  al s o  rap idly det e c t  
g ro s s  ove r s hoot s o r  unde rshoot s .  

SO FTWARE CAPAB ILl TY NO T O NBOARD ( F igure 15 ) 

The t i t l e  imp l i e s  a l i s t  of c apab il it i e s not onb o ard , b ut it 
should b e  e xplainedj at t h i s  j uncture that the grou n d  c apab i l ity 
in every c as e ,  will p rov i de the c apab il ity wh i c h  i s  stat ed do e s  
not exist f o r  t h e  onb ao r d  c apab il ity . 

1 .  On the ground , the c apab i l ity e x i s t s  to run ahead o f  real 
t ime and s imulat e an int e n de d maneuv e r  such t hat all con
d it ions sub s e quent to the burn may be evaluat e d  such as 
t racking ac qu i s it ion , look angl e s , et c . ,  and an a c c urat e  
predict ion o f  c oast sub s e quent t o  the burn may b e  eval 
uat e d .  The onb oard c apab il i ty is r e s t r i c t ed to free c oast 
p r e d i c t i o n .  

2 .  The ground c ontrol has the c apab i l i t y  of p r e d i c t ing the 

c harac t e r i s t i c s  o f  the total fl ight plan as swn ing p re s ent 

t arget ing valu e s  are :ceta ine d .  The fuel r e s P rv e s  may b e  
evaluat e d  a ft e r  all the maneuv e r s  have b e en mac1 e , t ogether 
with all the ::lpprop r i at e  ope rat ional info rmat ion r e qu i r e d  

to insure a mi s s ion s uc c e s s . 

3 . Ground c ontrol has the c apab il ity t o  det e rmine a disp e r s e d  

c ondit ion f o r  t h e  spac ec raft , and f rom t h i s  d i spe r s e d  s t at e ,  

c an r e - opt imi z e  the ent i r e  fl i ght p l an .  Th i s  incu r s  s end

ing new t arget ing dat a to the spac e c raft wh ich the onb oar d 
c apab i l ity has b e en formulat e d  to ac c ept . 

4 .  If the 1M has t o  take off at a t line when the C SM i s  out o f  

c ommun i c at ion with it , e . g . , when t h e  CSM i s  behin d  t h e  
moon , t h e n  the c on s e quent rende zvous i s  e x c e s s ively l engthy 
for an ent irely LM a c t ive rendezvous w i t h  Uw C SM rema in ing 
p a s s ive . The g round c ont rol c an de s ign maneuv e r s  for the 

CSM sub s e quent to Hh i c h  the 1M a c t ive r ende z \rous is a c c om
p l i s h e d  in a c ons i de r ab ly short e r  time than woul d be t he 

c a s e  with the CSM r emain ing p as s ive . There are c a s e s  with 
the CSH, s ay 160° pha s e  b ehind the LM at ins ert ion , whe r e  
i f  an out of plane s ituat ion e x i s t s ,  a n d  the C:SM r emains 
ent i rely pas s ive , then the LM c apab i l it y  t o  r e n de zvou s 

within it s l i fet ime and delta V l im i t s  arc in j eopa r dy . 
With the ground c ont rol in the p i c tur e , target ing adv i c e  
would b e  i s sued t o  t h e  C SM s u c h  that t h e  ;;ub ;c:c quent LM 

ac t ive rendezvous c oul d b e  ac c ompl i s he d  i n  h· ,; ::, t ime and 

for l e s s  delt a V .  
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5 .  The onboard capab i l ity, in many instances , has not got the 
capabil it y, and this is by int ent as will be indicated 
later, to calculat e peripheral data . Examples of peri -
pheral data are : look angles , prediction of opt ical 
condit ions , predict ion of l ight ing condit ions fo r rendez 
vous , docking , prediction of cont rast and shadow condit ion s 
for descent , t raj ectory informat ion for operat ional fac il it ies 
such as monitoring airc raft and recovery ships , and 
diffe rent ial radiation predict ion . 

6 .  The g round has the capab il it y  of using observat ions from 
mixed sources to provide opt imum t raj ectory determinat ion 
solut ions . An example of t he mixed sources would be ground 
radar and onboard radar.  The observat ions receive appropri
ate we ight ing consist ent with a knowledge of the accuracy 
existing for the circumstances incurred. 

In the n ext sect ion , it is intended to discuss the g roun d con
t rol G&N functions , not in the sense that it is fill ing gaps 
in the onboard capab ilit y, but in the sense of what the groun d  
cont rol provides as a service when t h e  onboard G& N  systems are 
funct ioning normally. 

GROUND SUPPLEMENTARY AND BACKUP G&N FUNCT IONS ( Figure 16) 

l .  In many ci rcumstances during the lunar lan d ing mission , 
the MSFN determinat ion of posit ion velocity will b e  more 
accurate than that which would be det ermined onboard .  
Furthermore , for mission planning purposes , the numb er of 
observations is b eing rest ricted in order t o  economize on 
RCS fuel , i . e. , a change of att itude would ,  in all prob 
ab ility, be required prior to a sequence of onboard sight 
ings . Consequentl y, it is the g round cont rol which provides 
updated or modified targeting data . 

2 .  The g round cont rol provides mon itoring information for manual 
maneuvers . Examples of t his are launch abo rt , manual 
insert ion into orb it using Stab il i zat ion Cont rol System 
( SCS ) mode , when the t erminal phase init iat ion is pe rformed 
manually, t hen the fround would provide monitoring infor
mat ion prior and subsequent to it . There is t he di s t inct 
poss ibility t hat prior to the f i rst b raking of the terminal 
phase maneuvers when the AGS is being used to accomplish 
the rendezvous that the MSFN will supply the targeting 
informat ion . 

3 . The ground cont rol , with its extensive computer capabil it y 
available to it , together with the presence of special ists 
in the part icular a rea in wh ich a problem may occur, has a 
capab ility for a more extensive explorat ion of the possi
b il it ies , espec ially in cont ingency situat ions . 
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4 .  'The MSFN c apab i l ity will , on o c c a s ion s , perforr'l an ump lrlng 
fun c t i o n .  For e x ampl e ,  the LM has two onb o a r J  (:,u i danc e 

sys t ems whi c h  will prov i de dat a .  If a dis c :c'"1''in c y  o c c ur s , 
then the MSFN w i l l  prov i de a s ig n i f i c ant r: lue a :� to whi c h  
sys t em i s  fun c t i o n ing c o r rec t ly . When l ong t rT:·king pas s e s  
are po s s ib l e , then thE� MSFN ·,·..rill p rov i de a <l e t  rminat. ion o f  

the o rb i t al e l emE:'nt s O !' o f  the r e l at i ve :3 t at. r : :�·tvreen the 
hro m:Jdul e s , when ��oast ing c on d i t i o n s  pr ev:c, il . Iur ing short 
t racking pas s e ::; , th(o >1SFN c an b e  r e l i e d  ' HJ'�n ' : ' : :: ivr:: e xtreJw·ly 
accurat e dat a al c•ng the direct ion of thr:• l L!:  ' . ; ·  s ig�t from 
t h e  ground radar d i s h  t o  the spac ec raft . ·r"L i . ·  L; b ec aus e tb• 
�·!S FN is relying uu Dupp l e r  rat e  info rmat ion . Evr::n dur ing 
LM l aunch ,  thi s part i cular measurement by th•:' l;13FN �,rill 
provide an i.rn.mecli at e  c lue as to wh i c h  onb o a rrl :_';uidanc e 
sys t em i s  fun c t ioning c o rr e c t ly ,  should tl : (-'- L' �'-'  iy: a s e r ious 
deteriorat ion in the p e r fo rnanc e of e ither on: ·  ( ) r  the onb o ard 

syst ems . 

In summary then , the MSFN ·wil l  p rovide s ome as s i :3 t an :� e as regards 
" as c ent swit chover monit o r in g ," " navigat ion" , and r 1et e rminat ion 

of t arg et ing . 

AUS TERITY IN ONBOARD COMPUTER 

During the curr ent s t age of the Apollo proj e c t � it has b e c ome 
inc reas ingly c l ear that r e s t ra int must b e  u s e d  in th0 s e l e c t ion 
of programs t o  be f o rmulat e d  for the onboard comput ers . 'There 
are two import ant reasons for t h i s  and they are : ( l )  to avo id 
ove rflowing the c apacity of the c omput e r , and ( 2 )  maint enan c e  of 
s c h e dul e .  

l .  Approximat e ly 1-11- years b e fore l aunch ,  it is import ant that 
the summat ion of the e s t imat e s  of the word c apac ity for each 
p rogram l eave s  s ometh ing o f  the order o f  a l5'fo margin relat ive 
t o  the ult L�at e c apac ity of the c omput e r s . 1� c r e  are two good 
reasons for th i s . 'The f i r s t  one is t hat when a program i s  
only part ial ly fo rmul at e d ,  then there i s  a ciE, r " e F; o f  
unc e rt ainty as t o  the f in al c apac ity all o c at i<)n n e eded f o r  
that program and al s o  a nom inal 15% margin at t h i s  s t age i s  
de s i rab le be c au s e s e c ondly, when t h (C  �!v e ral L margin o f  the 
comput e r  c apac ity i s  in j eopardy , inhe r ently "" "tc h  program 
ha:o. to b e  -fo rmulat e d  with addit ional c arP in rder t o  re s t r i c t  
c apac ity demands . Th i s  mean s  that there i :� a t endency for 
all programs t o  be fo rmul at e d  s omewhat mc'r ,:· s L'-''.'lly than they 
no rmally wou l d  than ��-rhen it i s  known that i_hc :nargin is not 

in j eopardy . 'Thi s  fac e t , in it s el f ,  c aus e �: "' · l ·c l ci'J  in 
s c hedul e .  

2 .  It i s  imp o rt ant that the f i r s t  draft of each p rog ram i s  
formulat e d  a t  the earl i e s t  t ime pos s ibl e .  Ti- d s  i s  b e c au s e  
it is import ant that each p rogram i s  f it t e d  into an 
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integrat ed formulat ion such that c ont roll ing and s e quence 
s elector programs c an be tested in c onjunct ion with the 
individual programs . Furthermore , a period is nec e s s ary 
for checking , t e s t ing , and verifying each program and t he 
integrat ed formulat ion o f  all programs . 

3 . Rec ent surveys of the s el ecti on of programs for the onboard 
comput ers have revPaled that f).J.rther austerity in onb o ard 
comput er capab i l ity i s  needed. It is  now apparent that 
some main programs previously s elected with the b e st int en
t ions and there were part icul ar reason s ':Ihy each one in 
it s elf was de s irable , however ,  not mandatory for onh o a r d  
comput er capab il ity.  The s e  main omi s s ions are : 

( l )  Sel f checking rest ricte d :  It was intended that 
there should be automat ic t e s t ing for malfunct ion of the 
c omput er with diagno s t i c  warn ings displaye d .  

( 2 )  Logic to avoi d  gimbal l o c k  not included : Thi s  
i s  a feature o f  the alt itude change programs to insure that 
the rotat ions were such that g imbal lock was not incurred . 
C rew monitoring of the 8 Ball now become s a more c rit ical 
funct ion to insure the same ob j ec t ive . 

( 3 ) CMS : No conc ent ric s e quenc e logic : In all non 
t ime c r it ical s ituat ions , a c onc entric rendezvous flight 
plan is the preferred mode of rendezvous , however ,  the 
capab il ity for this  has had to be exc luded from the CMC 
stat e  t o  b e  entered into the LGC , which i s  then called 
upon to work out the concentric s e quenc e for the CSM ,  and 
this is advis ed by vo ice  to the CSM c rewman . H� in turn 
ent e rs the requ i red target ing through the CSM DSKY . 

( 4) Abs ence of flight plan predict ion : Traj ectory 
determinat ion has always been ,  and i s  rest ricted to free 
c oast predict ion . 

( 5 )  Point return : This capab i l ity has been deleted 
from the " return to earth" program, however ,  the t ime 
c �it ical mode may be manually iterat ed through the DSKY 
by ent ering delta V capab ilities  l e s s  than the maximum. 
This effect ively produc es  long itudinal control of the 
splash po int , in that c onvergenc e is easy enough if the 
variat ion of the longitude of the splash point is not ed 
in its  relat ionship with the " delt a V capab ility" input 
to the DSKY. The iterat ion logic i s  desc ribed in Target 
ing - Type 3 .  When po int return capab il ity i s  del et ed,  
and with this proviso it i s  not nec e s s ary that the nom i 
nal rec ove ry point i s  c ontained within the return t rajec 
tory plane , then the it erat ion logic  may be c ons iderably 
s impl ified.  
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( 6 ) :MSFC i t e rat ive s t e e r ine; : In o rd ,� r t •J insure a 
lack of s e rious t rans i e nt s in the event o f  t he s pac e c raft 
having to t ake ove r gu i danc e of the S aturn , it was c on s i d 
e r e d  nec e s s ary tha t the CMC c omput ('r c ont a ir k ' d  c::1e �/1S?C 
it e rat ive s t e e r inc; log i c . Th i s  r e qu i rement ha.3 b r:- en de l Lt e d  
b e c au s e :  ( l ) i t  'w'as not c on s i de r e d  t i1at c r•;',,' ;c; 'li ' :oty was 
s e r i ou s ly impa j - · . , , i , in t hat s afe ab o rt ::: a r •:.: :.; t � l l  pos s ible . 
Thi s  ent a i l s  a CSM s eparat ion from the Sat ulTI an d t here fore , 
in t h i s  c as e ,  t h e  ub j e c t ives woul d no lonr� c r  t_, r:: p J s s ib l e , 
however the probab il i ty i s  low . ( 2 )  The prc�ab i l ity o f  
det ect ion o f  t roub l r• w i t h  the Saturn pl3.L r•Jnrr ,J u r inc; the 
t ran slunar burn as s o c iat e d  with a :wn d r;i>� c-· t i :m r !uring 
parldng o rb it ,  i s  c on s idered t o  b e  e xt r e:ru , ly l V,·l , If a 
S aturn platform fai lur e i s  det e c t e d  du r inc; ihr- parking 
orb it and it mus t  b e  rememb e r e d  that iL L only the S aturn 
p l at form whi c h  i s  be ing b acked up , L _ . , th� S at urn c omput e r  
i s  an e s s ent ial c omponent when t h e  s pac e c r3. i't h a s  taken ove r ,  
the spac ec raft c an u s e  a s impl e r  s c heme vii L� 101 "t f e ar o f  
t ran s i ent s .  Th i s  s cheme i s  de s c r ib ed i n  T'1n� e t ine; - Type 
l ,  and the s impler M IT c ro s s  p ro duc t ;c, t e 1: r i ng i s  app l i e d ,  
I t  mus t  b e  r ememb e r e d  that t h e  spac ec 1·aft only t akes over 
in c ont ingency c i rcum s t anc e s . 

TIME HIS TORY OF AN O NBOARD PRO GRAM (F igu re lrj) 
Figure 18 indicat es a typ i c al t ime h i s t o ry of an onb oarcl p r o 
gram . The init ial fun c t i onal " re quirement s" mus t b e  i s sued 
s ometh ing l ike 18-} mont h s  b e fore l aun c h . MannE:: 'l S �JcW e c r af't 

C ent e r  i s sues the r e qu i rement s to the c ont rac t o r , in the c a s e  
of the p r ime guidan c e  ��y s t ems , MIT .  S ulJ s e qu e n t  t ' t ll e  i s suanc e 
of the req_u i r ement s ,  prog ram modular formulat i on [ ,  : c ins wh i c h  

is foll owed by unit c h c: c k ing an d t e s t ing in <"'l c h  r · a s c , W it h 
the c ompl ex ity o f  rr,o d e rn onboard int eg rat e d  p cot�nun:c: , t h i s  
p ro c e s s  o f  modular. fo rmul at i on and unit c h r: c k i ni3 a:vl t e s t ing 
'dill take on t h e  L) r d e r  o f  lo-! mont h s . At the cowl :J f '  t h i s  t ime 
the " fi rst draft t.J [ int e grat e d  fo mulat i,_ m ' '  1. -: ar ; ]  lC'! C d .  NO\v 
b i t  by b it t e st ing o f  the whol e  int eg rat ,�ll p c'.J[� r·;JJu ]) el_',ins , 
t oe;ether 'dith " hyb r i d :dllmlat ions " involv i n G  i l l r  rc • c c king of 
1�arn ing l ight s ,  c:t c . Thc" S e  proc e s s e s  1.v ill t a k < :  O l >  the o r d e r  
of 3 month s  by the e n d  c)f which t i:ne the " fl i ; c)Jt:. J ; r,Jgra.m 
r e l e a s e ' '  may be i s s ue d to the c ont ract u r· r e s pu1 :: i_b l_ , for the 
manufac ture of rop e s . Fro1:1 the " fl ight p roe;r::llt' t' < ' l e a s e "  t o  
the ' ' c�t: L ivery of flight r o p e s  a t  C ape" , -vTi l L j rw " r· an adcli 
t ional l} mont h s . Sub s e quent to t he d0 l ive ry o 1' Lhe fl ight 
rop e s  at the Cape , a p e r iod of int en s e  c nmput r: r  iut erface 
t e s t  ins -vrith other sys t ems dependent upo . tlF <::1bcarr i  c c>B 
put er , ensu r:' s , 1/'J ith o n e  o r  mor e  t e s t s  o c c ur r in;_: · i�:L l l:y , a 
lJusy s c hedule l a s t ing un add it ional 3\  rnont L c· . i_ �: unQvo i ,Jable . 

Hhcn the int e r fac e t (: S  L ing has b e en ac h i r;v c c L : l 1 '  ·n L l l"' onboard 
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comput ers are ready for launch act iv ity . 

One unes c apable milestone should be recognized and that is 
that the ent ire fl ight program must have b een verified at l east 
5 months before launch . Thi s  i s  the permanent logic in the 
comput e r .  Of cours e ,  the quant itat ive value s of gu idanc e con 
stant s , et c . ,  can b e  ins erted into t h e  erasable memory at a 
much lat er t ime before launch , fac il itat ing alternat ive mis 
s ions , etc . However , again it is  s ignificant that the perma
nent logic must be ready and verified 5 months prior to launch .  

SUMMARY ( Figure 19) 

l .  The onboard capab il ity has b een framed such that : 

( l ) The s elected programs p rovide a capab il ity that 
insures c rew s afety.  

( 2 )  The s elected programs p rovide a capab il ity which 
s igni ficantly enhanc es  m i s s ion suc c e s s , for example the 
spac e c raft guidance capab il ity for translunar inj ect i on ,  
which would be used in cont ingency c ircumstanc es . 

( 3 ) The onboard programs have b een framed such that 
they c an e ffi c i ently use  ground informat ion . 

2 . The g round capab ility is e s s ent ial in some cases , part icu
larly is this the case when real t ime flight planning is  
required involving both the CSM and LM .  It  will b e  remem
b ered that this i s  incurred with rende zvous cases with 
abnormal init ial phas ing . In g eneral , the ground capa-
1 )  iLi ty cont ribut es  to mis s ion suc c e s s  as has been not ed 
in the manned spac e proj ects  s o  far and the g round capa
b ility provides nec e s s ary useful peripheral data.  

3 . It is found that the c omb ined c apability further advan c e s  
crew safety.  This  is  evident i n  launch and abnormal 
rendezvous s ituations . The c omb ined c apab il ity insures 
more opt imum t raj ectories due in s ome cases t o  the in
c reas ed ac curacy and in others , to the inc reas ed flexi
bility of c apability , and in general , it is  found that the 
c ombined onboard and ground c apab i l ity provide s max imum 
prob ab ility of  miss ion suc c e s s .  
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Questions and Answers 

SOFTWARE COMPATIBILITY WITH LUNAR MISSION OBJECTIVES 

Speaker :  Morris v .  Jenkins 

l .  Dr . Mue ller - Is there a budget for the CST·1 and Liv1 
c omputers ?  

ANSWER - Ye s .  There i s  now about a 3 ,  000 Hurd pad in 
the CSli! and a �· , 000 word pad in the I1·1 . 

2 .  Mr .  North - 1-Jould you ever us e remainj ng SPS propellant 
to reduce entry veloc ity? 

ANSv/ER - No . 
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SOFTWARE C O NSI DERAT IONS 

e O N BOARD ADEQUACY I N SURE S  C R E W  SAFETY 

• I N DE P E N DE NT CAPABI L ITY TO RETURN 

e M I SSION SUCCESS CONTRIBUTIONS 

• Tll  CAPABI LITY 

• ACCEPTS G R O U N D  UPDATES 

e GROUND CAPA B i liTY E SSE NTIAl I N  SOME CASES 

e G R O U N D  CONTRIBUTES TO MISSIO N  SUCCESS A N D  PROVIDES N ECE SSARY 

PERIPH ERAl DATA 

e COMB I N ED SOlUTIONS: 

• ADVA N C E S  C RE W  SAFETY 

• O PTIMIZED SOlUTI O N S  

• MAXIMUM PROBA B I L ITY O F  MISSI O N  SUCCESS 

e ADOPTI O N  OF SIMPlE MIT TARGETING SCH EM E S  H A S  CO NTRIBUTED 

N A S A - S - 66 - 6 5 5 3  J U N 

ADEQUACY OF ONBOARD SOFTWARE CAPABILITY 

e CREW SAFETY 

• INDEPENDENT CAPABILITY TO RETURN 

• CAPABILITY TO ACCEPT GROUND UPDATES 

• COMPATIBILITY OF SOFTWARE IN PGNCS AND AGS 

• DOUBlE CHECK ON RElATIVE STATE 

• LM CAN DIRECT CMS ACTIVE RENDEZVOUS 

• SOFTWAR E  LOGIC FACILITATES MEANINGFUL CREW CHECKS 

e MISSION SUCCESS 

• NECCESSARY STEERING 

• TRANSLUNAR INJECTION 

• ACCEPTANCE OF ALTERNATIVE TARGETING 

F ROM THE GROUND 
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BASIC ONBOARD G AND N SOFTWARE CAPABILITY 
··-�-------· ---

CREW G AND N MANAGEMENT DISPLAYS I 
WHERE NAVIGA -

ARE WE ? TION 

WHERE I DEAD 
WILL WE BE ? RECKONING 

CHANGE OF WHAT CHANGE COURSE OF COURSE DETERMINA-IS NEEDED ? TION 

IS THE PRIME G 
AND N SYSTEM 
CONTROLLING MANEUVER 

THE PROPULSION CONTROL 
CORRECTLY ? 

N A S A - S - 6 6 . 6 5 5 5  J U N  

f---

-�- TRAJECTORY OBSERVA - DETERMINATION 
TIONS PROCESSORS 

. ·- . 
CURRENT SMOOTHED � POSITION 

AND VEl - DETERMINATION 
---"--

BEST ESTIMATE 
EPHEMERIS TRAJECTORY PRE�5 OF FUTURE 

PROCESSORS POSITION AND 
VELOCITY 

- - - -

CHANGE OF TARGET COURSE -1 r-PRE-THRUST PROGRAMS OBJECTIVES DETERMINATION FOR THRUST PROGRAMS 

CREW ACHIEVEMENT 
I NITIATION THRUST STEERING OF DESIRED 
OR PROCEED PROGRAMS EQUATIONS CUTOFF 
CONTROL CONDITIONS 

AMPLIFICATION OF THE BASIC PROGRAMS 

TRAJECTORY DETE RMINATION PROCESSORS BASIC COMPONENT: KALMAN FILTER 

TRAJECTORY PREDICTION PROCESSORS e ENCKE METHOD 
e INCREMENTS INTEGRATED 
e LARGER STEPS FOR THE 

SAME ACCU RACY 

PRE-TH RUST PROGRAMS • SET UP THE TARGETING 
• THRUST COMMAND A TTl TUDE 
• P REFERRED PLATFORM ALIGNMENT 

THRUST PROGRAMS • X PRODUCT STE E R I NG 
• E GUIDANCE 
• LOCAL VERTICAL COORDINATES 
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TARGET ING - TYPE 1 

e CURRENT r 

e TARGET 7 t 
e ENERGY a 

ITRANSLUNAR INJ ECTION I 

N A S A - S - 6 6 - 6 5 4 7  J U N  

TAR G ET I N G  T Y PE 1 

COMMAND LA TITUDY 
AND LONGITUDE l 

EARTH 

-
e CURRENT r 

e TARGET rt 
e ENERGY a 

I LUNAR O RBIT INSERTION I 
I REPEAT FOR PLANE CHANG� 

rr-;1 = CURRENT BURN I r I 
a = jr� l  

. . � 
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1 ST MIDCOURSE 

RESULTANT 
ORBITS 

FOLLOWING 
APPLICATION 

OF VG 
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N 

TARGET ING TYPE - 2 

- - -

TARGETING TYPE 2 

Fig. 8 
420 

SPHERE  OF I N FLUENCE 

SECOND AND THIRD 
MIDCOURSE CORRECTIONS 
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TARGETING TYPE 3 

DEPARTURE VECTOR 
TARGET 

TWO BODY 
HYPERBOLA 

� : 
SPHERE OF IN FLUE� i -- _ _ 

ADJUSTED SUCH THAT y 
MOON 

REFERENCED 

ENERGY 
- TRANSFER 

HYPERBOLA INTERCEPTS i 
DEPARTURE VECTOR 

ADJUST t:,. t FOR 

LANDING POINT 

IN PLANE 
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EARTH 
REFERENCED 

TWO BODY 

ELLIPTICAL SOLUTION 
ELLIPSE 

REENTRY 
MANEUVER 

RANGE 

CONIC ITERATION . ' H REENTRY CONDITIONS 

S OF 1 • RECOVERY POINT IN PLANE 
• STATE MATCH AT S OF I 

POINT • BACK TRACKED HYPERBOLA 
INTERC EPTS CURRENT STATE 

PRECISION I ITERATION 

• BACK INTEGR ATION 
FROM EARTH 

• FORWARD INTEGRATION 
FROM DEPARTURE 

VECTOR 
• ITERATE TO MATCH AT 

S OF I 

I TRANSEARTH INJECTION I 

I TRANSEARTH ABORT 

ITRANSEARTH MIDCOURSEI 

DESCENT AND ASCENT TARGETING 

DESCENT 

e PROFILE SHAPING TARGETING 

• I NTERMEDIATE POSITION 
TARGETING 

• WITH AN ASSOCIAHD 
VELOCITY VECTOR 

• TOGETHER WITH AN ASSOCIATED 
ACCELERATION VECTOR 

ASCENT 

e ORB ITAL TARGETING 

• CUTOFF POSITION AND 
VELOCITY VECTOR IN CSM PLANE 

• 7 SPEC I FIED 

• lVI 

• CUTOFF lhl SPECIF IED 

• DOWNRANGE FREEDOM IN CUTOFF 
POSITION WITH SOME RESULT ANT 
FREEDOM IN D IRECTION OF L INE 
OF APSIDES 

PR INCIPLES OF STEERING COMMON TO BOTH: COMMAND THRUST VECTOR DERIVED 
FROM EXPLICIT EXPRESSIONS INVOLVING CURRENT ACCELERATION V ECTOR , A N D  

DIFFERENTIALS OF  CURRENT AND TARGET CONDITIONS, i .e . ,  A T  GO 
� 
4..r 

F i L .  
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CREW 
TRANSFERRED 

DOCKING 

INTERCEPT 

CONCENTRIC FLIGHT PLAN 

� SUN 

t CSI CONCENTRIC SEQUENCE I NITIATION 
CDH CONSTANT DELTA HEIGHT 

EARTH TPI TERMINAL PHASE I NITIATION 

N.._�.._ S 66 6 S89 J U N  

lfo UP WAIT FOR TRIGGER 

'-700 FT I SE� 

CREAT ION OF THE  R E E NTRY R E F E R E N C E  

PREDICT 
V A N D  R I BOTTOM OF PUll U P  

PREDICTION OF CONDITIONS INCLUDING R 2 AT 6 FT / SEC 2 
[ CONSTANT l L-------1 � DRAG CONTROL • t. R 

d R 
2 BODY SPACE ASSUMPTION 

I l i N EARIZED 
I PREOICTION 
1 r r �ECOND I 
I 

E N T R Y  RANG E l  
I I 
I I 

I I I I 

DESIRED RANGE 

� -R 1 �  � -R 2-- � �----R 3---- � --- - - R 4 ----

L_ _ __l_� ___ _LI ------L-1 --------------'-l ______ _:�SI R:�_A_N_G_E_--�--�--

F i  , 
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REAL T IME  ITERAT IVE  CONTROL 

SECOND ENTRY PHASE 

/DOWN CONTROL 6 FT/SEC2 
\_UP CONTROL 

SECOND ENTRY PHASE____,/ 

F i � · .  13 
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ENTRY MONITORING SYSTEM LOGIC 

e CORR IDOR VER IFICATION 

2 

e (g, V) MONITORING 4 

6 

g 
8 

36 34 

0.05 g-1 0 SECOND DELAY-g 
CRITICAL VAL U E  >(g -0.05) 

3 2  3 0  

v 

e FURTHER DEVELOPMENT - RANGE CONTROL L INES 

f . I 
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SOFTW ARE CAPABI L ITY N OT O N BOARD 

e PRE -MANEUVER  S IMULATIO N  

e R E A L  T IME  TOTAL F L I GHT PLAN EVALUAT I O N  

• P R E D ICT ION O F  S E Q U E N C E  EV ENTS A N D  F U E L  R E S E R V E S  

e CAPAB I L I TY TO RE-OPT IMIZE  T H E  W H O L E  FL IGHT P L A N  

e COMBIN E D  M A N E U V E RS FOR A N Y  T I M E  L I FT -OFF  

e PER IPHERAL  I N F O RMAT I O N  

• LOOK ANGLES/ SIGHTI NG DATA 

• L IGHT ING C O N D IT I O N S  F O R  R E N D EZVOUS C O N T RAST 
SHADOW C O NDITI O N S  FOR D E S C E N T  

• TRAJ ECTORY I N FO RMAT ION FOR OPS FAC I L I T I ES 

• D I F F E R E NT IAL  RADIAT ION P R ED ICTI O N  

e COMBIN E D  0 D SOLUT IONS F R O M  H Y B R I D  O B S E RVATI O N S  
W I T H  APPROPR IATE WE IGHT ING 

F i . · . ; 
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GROUND SUPPLEMENTARY A N D  
BACKUP G AND N FUNCTIONS 

e TARGET DETE RMI N AT ION A N D  SUPPLY 

e PILOT MONITORING I N FORMATION FOR MANUAL MANEUVERS 

e MORE EXTEN S I V E  EXPLORATION OF T H E  POSS I B I L I T I E S  

E SPECIALLY I N  CONTINGENCY S ITU A l i O N S  

e UMPI R I N G  F UNCTION: PGNCS A N D  AGS 

MSFN r I N FORMATION TO ASSIST IN L M  

• ASCENT SWITCH O V E R  MO NITOR ING 

• NAVIGATI O N  

• D E A D  RECKONING 

Fig.  lO 
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A USTERITY IN O N BO A R D  C OMPUTER 

e CAPACITY 

e SCHEDULE 

• PROGRAM F O RMULATION 

• CHECKING 

• TEST ING 

• VERI FICATION 

e MAIN OMISSIONS 

• SELF CHECK ING RESTRICTED 

• LOGIC TO AVOID G IMBAL LOCK NOT I N C LUDED 
• CMC: N O  CONCENTRIC SEQUENCE LOGIC 

• ABSENCE OF  FL IGHT PLAN PREDICTION 
• POINT RETURN 

• MSFC ITERATIVE STEERING 
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F i  . l I 

TIME HISTORY OF AN ON BOARD PROGRAM 

I REQUIREMENTS l 
l O Y2 MONTHS 

1 1  S T DRAFT OF INTEGRA TED FORMULATION 

3 MONTHS 

I Fl iGHT PROGRAM RELEASE � 
l Y2 MONTHS 

I DELIVERY OF FLIGHT ROPES AT CAPE � 
J Y2 MONTHS 

! LAUNCH I 

e MODULAR FORMULATION 

e .UNIT CHECKING AND TESTING 

e BIT BY B IT TESTING OF WHOLE PROGRAM 

e HYBRID SIMULATIONS -
CHECKING WARNING l iGHTS,ETC 

e MANUFACTURE 

e COMPUTER INTERFACE TESTING 
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SUMMARY 
e ONBOARD 

• CAPABILITY INSURES CREW SAFETY 

• CAPABIL ITY IS EFF IC IENTLY USED TO E NHANCE MISSION SUCCESS 

• CAN EFF ICI ENTLY TAKE G ROUND I NFORMATION 

• GROUND 

• CAPABIL ITY IS ESSENTIAL I N  SOME CASES 

• CAPABIL ITY CONTRIBUTES TO MISSION SUCCESS AND PROVIDES 
N ECESSARY USEFUL PER IPHERAL  DATA 

• COMBINED ONBOARD AND GROUND 

• CREW SAFETY F U RTHER ADVANCED 

• MORE OPTIMUM TRAJ ECTORIES 

• PROVIDES MAXIMUM PROBABILITY OF MISSION SUCCESS 

f'i - .  
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By 
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COMMUNICATIONS FUNCTIONS 

A summary of the spacecraft and launch vehicle functional capa
bilities i s  shown ln Figmes 1 and 2 . As can be s een in Figme 1 , 
CSM and LM both provide the S-Band voice telemetry, at both the 
high and lOI·r bit rates , ranging , tracking, and television . One 
difference in these capabilities is that the LM cannot transmit 
televis ion except from the lunar smface after the ere ct ion of 
the Lunar 3urfuce Erectable Ant enna . In addition to these capa
t ilitics , the CSM provides the capabilities of updata, recorded 
data and voice  playback, and s cientific  data transmiss ion . At 
VHF, both the CSM and LM have voice communi cat ions capabilities 
and the U1 has the capability of transmitt ing low bit rate telem
etry from the LM to the CSM dm ing des cent and as cent . The CM 
has both VI:U� ancl HF two-way voi ce and beacon transmis s ion 
capability for recovery phases . 

The launch vehi cle Instrument Unit ( IU) provides the capabilities 
of telemetry, tracking, ranging, and updata at S-Band, as well 
as telemetry at VHF and tracking at C-Band . The three launch 
vehicle propuls ion stages have VHF telemetry capabilities and 
range safety destruct . 

Figures 3 and 4 show the Manned Space Flight Net ( MSFN) support 
capabilit ies to support the spacecraft and launch vehicle 
communi cations functions . Figme 3 illustrates the ground based 
stati on capabilities and Figure 4 illustrates the ship and air
craft capabilit ies . It should be noted that the ground based 
stations have ident ical capabilities except that the Madrid,  
Canberra, and Goldstone stations have the ability to rec ieve 
televis ion from lunar distance . It should also  be noted that 
not all stat ions can track the IU C-Band transponder . The re
entry ships do not have updata capabilities and they utilize 12 foot parabolas rather than 30 foot parabolas . The recovery 
for ces have, in addition to VHF and HF voice  and beacon capab ili
ties,  S-Band direction finding capability . 

FigU::' 'cc 5 represents a grounci tracl\. for the first two orbits  of 
the nominal lunar mis s ion . The c ircles shown represent the 
stat ion coverages for a one hund.red nauti cal mile orb it . Not 
shown on this map is the fact that for alt itudes above 8, 000 
nauti cal miles , the Madrid, Goldstone , and Canberra coverages 
overlap , thus providing continuous , unbroken communi cations with 
the sp-: cecraft . 

'l'he Radio Frequency Systew..s have been broken down into several 
fi0ures in order to make it eas ier to understand the ir functions 
in meeting their respective Module requirements . Figures 6 and 7 



r epresent the data s ourc es for the two Modules . As shown in 
Figure 6, the Central Timing Equipment , PCM Telemeter, Signal 
Conditioner, and the Pre-Modulat ion Processor all contain redun
dant c ir cuit elements for criti cal circuits such as power 
supplies , voi c e  modulators ,  telemetry modulator s ,  and digital 
counting blo c ks . The PCM telemetry, in parti cular, contains 
both c ir cuit and block redundant element s . Also, t he CSM has 
three sets of mi crophones and amplifier s ,  one set for each 
astronaut ; each of the s e  sets is redundant . 

Figure 7 repres ents the data sources for the LM .  Again, c ir cuit 
redundancy is prov ided . The LM voice recorder has no playback 
capab ilities . It will be brought back to earth, however . 

F igures 8 and 9 are block d iagrams of the two respect ive Modules '  
8-Band s ystems . The LM 8-Band system i s  compr is ed of a c oherent 
transponder, a power amplifier, a d iplexer , and an antenna s ystem 
cons i st ing of two Omni element s ,  an In-Flight Steerable High-Gain 
antenna and a Lunar Surface Ere ctable Ant enna . The transponder 
and power amplifier are completely r edundant and there is by-pas s 
swi t ching around the power amplifier to allow for prime power 
conservat ion when high b it rate telemetry is not required . The 
Steerable Antenna is a 2 foot d iameter parabola providing a trans
mit gain of 20 . 3  db and a r e c e ive gain of 16 . 5  db with a beam 
w idth of 13 degrees . The Erectable Antenna, in c onjunction with 
the 750 milliwatt transmitter, allows transmis s ion of voice and 
low b it rate telemetry to the MSFN without the us e of the power 
amplifier,  thus r esulting in cons iderable prime power conservat ion .  
This antenna, in conjuncti on with the power amplif ier ,  also allows 
transmis s ion of high - quality real-t ime televis ion pi ctures to the 
MSFN from the lunar surface .  

F i gure 9 presents the CSM S- Band s ystem .  This system i s  e s s en
t ially the s ame as that of the LM with the addit i on of a separate 

S-Band FM transmitter . In the CSM, as in the LM, the c oherent 
transponder i s  redundant . The power ampl ifiers are not shown as 
be ing redundant in that , at t imes , they are us ed in parallel ;  
that i s ,  power amplifier number 1 be ing dr iven b y  the FM trans 
mitter and power amplifier number 2 by the PM transmitter . 
However, swi t ching is such that the number l power amplifier can 
be switched to back up t he number 2 power amplifier . 

The CSM antenna system cons ists of four Omni antenna elements 
and a High-Gain antenna . Thi s  High-Gain antenna is made up of 
four 31- inch d iamet er parabolas and a cros s ed d ipole array . The 
transmis s ion s ystem has three operating modes - -wide,  medium, and 
narrow ,  w ith attendant beam widths of 45 degr ee s ,  12 . 3  degr ees , 
and 4 . 4 degrees at the half power point s . The receiv ing modes 
are c oar s e  and f ine- - the beam w idths being 45 . 5  degree s and 5 . 5  



degrees at the half power points . If the transmit mode switch 
is in the "Wide" pos ition, the receiving antenna mode will remain 
in the " Coarse" pos ition upon acquis ition of an RF s ignal . However, 
if the transmit mode switch is in the "Medium" or "Narrow" pos ition,  
the receiving mode will automat ically switch from "Coarse" to 
"Fine" upon s ignal acquis ition . Use of the High-Gain antenna 
begins at an altitude of approximately 2 , 500 naut ical miles after 
the transposition but prior to docking . 

The three beam widths are derived as follows : The wide beam 
width is provided by using a crossed dipole array; the medium 
beam width by using one of the 31- inch parabolas ; and the narrow 
beam width by driving the four 31- inch parabolas in parallel . 

Figures 10 and ll represent the VHF systems for the CSM and LM .  
These two systems are essentially identical in  that both utilize 
a transmitter and receiver at 296 . 8  MC , and a transmitter and 
receiver at 259 . 7  MC . Usage of these equipments will be explained 
later . The CSM VHF Omni system consi sts of two sc imitar elements 
located on the Ascent Stage . Note that the 1M has an additional 
VHF antenna whi ch is used for Extra Vehi cular Crewmen ( EVC ) 
communications . This antenna is a discone mounted on an erec
tible boom located on the As cent Stage . EVC s ignals are picked 
up by the 259 . 7  MC receiver, de-modulated, and then used to 
modulate the S-Band link to earth.  

Figure 12 presents the equipments used on board for recovery 
phase communications . These equipments cons ist of an HF trans 
ceiver/beacon,  a VHF beacon, and a VHF survival trans ceiver/beacon . 
This latter equipment is provided as part of the astronaut ' s  
survival equipment package . In addition, the 296 . 8  MC trans
mitter and receiver is used for two-way voice communications 
during the recovery phase .  These equipments are used with three 
antenna systems whi ch are erected during the recovery phase .  The 
HF recovery antenna is a 16-foot spring steel leafed antenna 
which is erected following attainment of spacecraft Flotation l 
pos ition . The two VHF recovery antennas are approximately 14 
inches long, are made of spring steel such as is used in measuring 
tapes ,  and are erected immediately following main parachute deploy
ment in order to allow maximum range communications with recovery 
forces . One of the recovery antennas has a manual connection 
provis ion which will allow use of the astronaut ' s  survival 
transce iver/beacon with the spacecraft antenna. 

Figures 13 and 14 present the pertinent parameters of the two 
S-Band systems . The CSM utilizes a coherent transponder oper
ating at the frequencies shown on Figure 13 and a separate S-Band 
transmitter operating at 2272 . 5  MC . These radio equipments 
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operate w ith e ither S-Band Ornni antenna sy stem or the High-Gain 
antenna . Three RF power transmi s s i on modes are available : 250 
milliwatts , 5 watts,  and 20 watts . Power level i s  s t� l ,� ct ed as 
a funct ion of r ange and data rate . 

The LM S-Band s ystem ut iliz e s  a c oherent transpcmd<� r ,  operating 
at the frequenc ies shown on F igur e 14 ; no sepacn. L r  �-ransmi tter 
is provided . Thi s  system is us ed in conJunction H i t L  one of 
the three LM antenna systems : the Ornni .. In -Fli e;ht lligh-Gain, or 
the Lunar Surface Ere ct ible Antenna . Tvro RF pow::c levels are 
prov ided : 750 millhmtts and 20 watts .  Power le··i e 1  S(-olection 
for t he LM i s  based on data rate and l andw idth r c qu :i_r cment s .  
The erectible antenna is us ed for pr ime power c ow:; . • ·v at i oL and 
als o  to allovr the transmiss ion of h igh qw:tli ty r e a l - t ime t e l e 
vis ion pi ctures from the lunar surface . 

Figures 15 and 16 pres ent the characteristics  of t>'llc hw VHF 
s ystems . PoHer output for all transmitters is 5 H<:L t s  each . 
Each in- flight antenna s ystem c onsists of t'Tv rad iating elements 
which allow e s s entially omn id ir e c t ional cov crac:c . The CM als o 
has two VHF recovery antennas and the LM ha.s one VIEc ant enna 
for EVC operat ions . 

Figure 17 presents the character i s t i c s  of the HF recovery equip
ment . The transmit and r e ceive frequencies arc 10 . 006 MC for 
both vo ice and beacon . Transmi s s ion pouer and _peak- envelope 
power is 20 watts in the s ingle- s ideb and mode and 5 watts in the 
double- sideband mode . The antenna used is the 16- foot erect ible 
whip . 

The Launch Vehi cle ill' requirements are presented in ?iguT e s  18 
and 19 . The VHF telemetry requirements are met �y fifteen 
transmitters located by stage as shmm . Power output for each 
transmitter i s  18 watts through an Ornni antenna s y st em . 

The C-Band tracking requirements for the launch vehicle are met 
us ing a pulse -type radar transponder and an k· u s CJ.  transponder . 
The launch vehi cle S- Band system ·L s much like that �J:f the CSM in 
that it cons ists of a (�oherent transponder and a s eparate FM 
transmitter operat i ng at the frequ :nc ie�; shm-m hc�n: . Note that 
the fre (1uencies of 1 he c oherent tr msponder arc the s ame as thos e 
of t he LM. However, no frequency interference prol1lems are e.x"Pec
ted due t o  the phys i cal s eparat ion of t ,he  lauw:h veh i cle and LM 
when the LM s ystem i s  a<_:tivat ed .  Both launch vehi cle S-Band 
transmitters operate at 20 watts throuch Omni antenna systems . 

Fic,u.re 20 des cribes the Lunar Surface Exper iment Package ( LSEP) . 
The uplink frequency of thi s paclm[;e i c;  2119 J.1(; , cmd three 
downlinks are shown . Hm.rever , a s ingle LSEP will unly ut ilize 
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one downlink at a t ime . Since the lifetime of these pac kages 
is one year , it is expe cted that dur ing a year mult iple LSEP 1 s  
will be operating s imultaneously. Power output for each package 
i s  one watt through a heli cal antenna . Des ign life of the 
packages is one year with 100 per cent ut ilization .  All experi
ment [3 :rre mult iplexed on one PCM downl ink channel at 106o bits 
per se cond to a 30 -foot MSFN antenna . The uplink command system 
provides for system on-off, exper iment act ivation, experiment 
moue changing, and additional command capabilities not yet 
allocated .  

The communi cat ions capabilities provided by the combined space 
vehicle can be summarized as follows : 

1 .  Earth-Spacecraft two-way voice .  

2 .  Earth- Spacecraft-EVe voi ce relay and conference . 

3 . Telemetry from launch veh i cle, spacecraft modules ,  and 
LSEP to eart h .  

4.  Updata to launch vehicle, CSM, and LSEP from earth . 

5 . Tracking informati on enabling utilization of ground
based navigation capabilitie s . 

6 .  Television from the CSM and the lunar surface to earth . 

7 · Re corded data and voice playback from CSM to earth . 

8 .  Recovery location aids . 

Figures 21 and 22 present the primary and secondary means of 
providing voi c e  communi cation between the Spacecraft Modules ,  
EVC 1 s  and the MSFN . The pr imary communication link between the 
Modules and the MSFN in-flight are the two S-Band coherent sys 
t ems . In addition, in-flight , the CSM has the ability to dump 
via the S- Band FM transmitter any recorded data that it has 
acquired . For recovery, CSM has additional voice capabilit ies 
at 243 . 0  MC and 10 . 006 MC . The backup voi ce capab ilities between 
the modules and earth are provided by the redundant S-Band systems 
in each Module . In addit ion, the CSM 296 . 8  MC equipment can be 
us ed as a second vo ice backup during earth orbital phases of the 
lunar mis s i on .  

The CSM-LM primary voi ce communications are provided with the 
296 . 8  MC equipments in the Modules .  The backup to this s ystem 
is provided by us ing the remaining VHF equipments as required 
dependi ng on the nature of the failure experienced . Voi c e  
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communications b etween the modules and an EVC are provided by 
transmitt ing to the EVC at 296 . 8 MC and receiving at 259 . 7  MC . 
The backup to this system re sults in a reversal of thes e two 
frequenc ies . This frequency reversal was found neces s ary in 
order to reduce the phys ical s i z e  and complexity of the suit 
equipment . 

F i gure 23 i llustrates the voice relay and conference capabili
ties provided by the Spacecraft-EVC -MSFN equipment s .  The 
s implest way to des cribe the s e  c apabilities is to s ay that, 
given the condit ion of one or two EVC 1 s  on the lunar surface 
and the CSM in line - of- s ight of the LM, any party in the loop 
can talk to any other party in the loop by relaying through the 
modules and ground stat ions as required .  Any party can interrupt 
a conversation whi ch is going on merely by speaking up . It is 
impos s ible for any party to lock up the system and prevent another 
party from entering it , such as has happened in previous manned 
space flights . 

The space vehicle telemetry capabilities are pr es ented in Figure 
24 . Primary telemetry capability is prov ided for the launch 
vehi cle during the launch and orbital phas e s  us ing the VHF/PCM 
equipment , and during inj e ct ion and post- inject ion us ing S-Band/ 
PCM equipment . Dur ing launch, there is no bac kup to the VHF 
capability . In orb it , the S-Band FM transmitter provides a 
backup to the VHF equipment . During the inj e ction and post
inj e ction phas e s ,  the coherent S- Band system in the launch 
vehi cle provides a backup to the S-Band transmitter . 

Primary telemetry transmi s s ion for the CSM and LM are provided 
us ing the coherent S-Band equipment s .  In addit ion, the CSM can 
dump recorded data via its s eparate FM transmitt er . The LM 
transmits low bit rate te lemetry from the LM and the CSM dur ing 
des cent and as cent for re cording and subsequent to playback to 
earth . The backup to the two S-Band systems are the redundant 
equipments ;  als o ,  the two Module telemeters ut i lize both block 
and c ir cuit redundancy . There is no bac kup to the LM-to- CSM 
low b it rate capab ility . · 

Telemetry is received in the primary mode for the EVC over the 
259 . 7  MC carr ier and relayed by the appropriate Module to t he 
earth at S-Band . There is no backup to EVC telemetry capability . 

The pr imary launc� vehicle tracking aids during launch and orb it 
phas es are the C-Band and Azusa transponders as shown in Figure 
25 . During the inj e ct ion and pos t - injection phas es , the CSM 
S-Band system is the pr imary tracking system for the launch 
vehi cle . Backups for the launch vehi cle for tracking are as 



shown here . Primary tracking for the CSM and the LM is provided 
by the S-Band coherent equipments .  These equipments allow the 
MSFN to two-way doppler tracking and ranging on the spacecraft 
Modules . The range ambiguity inherent in two-way doppler tracking 
is resolved by transmitting a particular type of pseudo-random 
binary code, called a Ranging Code, to the vehicle-borne trans
ponder where it is turned around and retransmitted to the MSFN. 
The code length is greater than the round-trip trans it time to 
the moon . Comparison of the in-coming code at the MSFN station 
with a stored model of the code allows range ambiguity resolution . 
The backup for these primary equipments for tracking are the 
redundant equipments on each Module . 

Primary equipment us ed by the launch vehicle for updata is the 
S-Band coherent system and a digital decoder, and backup capa
bility is provided by its inherent redundancy. The primary sys
tem for updata in  the CSM is provided by  the coherent S-Band 
receiver and a Digital Command Decoder . Capabilities provided 
by this system are as shown in Figure 26 . The backup to the RF 
equipment supporting this capability is the redundant S-Band 
receiver ; there is no backup to the decoder . The voice link 
will provide the necessary redundancy for computer update and 
real time commands . 

There is no updata capability provided for the LM. 

The real time ground command functions to the CSM for control 
of the data system are as shown in Figure 27 . Note that the 
reset switch command resets all switches to the pos ition that 
they were in prior to the transmission of any real time commands . 

The next several figures present a review of the usage of the RF 
systems by miss ion phase .  Figure 28 illustrates the use of the 
coherent S-Band system and a s eparate S-Band transmitter in 
conjunction with the S-Band Omni antenna system during the ascent 
and earth orbital phases of the mis sion . Figure 29 illustrates 
the usage of these  same equipments for the translunar and trans 
earth coast phases,  but note that during these phases these  
equipments are normally operated in conjunction with the High
Gain antenna on the CSM, rather than the Omni . Failure in the 
High-Gain antenna would require use of the Omni antenna result ing 
in the necessity of changing to the low telemetry bit rat e .  
Figure 30 illustrates the usage o f  equipments when the CSM and 
LM are separated but with the LM not yet on the lunar surface . 
The s ignificant difference here is that the LM communicates 
directly with the CSM by two-way voice and VHF telemetry trans 
mis sion during descent and as cent phases as well as with the 
MSFN at S-Band . 
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Also shown on this f igure; arc the frequencies u� cr.l i "v l 1 e  CSN 

and an EVC . The next two figures , 31 anu. 32, i J.. .l. u.'  · .  ' ' c"r� c ormnuni -

cations betveen the earth anll th e two 3:9c, c r_: c raft i , ,J, :3 vi tb 
the LM. on tl'le lunar surfa.: 8  und one E V  C out ccmo. \·i i � . - ,  L . .  o EVC ' ::;  
out . Tne fr equency ut i l iz at j_on shmm here i c3 t ,-,,� : · :cJ'J a ::; th;lt 
previ ous ly des cr it,cd . i-lowever , s houlu Il·l r c c.·c i \·Tf' rt}! L u .r· C!  c;:-· 
interference problems o c cur vri th t,.,ro EVC ' s  out , � b- .b'VC.: not 
transmitting teh:metry can manually .:;VJil :h to l 1 L: r . : ' rcr c e  
fre quency equipment s ,  vrhi ch •t�ill alloH 'Jm t .l , ·c.n'y o n  uup lex 

vo i c e conrrnunicat ions VTith the other EVC . 

The next c;roup of f igures present the pcrc cnt2�::_ 0 :;; 1.r a i l ab i l it y  

of functi onal c apab ili t ics by miss ion phas es . i·J l'crr ing to 
Figur e s  33 and 3!J. , dur ing launch,  injection anu t 1·ar1s lunar 

ins ert ion, the pr imary functions of voice,  h i�j1 lr i t  r at e 
telemetry, ranging , tracking , and updata ar e a'rui lal l rc· 100 per 
cent of the time . No playback vlill be uti lized du:c�nc2· the s e  
phas e s . The 26 per cent figures shown for par}dnc: or b it are 
based on the c overage capab il ity for the f ir st t�oro orl, its of 
the nominal mi s s i on .  The ground-tracking c apability is als o  
shown a s  being 26 p e r  cent . Th e  74 p e r  cent f i gun· s hown for 
low b it rate telemetry vras derived by as swnine; cont inuous lovr 
b it rate r e cording vrhen the CSM is in line - of - s ight of a ground 
station . The 20 per c ent f igure for playl�acl\. i s  s l i e:htly less 
than the 26 per cent f igur e for the other function::.; L e c aus e play
back to a MSFN stat i on 1-ri ll not begin unt l l  lock Ull uf the pri
mary system has been achieved . In Figure 34 n o t e  that vo i c e ,  
tracking and upuata capabilit ie s  are ava i lable 100 per c ent of 
the t ime for the three mi s s ion phas es sho1m . 'l'he f'crccntages 
s hovm for telemetry transmi s s ion are based on norl'l1C.l transmi s s i on 
of lovr b it rate telemetry vrith short period i c  transmi s s i ons of 
high bit rate telemetry in order to cons erve prime povrer during 
the c oast phas es . The one per c ent figure s hown for ranging on 
b oth of the s e  charts is representative of the fact that very 
l ittle actual ranging is requ ired in order to maintain a valid 
range tally . Tne tlw per cent figure shovrn for TJ is a 
gues s t imate of actual TV usage vrhi ch has not yet been uetermined, 
and is not c aus ed by any limitat i on of equipment or povrer 
availab i lity .  

The next four figures,  Figures 3 5  through 38, pre s ent the lunar 
phas e communi c at ions usage . The s e  f igures are s elf- explanatory 
once it is understood that the 6o per cent fie:urcs are bas ed on 
t he fact that for 4c per c ent of a lunar orb i 1.� the modules are 
behind the moon . The nwnb ers shown for t e lev:i .:c i on usae;e, both 
in lunar orb it and on the lunar surface ,  are aga in lwe s st imates 
and again do not repres ent e ither e quipment or pov : · l irr.i tat ions . 
The normal operati on for LN telemetry transmi s s ion : ur ing des c ent 



and as cent i s  for the LM to transmit low b it rat e t el emetry to 
the CSM at any t ime that t he LM is not in l i ne - o f - s ight of the 
MSFN . Whenever LM-MSFN s i gnal lock-up i s  ac h i eved, the LM will 
iMoed iately switch t o  h igh bit rate for transmi s s i on d ire ctly t o  
the MSFN v i a  S- Band . 

Figure 39 pres ent s capab i l it y  ut iliz at ion fo.· tran s e arth c oast 
and entry phas e s . The s ame c omment s as appl i ed t o  F i gure 34 
apply her e . F i gure s  4o and 41 i llus trate t h e  ut i l i z a t i on o f  
equi pment dur ing t h e  r e c overy pha s e . The HF e quipment i s  us ed 
for long range direct ion f inding ; the VHF equipments are used 

for short range d ir e c t i on f i nd i ng and communi cat ions with re cov
ery aircraft and ships . Finally, a sw immer hardl ine i s  ava ilable 
to allow dire ct v o i c e  commun i c at i ons b etween t he astronaut s in 
the command module and frogmen in the water . In Figure ln , the 
l 1D per c ent ut ilizat i on of t he V'dF be acon i s  achieved by a power 
programmer whi ch automat i c ally cut s the power on f or two s e c onds 
and off for three s e c onds cont inuously f or 48 hours . Manual 
programming is employed to enable ut i l i z at i on of the HF equip
ment in the following manner : s ix minut e s  of c arrier trans 

mi s s ion, hro minut e s  of s ingle s ideband v o i c e  transmi s s ion, and 
52 minut e s  l i s t en only, repeat ed hourly for 48 hours . Thi s  
power programming i s  r equired in order t o  provide 48 hour p o s t 
landing recovery c ommun i cat i ons c apab ility.  

The last f igure pres ents the s t atus of the Uni f i ed S- Band 
Compat ibility Tes t  Progr am be ing conducted at the Manned Spac e 
craft Center w i t h  t he c ooperat ion of Goddard Spac e  Flight 
Cent er, Marshall Space Fli ght Cent er, Jet Propuls i on Laboratory, 
and contractor pers onnel . The Blo c k  I Engineering Model ,  Block II 
Engineering Model, Launc h  Veh i cle Command and Commun i cat i on Syst em, 
and Blo ck I Product ion Model compat ib i l ity t e s t s  ( us iRg an acutal 
MSFN r e c eiv ing s ys t em) have been c omplet ed, and post-test report s 
have all b e en i s sued except for the latter test report wh i c h  i s  
due t o  be pub l i s he d  i n  early Jul y .  The Block II CSM-MSFN c ompat i 
b ility t e s t  began upon r e c e ipt o f  the Blo ck II S- Band commun i c at i ons 
s ys t em .  Th e  t;ap in the Blo c k  I I  t e s t  pro gram re sult s from lend ine; 
GDcJdard Spac e  Flight Center the Blo c k  II e quipment for fly-by 

t e s t s . 
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Questi ons and Answers 

COMMUNI CATIONS 

Speake r :  Douglas R .  Broome 

1 . Can t he t ransmi s s i on from the lunar surface experiment s  
pa c kage b e  re c eived during the as cent pha se a nd during 
c onclus i on of mi s s i on ?  

ANSWER - Yes . 

2 .  Will s e c ond lunar landing a ffect the ope ra t i on of the 
first lunar surfa ce experime nt s  package ? 

ANSWER - No . A di ffe rence in transmitting fre quency 
ha s been made . 

3 .  Why i s  TV use d  only 5%  of the time ?  

ANSWER - Usage i s  based on power limitat ions . 
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V O I C E  L B R  L M  
P C M  DATA ! 

TO R E C O R D E R  
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N A S A - S - 66 - 6 8 4 3  J U N  

2 9 6 . 8  M C  
XMTR 

V H F  I N - F L  T 
O M N I  A N T E N N A  

VHF  MULTIPLEXER 

296 . 8  MC 
R C V R  

2 59.7 MC 
XMTR 

2 5 9 .7 MC 
R C V R  

LM TELECOMMUNICA liONS SUBSYSTEM CONTROLS � t l 
V O I C E / SU IT 

DATA 
LBR PCM 

DATA 

N A S A - S - 66 - 6 84 1 J U N  

� 

H F  RCVY 
A N T  

u 

H F  
X C V R /  

B EA C O N  

V H F  R C V Y  
A N T  

c1 

V H F  V H F  S U R V  
R C V Y  X CV R /  

B E A C O N  B E A C O N  

V H F  R C V Y  
A N T  

\7 

l V H F  M U L T I P L E X E R  � 
296 . 8  M C  2 9 6 . 8  M C  

X M T R  R C V R  

CSM TELECOMMUNICA liONS SUBSYSTEM CONTROLS � · · -

1 
V O I C E  
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N A 5 A - 5 - 66 - 60 3 6  M AY 

5- BAND- CSM 

e F R EQ U EN C I ES: e U P  L IN K - 2 1 06 .4  MC COHERENT PAIR  
e DOW N L I N K - 2 287 . 5  MC 

e DOW N LI N K- 2 27 2 . 5  MC 

e A N T E N N A S: e 4 O M N I  

e POW ER:  

N A S A - 5 -66 -6027 MAY 

e 1 H IGH GAIN (W ITH R F  TRACKING] 

e LOW � W ATT 

e M E D  5 WATTS 

e H IGH 20 W ATTS 

POW ER LEVEL  S ELECTED AS A FUN CTION 
OF RANGE AND DATA RATE 

5- BAND-LM 

e F R EQ U EN C I ES: e UP L I N K  2 101 . 8  MC COHERENT PA I R 
e DOW N L I N K  2282 .5  MC 

e A N T E N N A S :  e 2 OMNI 

e POW ER:  

e 1 H IGH  GAIN (W ITH RF TRACKING] 

e 1 H IGH GAIN ERECTAB L E  (SU R FACE] 

e LOW 3� WATT 

e H IGH  20 WATTS 

POW E R  l E V E l  S E l ECTED AS A FUNCT IO N 
O F  DATA RATE .  E R ECTAB l E  ANTEN N A  
U S E D  F O R  POWER CONSE RVATIO N .  
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NASA-S-66- 6038 MAY 

VHF - CSM 

e FREQUENCY: • 296.8 MC 

e 259.7 MC 
DUPLEX 

e 243.0 MC - RECOVERY (VO ICE/ BEACON ) 

e POW ER: e S WATTS 

e ANTENNAS: e 2 F L I G HT !ON SM) 

• 2 RECOVERY !O N CM) 

N ASA-S -66- 6037 MAY 

e FR EQ U ENCY: 

e POW ER : 

e ANTEN N A S : 

446 

V H F - LM  

e 296 . 8  MC 

e 259.7 MC 

e 5 WATTS 

D U P LEX 

e 2 O M N I - F L I G H T  

e 1 O M N I - E V A  



N A S A - 5 - 6 6 - 5 0 6 0  J U N E  1 

H F - C S M  

e F R E Q U E N C Y  1 0. 006 M C  R E C O V E R Y  
( V O I C E / B E A C O N )  

e P O W E R  

• A N T E N N A  

N A S A 5 6 6  5 G 2 8  J U N E  I 

20 W ATTS I N  S S B  

5 W ATTS I N  DSB  

1 OMN I  

V H F - L A U N C H  V E H I C L E 
e F R E Q U E N C Y  

2 3 1  9 M (  I 2 5 2  4 M (  
2 4 0  2 M ( 
2 3 5  0 M (  \ S J C  

2 5 6 . 2  M (  
2 4 4 3 M (  
2 4 1  ) M (  I s - I I  
2 3 4 . 0 M (  
2 9 9  9 M (  
2 4 8  6 M (  ) 2 3 6  2 M (  
2 5 3  8 M (  : S J V B  
2 5 8  5 M (  
2 5 0  7 M (  I I U 
2 4 5  3 M ( I 

e P O W E R  
1 8  W A T T S  

e A N T E N N A  
O M N I  

F :r;ure l(\ 
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NA SA - S - 66 - 5 0 2 7  J UN E  1 

LA U N C H  V E H  IC L E  (CO N T} 

e C - B A N D  T R A C K I N G  

F R E Q U E N C Y  5 7 6 5  M C  

5 0 0 0  M C  

R A D A R  

A Z U S A  

e 5 - B A N D  ( U P  D A T A ,  R A N G I N G  & T R A C K I N G )  

F R E Q U E N C Y  2 2 8 2 . 5  M C  T R A N S M I T 

2 1 0 1 . 8 M C  R E C E I V E  

P O W E R  2 0  W ATTS 

A N T E N N A  O M N I  

• S - B A N D  TELEMETR Y 
F R E Q U E N C Y  2 2 7 7 . 5 M C  

P O W E R  2 0 W AT T S  

A N T E N N A S  O M N I  

E• . t :. I J l'•.: 1. ' 

N A S A - S - 6 6 - 50 6 2  J U N E  1 

LU N A R S U R F A C E  E X P E R I M ENTS P A C K A G E  

e F R E Q U E N C Y 

e P O W E R  

e A N T E N N A  

e D E S I G N  L l  F E  

e D E S I G N  U S A G E  

U P L I N K  2 1 1 9  M C  

D O W N l i N K  2 2 7 5 . 5 ,  2 2 7 6 . 5  & 2 2 7 8 . 5  

1 W ATT 

H E L I C A l  

1 Y E A R  

1 0 0 %  

e O N E  P C M  D O W N L I N K  C H A N N E l  W I TH 
A L L  E X P E R I M E N TS M U L T I P L E X E D  

e T R A N S M I T S  A T  N O R M A L  B I T  R A T E  O F  1 06 0  
B P S  T O  A 3 0  F O O T  A N T E N N A  

e U P L I N K  C O M M A N D  C A P A B I L I T Y  
• S Y S T E M  O N - O F F  
• A C T I VA T E  E X P E R I M E N T S  
• C H A N G E  E X P E R I M E N T  M O D E S  
• ( C O M M A N D  l i S T  T O  B E  D E T E R M I N E D B Y  

E XP E R I M E N T  R E Q U I R E M E N T S ) 
:F'::.· - .re ;� 
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N A S A - 5 - 6 6 - 6 6 2 8  J U L  6 

V O I C E - P R I M A R Y 

CSM 

CSM-EARTH 

S - BAND  DUP L EX  
2 4 3 . 0 M C  RCVY  

1 0 .006 MC RCVY  
296 . 8  MC RCVY  

S - B A N D  TAP E  DUMP  

CSM-lM 

2 9 6 . 8  MC S IM P L E X  

CSM-EVA 

296 . 8  MC TRANSM I T  
2 5 9 .7 MC R E C E I V E  

lM 

lM-EARTH 

S - BA N D  D U P L E X  

lM-CSM 

2 9 6 . 8  MC S IMP L EX  

lM-EVA 

2 9 6 . 8  MC TRANSMIT  
2 5 9 .7 MC R E C E IV E  

N A S A - S - 6 6 - 5 0 6 9  J U N  

V O IC E  - B A C K U P 

C SM 

C SM-EA RTH 
R E D U N DA N T  

S - B A N D  
X P N D R S  
A N D  P W R  
A M P S  

2 9 6 . 8  M C  
N E A R 
E A RTH 
O N LY 

C SM-LM 
A LT E R N ATE 

VH F 
E Q U I PM E NTS 

C SM-EVA 
2 5 9 . 7  M C  

T R A N SM I T  
2 9 6 . 8  M C  

R E C E I V E  

449 

LM 

LM-EA RTH 
R E D U N DA N T  

S - B A N D  
X P N D R S  
A N D  P W R  
A M P S  

LM-CSM 

A LTE R N AT E  

V H F  
E Q U I PM E N T  

LM-EVA 

2 5 9 . 7  M C  
TRA N SM I T  

2 9 6 . 8  M C  
R E C E IV E  



N A S A - S -6 6 - 5 0 6 8  J U N E  1 

V O IC E R E LA Y  A N D  C O N FE R E N C E  

e RELAY 

• EVA -C S M -E A RTH lO N E  
EVA O U T) 

• EVA -CSM-E A RTH  [TW O 
EVA ' S  O UT)  

• EVA - LM-EARTH [O N E  
EVA O U T) 

• EVA - LM - EARTH  (TW O 
EVA ' S  O U TI 

• EVA -LM - EVA 

• LM- E ARTH-C S M  

• C S M- E ARTH- L M  

• EVA -LM-E A RTH-CSM 

e C O N F E R E N C E  
• LM � EARTH -CSM 

• EVA - LM-EARTH-CSM 

• E VA -CS M - E A RTH 

NASA- 5 - 6 6 - 5 0 2 6  J U N E  1 

TELEMETRY 
SYS 

P R IMARY  

SECO N D A R Y  

L / V  

LAU NCH 
VH F / PCM 

O R B I TA L  
V H F / PCM 

POST  
I N J ECT ION  

S - B A N D  I 
PCM 

L A U N C H  
N O  BACK -
UP  

O R B I TAL 
S - B A N D  I 
PCM 

POST  
I N J E C T I O N  

S - B A N D I  
COMMAND  
& COMMU -
N I CA T ION  
SYSTEM 

CSM 

S - BAND  
CARR I E R  

[ REAL - T IME  
XM SN I  

S - BAND  
CARR I E R  

[TA P E  
DUMP )  

R E DUNDANT  
S - B A N D  
E Q U I P -

I ME NTS  

R EDUNDANT  l 
PCM B LOC  
C I RCU I TRY  

LM E V A  

S - BAND  2 5 9 . 7  MC 
CARR I E R  CARR I ER ,  
[ R EA L - T IME  REC E IVED  I N  
O N LY )  LM OR CSM 

VHF XMSN AND RE LAYED  
TO EARTH OF L B R  TLM V I A  S -BAND DATA TO OVE R  THE CSM F O R  R EA L -T IME  R E CO RD VO ICE  AND  P LAY SUBCAR R I E R  B T O  E A RTH 

AS FOR 
BLOCK ll 
CSM !NO 
BACKUP N O N E  
F O R  LM - TO -
CSM TLM 
XMSN)  



N ASA - S - 6 6 - 5 0 2 5  J U N E  I 

TRAC K ING 

SYS L/V C SM LM 

L A U N C H  
C - B A N D L U N A R  M I S S I O N S  S A M E  
A Z U S A  SYSTEM 

S -B A N D  X P N D R  
AS 

P R I M A R Y  O R B I T A L  F O R  
C - B A N D  R A D A R { 2 - W A Y  CSM 

POST I N J E C T I O N  C O H E R E N T  DO P P L E R )  
sc S - B A N D  P L U S  R A N G  l N G )  

L A U N C H  
C - B A N D  R A D A R  R E D U N D A N T S A M E  

A S  
S E C O N D A R Y  O R B I T A L  

S - B A N D  F O R  
S C  S - B A N D  C SM 

P O S T  I N J E C T I O N  E Q U I P M E N TS 
C - B A N D  R A D A R  

" c, ,  r;. r , 

N A S A - 5 -66 - 5 0 2 4  J U N E  

U P-D A TA 

S Y S  L / V  C S M  L M  

S - B A N D  C O M - S - B A N D  D I G I T A L N O  U P D A T A  
M A N D  A N D  C O M M A N D  C A P A B I L I T Y  
C O M M U N I C A - S Y S T E M  

P R I M A R Y T I O N  S Y S T E M  
A l l  P H A S E S  • R T C ' S  

• C T E  U P D A TE 
• C O M P U T E R  

U P D A T E  

R E D U N D A N T  
S - H A N D  R C V R  

B U I L T I N  N O  R E D U N D A N T  
S E C O N D A R Y  R E D U N D A N C Y  D E C O D E R  

!V O I C E  L I N K  I S  N / A  
R E D U N D A N T  
F O R  C O M P U -
T E R  U P D A T E  
& R T C ' S )  

, .  
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NASA - 5 -66-5023 J U N E  1 

R E A L  T I M E  G R O U N D  CO MMA N D  

FU N C T I O N S  TO C S M  

e F L I G H T  C R E W  A L A R M  S I G N A L 

e P C M  D ATA RATE  

e S - B A N D  P O W E R  

e S - B A N D  RA N G I N G  

e S - B A N D  T A P E 

e S - B A N D  P C M  O N - O F F  

e T A P E  R E C O R D E R  

e R E S E T S W I T C H  

e A B O R T  R E Q U E ST L I G H T  

e S W I T C H  A N T E N N A  (H I G H  G A I N  
T O  O P P O S I T E  OMN I )  

NASA-5 -66-6001 MAY 

( 

ASCENT & EARTH ORBIT COMMUNICA l iONS 

-PRIMARY 

--
·······

·
BACK UP 

VHF OMNI (2 )  D .. ...-
V H F  ( 2 9 8 . 6  MC) TWO-WAY SIMP���

-

VO IC_� ........... ....... f. .. .. . . ... ......... \1 • 

�;:
·
��-��--;�;-�;:�

·
-:�; 

.. 
�-��-�-.--�-�·=:

·
·
�R;��

·
;:·� , RANG lNG 1 ' 

S - B A N D  ( 2 2 7 2 . 5  MC) T V  SC IEN DATA, OR T A P E  P L A Y B A C K  

T A P E  P l A Y B A C K ,  H C O R D E D  CSM VOICE , 
PCM ,& SC I EN D A T A  

� 52 
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N A S A - S - 66 - 6 6 2 9  J U L  6 

TRANSLU NAR AND 

TRANSEARTH C OAST COMMU NICATIO NS 

S-BAND (2272.5 MC) T V  SC I E N  DATA 
OR TAP E PLAYBACK 

' 

5 - BA N D  ( 2 1 06 .4  MC) V O I C E ,  DATA, 
T R A C K I N G ,  R A N G I N G  

5- B A N D  (2287 .5MC)  V O I C E  

'':':' .. I�s.;..' :  � .. �.� •.' � ';; ·�·N·�' Nc;. ;r. : : :� 
N D 
J I ..> ......... �--�� 

-- PRIMARY 
······· ··· · ·  BACK-UP 

O M N I  

N ASA-S-66-6018 MAY 

CSM-LM EARTH COMMUNICA liONS LINKS 

5-BAND (2287 .5 MC) VOICE, PCM 

CHBR, TRACKING, RANGING 

- PRIMARY 
--········BACK-UP 

L---- S-BAND 
HI GAIN ANT 

S-BAND (21 01 .8 MC) VOICE 

VH F 
2 5 9 .7 M C  
DATA 

� I 
·� . ' . ' ... ' --. -

' ·  

-s s:: 
S-BAND (228 2 .5 MC) VOICE, PCM, TV, EVA RELAY 
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PR IMARY  

Fi gure 31 

NASA-S-66-6005 MAY 

( .\,e�AL EVA-BACKUP MODE VOICE �f � A

. 

ND B IO-MED 

L --..._5-B A N D�
-� �ID 

5 - B A N D  

I I 
EVA N O . 2 

S E C O N D A R Y  
M O D E  



N A S A - S - 6 6 - 5 0 6 7  J U N E  1 

ASC ENT A N D  EA RTH 
ORB IT C OMMU N IC ATION S 

LAUNCH EARTH TO 
TRA N S -
LUNAR 

I NJEC - PA RK ING INJEC -
T ION O RB IT  T ION 

S-BAN D  - VO I C E  1 00% 26% 1 00% 

S-BAND - H IGH B IT  RATE TELEM ETR Y 1 00% 26% 1 00% 

S-BAND - LOW B IT RATE TELEMETRY N/A 74% N /A 

S-BAND - RANGING 100% 1 %  1 00% 
S-BAND - TRACKING 100% 26% 1 00% 
S-BAND - UP DATA 1 00% 26% 1 00% 
S-BAND - V O IC E/DATA PLAYBAC K 0% 20% 0% 
VHF - V O I C E  1 00% 26% 1 00% 

N A SA - S - 6 6 - 6 6 2 1  JUL 6 

TRA NSLU N AR C OAST C OMMU N IC ATION S 

T R A N S- M I D  LU N A R  
L U N A R  

C O U RS E  O R BIT • 
C O RREC-

C O AST T ION I N S E R T I O N  

S-BA N D  - V O I C E  1 00% 1 00% 1 00% 

S-BAND - H I G H  B I T  RATE  T E L E M E T R Y  1 0% 1 00% 1 00% 

S-BA N D  - LO W B IT RATE  T E L E M E T R Y  90% N /A N /A 

S-BA N D  - R A N G I N G  1 %  1 00% 1 00% 

S-BA N D  - T R A C K I N G  1 00% 1 00% 1 00% 

S- BA N D  - UP D ATA 1 00% 1 00% 1 00% 

S-BAND - V O I C E / O A T  A P L A Y B A C K  A S  REQ'D AS REQ'D AS REQ'D 

S -BAND - T E L E V I S I O N  2% N /A N / A  

• W H I L E  I N  L I N E  O F  S I G H T  O F  M S F N  
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N A S A - S - 6 6 - 66 2 7  J U L  6 

LU N A R  P H A S E  C OMMU N I C A T I O N S  

D U A L  S O L O L U N A R  D E S C E N T  L U N A R  C OA ST 
O R B I T  

. 
C O A ST C S M  L M  

S - B A N D  - V O I C E  6 0 o/o 6 0% 60% 

S -B A N D - H I G H  B IT  R A T E  1 0 % 1 0 % 1 0 % T E L E M E T R Y  ' 

S - BA N D  - L O W  B I T  R A T E  5 0 %  5 0 %  5 0 %  T E L E M E T R Y  

S - B A N D  - T R A C K I N G  6 0 %  6 0 %  5 %  

S - B A N D  - R A N G I N G  1 %  1 %  1 %  

S - B A N D  - U P  DATA 1 00% 1 00% N / A  

C S M L M  

60% 60% I 
I 

6 0 %  I 6 0 %  

� 
O o/o 0% 

I 
I - --� - -· :·- -

6 0 % . 6 0 %  
- J __ __ __ 

1 %  i 1 %  

STA Y 
( L M l  

1 00% 

5% 

9 5 %  

1 0 0% 
-- --

1 %  

N / A  
----

1 00%t/ A  
----- --- . 

- �  ---S - B A N D  - V O I C E / D A T A  
P L A Y B A C K  1 0% 1 0 %  N j A  1 0 o/o i N j A  N / A  

-- - --

S - B A N D  - T E L E V I S I O N  2 %  N / A  N / A  N / A  

N A SA - S - 6 6 - 6 6 1 9  J U L  6 

L U N A R  P H A S E  C O M M U N I C AT I O N S  

D U A L  
L U N A R  
O R B I T  
COAST  

V H F  - VO I C E  

V H F  - T E L EM E T R Y  ( LM TO CSM )  
--

L U N A L  S U R F A C E  E X P E R I M E N T  
PACKAGE  

SOLO 
COAST  D E S C E N T  

CSM LM CSM LM 

1 O o/o 1 O o/o  1 0 0% 1 00% 
- - ----- - --

- - -- -- - --

N J A  
-- -

I 

140���� 

N / A  

L U N A R  
STAY  
( LM 1 

1 O 'fo 

N J A  
�--* 90% 

* L S E P  D E S I G N ED  FOR  CON T I N U O U S  O P E RAT ION  O N  L U N A R  SU R FACE  
FOR  O N E  Y E A R  

5 %  



N A S A - 5 - 6 6 - 5 0 8 1  J U N  3 

LU N A R  PH A S E  C O MM U N I C AT I O N S  
R E N D E Z V O U S  T R A N S.  

A SC E N T  & E A R TH 
D O C K I NG I N J E C-

T I O N  
C SM L M  C S M  L M  

S - B A N D  - V O I C E 6 0 %  6 0 %  0 %  0 %  1 0 0 %  

S - B A N D - H I G H  B I T R A T E  6 0 %  6 0 %  0 %  0 %  1 0 0 %  T E L EM E T R Y  

S - B A N D  - L O W  B I T  R A T E  0 %  O "lo 
T E L E M E T R Y  

1 O O "lo 1 00% N / A  

S - B A N D  - T R A C K I N G  6 0 "7o 6 0 "7o O "lo O "lo 1 0 0 %  

S - B A N D  - R A N G I N G  1 %  1 "lo 0 %  O "lo 1 0 0 "lo 

S - B A N D  - U P D ATA O "lo N / A  O"lo N / A  1 0 0 %  

S - B A N D  - V O I C E / D A T A  
1 0 "lo N / A 1 0 "lo N j A N / A  P L A Y B A C K  

S - B A N D  - T E L E V I S I O N  N / A  N / A  N / A  N j A  N / A  

Figure 37 

NASA - 5 - 66 -6623 J U L  6 

l U N A R  P H A S E  COMMU N I C AT I O N S  

R E N D E Z V O U S  T R A NS-
A S C E N T  & E A R T H  

D O C K I N G  I N J E C-

C S M  L M  C S M  LM 
T I O N 

V H F  - V O I C E  1 0 0 %  1 0 0 %  1 0 0 %  1 0 0 %  N j A  

V H F  - T E L EM E T R Y  
14 0 - 6 0 �  1 0 0 "lo N / A  

( L M  T O  C S M )  N / A  N / A  

L U N A R  S U R F A C E  E X P E R I M E N T  
1 0 0 %  1 0 0 %  1 0 0 %  1 0 0 %  P A C K A G E  1 0 0% 

Figure 30 
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N A S A - S - 6 6 - 6 6 2 2  J U L  6 

T R A N SEA RTH C O A ST A N D  
E N T R Y  C O MMU N IC A T I O N S  

S-BA N D  - V O I C E  
- - --

S -B A N D  - H I G H  B I T  R A T E  TELEMETRY  

S -BAND - L O W  B IT  R A T E  T E L E M E T R Y  

S -B A N D  - R A N G I N G  
---

S - B A ND - T R A C K I N G  
--�-

S - B A N D  - U P  D AT A  

S - B A N D  - V O I C E / D A T A  PLAY B A C K  
S - B A N D  - T E LE V I S I O N  

NASA-5 -66-6009 MAY 

T R A N S - M I D  

E A RTH 
C O U R S E  
C O R R EC -

C O AST  j T I O N  

1 00% -�r 1 00% 
1 0% 1 00% 

------ -� � - -

90% N /A 
- f 

1 00% 1 %  � 
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CREW TASKS AND TRAINING 

The object of thi s paper shall be t o  provide an appreciat i on 
of the crew activities during the lunar landing mi s si on .  
The emphasis i s  pictorial and qualitative rather than para
met ric and quant itative as in the papers presented to thi s  
point . W e  shall discus s  examples o f  typical crew activity 
wi thout emphas i s  upon detail because such detail does not 
lend itself to a presentation of this type and is often mis 
leading when taken out of context . The t raining facilities 
will be discus sed brie fly not only in their customary role 
as t ra ining devices b ut as development t ools for operating 
procedure s  and strategies . Crew act ivities shall be reviewed 
by mis s i on phase . 

NOTE : A motion pj_cture film was used to furni sh the nine 
sequences noted below and was an integral part of thi s paper . 
The film is  available t hrough the NASA-MSC film library and 
carrie s  the NASA identi fi cation number S-66-411 . 

The sequences are : ( l )  Abort Studies , a bri e f  sequence 
showing pilot reaction t o  system anomalies in a launch s imu
lat i on;  ( 2 )  Landmark Sighting, an animated view of a typical 
la ndmark sight ing through the scanning tele scope optics ; ( 3 )  
CM Active Docking , a pilot ' s -eye view of the l unar module 
during a command module act ive docki ng sequence ; ( 4 )  Star 
Landmark, an animated view of what the navigator sees through 
the guidance optics during a star-landmark sighting ;  ( 5 ) Zero 
" G" Se quence , a short se quence filmed in the zero " G" aircra ft 
showing trans fer t unnel activity ;  ( 6 )  Lunar Landing Research 
Vehicle , a simulated lunar module descent traj ectory flown by 
the LLRV at Edwards AFB; ( 7 )  Lunar Module Activi ty, a series 
of sequences showing typical lunar module cabin act ivity by 
the two crewmen subsequent to l unar module touchdown on the 
lunar s urface ; ( 8 )  Lunar Module Active Docking , a profile 
view showing the lunar module as the active vehicle in the 
docking sequence ; and ( 9 ) Earth Approach , a film produced by 
inputt ing a computer with a moon-t o-earth trajectory and 
letting the output drive an earth image on a cathode ray 
t ube . One film frame represent s four minute s of mi ssion 
elapsed time . The re s ulting sketche s  indicate the apparent 
growth of the earth as seen by the homeward bound crew . 
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CREW REQUIREMENTS AND ORGANIZATION 

The re qui rements pla ced upon the c rew empha s i ze t he rule of 
the c rew as a s e n s o r ,  a s  a c ont rol eleme nt , and as :1 logic 
s ource . (Figure l ) 
The c rew par t i c ipate as the ab ort init iat i on system i n  many 
part s of the launch . The re a re s ome fai lures re quiring a ut o
mat i c  ab ort i n  t he ea rly phase of the launch where fni lure s 
can be abrupt and not sui t able for c rew act i on .  A great num
ber of the fa i lure s  requi r i ng ab ort can be detected more 
po s i t i vely by the c rew onboard the vehi c le bec a use of t he i r  
capab i lity, a s  a dire c t  sensor,  t o  c onfirm instrument i ndi c a 
t i ons by as s e s sment of' mot i o n ,  vibrat i on ,  and noi s e . The 
e;round can ob s e rve s ome t:ui da nce fai lure s whi c h  t he c rew mi ght 
not perc e i ve so read i ly and c a n  re que s t  ab ort a c t i on . 

In fli ght cont rol fw1c t i ons the c rew always ac t s in the sense 
of a programme r ,  select ing the s ui t able mode u f  the system 
for a given opera t i on . The crew acts a s  a sensor i n  c e rt a i n  
modes and a s  a c ont rol element in the manual and d i re c t  c ontrol 
mode s . 

The s ub sy stem manageme n t  role a llows wide range s o f  variat i on 
i n  t he rate a nd manner o f  use of the c onsumablc s and i n  t he 
pr ograrmning of the systems . C rew act i on a l s o  provide s  a c om
plex l og i c  for use uf t he alternat e  modes and many forms of 
redundancy provided i n  each of t he systems . 

In na viga t i on a c t i vi t i e s  a s  in fli ght c ontrol f unc t i ons the 
c rew s erves a s  a c ontrol element a nd a s  a s e ns i ng element . 

The onb oa rd mi s s i on management funct i ons are primo.rily those 
whe re t ime is c r it i c a l ,  where the c rew b y  virt ue ci'  t he i r  
pres ence in t he vehi cle have better dat a. , a n d  during those 
t ime peri ods in t he mi s s i on dur i ng whi ch t hey a re u ut of 
c ommuni cat i on with t he ground c omplex . 

The c rew orga n i zat i on i s  an a uthority st ruc t ure Hi t h  dut i e s  
b e i ng p rimarily a s s i gned a s  a funct i on o f  opera t i nG s t at i on 
rat her than d i re c t ly a s s o c i at e d  w i th an i ndividun l . ( Fi gure 2 )  
The c rew i s  c ro s s - trained and i s  t ra i ned a s  a tcnm i n  t he 
i nt e re s t  of e nhancing rc li alJ i l ity and t o  maximi ze the c apac i ty 
of t he c rew t o  ac cqJt hi gh work l oads in c e rt u i n r1crt i ons of 
the mi s s ion . 
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TRAINING 

The types of training are those with which we are familiar 
from Gemini and Mercury . ( Figure 3 ) Systems training con
sists of briefings , textual materials , and actual participa
tion in a number of spacecraft tests and engineering reviews . 
There are a number of specific task training elements related 
to particular manual skills , s uch as docking, extravehicular 
activities , and landing . Mission segment training is that 
type of training which is defined by the mission phase . 
Characteristic of this type of training are rendezvous , 
transposition docking, and entry . Specific mission training 
relates to those training activit ies determined by the tra
jectories and objectives  of a particular mission . Illustra
tive of this  class  might be the lunar landmark briefings 
which would precede a particular mission to a particular 
site . Finally, there i s  experimental activity training 
which is  both mission specific  and general .  

Training for normal modes of crew activity occupies perhaps 
the smallest portion of the total training time . ( Figure 4 )  
Training in malfunction recognition and response and emer
gency mode activity occupies the largest portion of crew 
time in training . The requirement for both prompt action 
and for high reliability establishes the requirement ; the 
c omplexity of the system makes it time consuming . We have 
again emphasized the training of the crew as a team not only 
amongst themselves but in a number of exercises in conjunc
tion with the flight controllers . 

A summary listing of the maj or sub system� with which the crew 
training deals is presented in Figure 5 .  There is  cross
summari zation between the command module ( CM ) , the launch 
vehicle , and the lunar module (LM)  in this listing . The 
extravehicular mobility unit (EMU) is  often overlooked, but 
there is  s ignificant training involved in the effective use 
of this complex . 

Training facilities represent rather a large array of equip
ments . ( Figure 6 )  This is  due to the dimensions of the 
problem, to the limits of particular devices , and to the 
requirement to be able to concurrently train several crews . 

The systems trainers are animated s chematics wherein the 
spacecraft system i s  laid out on free-standing vertical 
panels . ( Figure 7 ) The spacecraft controls and displays 
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related to these subsystems are shown on the upper portion of 
the left panel . Located on the lower portion is a panel where 
malfunctions and anomalies can be created in the system so 
that the character of the malfunction and the symptoms asso
c iated can be studied . 

There exists a family of devi ces  known as part task trainers . 
We have mockups of both of the vehicles involved - the CM and 
the LM. (Figures 8 and 9 )  These devices are used in training 
in the many stowage and housekeeping functions , extravehicular 
activity , and other geometry defined activities .  The dynamic 
crew procedures trainer,  currently in the Gemini configuration, 
can accept a CM configuration . ( Figure 10 ) This device i s  
used to  provide the dynamic environment associated with various 
launch conditions and entry conditions and it is primarily 
devoted to training in recognition of failures requiring abort . 
It provides sound, motion ,  and visual cues suitable for this 
environment since these  are a significant part of the develop
ment of crew responses for such emergency conditions . This 
device can also accept a LM c onfiguration for training in the 
dynamics  of the LM motion in landing and in ascent . ( Figure ll ) 
The transposition and docking trainer is  shown in the Gemini 
configuration in Figure 12 , but it can be configured with the 
LM or the CM as the active element in the docking configuration . 
The lunar landing research vehicle (LLRV ) shown in Figure 13  is  
illustrative of the lunar landing training vehicle which can 
provide a flight environment simulation for the terminal por
tions of the LM landing . We will discuss this device more at 
a later time . The egress  trainer is used for training the 
crew in the post landing and recovery phases of the mission 
and integration of their activities with those of the recovery 
forces . (Figure 14 ) 

The Apollo Mission S imulator (AMS ) and the Lunar Module Mission 
Simulator ( LMS )  represent the major complexes in the training 
e quipment array . ( Figures 15 and 16 ) The AMS is controlled 
by the computer assembly shown in the background . There i s  a 
model house for the generation of the docking iiD3ges ,  and an 
instructor ' s console where the device can be progr�unmed and 
malfunctions can be inserted . The CM is ne sted among a large 
array of infinity image optical systems which are reflective 
optical transfer systems for providing images to  the windows 
of the vehicle . There is also an assembly for providing the 
images to the guidance optic s .  The ma,_;nitude o f  thi s device 
can perhaps be appreciated when one CO!J s " ders t hr1t i t  has '_! 
184 thousand word memory system with f .  · c� en.t rn l �Jrocessors 
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in  parallel .  The proces s ors have � microsecond add t ime s ,  
effective ly giving a nanosecond c omputer capab ility . There 
is a fully buffered channel capac ity of one million words 
per second . The LMS i s  only slightly smaller . The c omputer 
complex c ontains three c ompute rs with a 98, 000 word memory 
capacity . It has an image generati on system for the CM 
docking portion of the mission and for the lunar touchdown 
porti on of the mission .  Film provides the approach image 
generation,  again through the infinity image window systems . 
The window on the right side is  shown in Figure 16 and the 
left window is  shadowed in  order that you can see the 
orientation of the crew within the vehicle . There i s  an 
image system for presentati on to the overhead window which 
is  used for observati on of the hori zon during powered descent 
and through which the docking sightings are made . These two 
devices can be operated in an integrated mode and c an be 
integrated with the missi on c ontrol center (MCC ) to provide 
complete operational rehearsals of the mission .  As a standard 
of c omparison one may note that the BMEWS operational program 
required approximately 100 thousand i nstruct ions . 

In  addition to  these devi ces , which are primarily oriented to  
the training and operational rehearsals , we have certain engi
neering devices which are used for spec ial functions and tests 
as well  as for certain specifi c  types of training . The centri
fuge shown in Figure 17 accepts a fixture which has three 
couches and all of the c ontrols and displays s uitable for launch, 
entry, and other high accelerati on portions of the mission .  
There i s  an Air Force KC- 135 which i s  used t o  simulate zero g 
and l/6 g periods , again primarily for development testing but 
als o for certain selected types of training primarily associated 
with extravehicular activities and with certain types of docking 
activi ty . ( Figure 18 ) 

Representative of another large class of engineering simulati on 
devices is  the lunar landing research faci lity ( Figure 19 ) 
whi ch is primarily a development device but which can be used 
for training in certain selected portions of the mission .  

In addition t o  the devices shown we have a large number of 
engineering simulation facilities at the various c ontractors -
at North American Aviation, Inc . ( NAA ) ,  Grumman Aircra ft Engi 
neering Corporati on ( GAEC ) , and Mas sachusetts Inst itute of 
Technology ( MIT ) .  
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CREW ACTIVITIES PROFILE 

The mi s s i on for whi c h  these devi c e s  are us ed t o  prepare t he 
c rew i nvolves a numb er o f  s i gni fi cant phas e s . In Fi gure 20 
a typ i cal profile of the mi s s i on s hows two of the maj or con
s t raints whi c h  govern the fli ght · plan . The c ont rol e ve nt s , 
s hown as b lac k diamonds are t he launch, translunar i n j e c t i on ,  
transpo s i t i on docking, and midc o urse c orre c t i ons . The dark 
bars show the s leep peri ods whi ch are allocated to t he c rew . 
The init ial s le ep pe r i od i s  obvi ously dictated by the t ime 
of t he c rew ' s  waking and preparat i on for the launch . The 
s c hedule of a c t i vi t i e s  mus t b e  arrange d s o  that at lunar 
orb i t  i ns e rt i on and t he lunar de s c ent port i on of the mi s s i on 

t he crew i s  sui tably re freshe d  to ent e r  a period of rather 
high dens ity a c t i vity . The profile s hown here re fle c t s  a 
c on s t ra i nt t hat sleep peri ods s hall be at least s i x  hours 
and that such periods s hall occur at i nte rvals not great e r  
t han 18 hours . It a l s o  pre s ume s that t hre e c rewmen s leep 
at the s ame t ime . Thi s  take s  advantage o f  t he capac ity 
of t he ground t o  view the vehicle at all t ime s and t o  wake 
the c rew in the event that s ome anomaly i s  ob serve d . 1  

I n  the lunar port i on o f  t he mi s s i on an explora t i cm peri od 

i s  s cheduled immediately after the landi ng . The logi c whi ch 

d i c tates this s c hedule i s  t hat t he portable l i fe s upport 
syst ems ( PLSS ) are at this t ime fully c harge d and t he ve hicle 
i s  pres suri zed . I f  we pe rform an explora t i on at t h j s t ime 
we c an have an ext e ri or che c k  of the vehi c le shortly a fter 

l andi ng . The c rew c an donn the PLSS and the the rmal me t e oroid 
garment s ( TMG )  in a pre s s uri zed c ab i n ,  depre s suri ze t he c ab :i n ,  
perform the ext e r i or a c t ivitie s ,  ret urn, pre s s uri L. e  t he c ab in ,  

and the n  doff t hi s  gear and re - c harge t he PLSS i. n a pre s s uri zed 

c onfigurat ion . If we had chosen t o  •' leep first , an alt e rnat ive 

whi ch we can choose in real t ime , back- t o-back expl orat i on 
peri ods would require re- charging of t he PLSS i n  nn e va cuat e d  
n s c e nt st age . The re are procedure s f o r  doing s o ,  b ut i n  t he 

early mi s s i ons it se emed de s irable t o  have t he acldi t i mml 
b e nefit o f  the pre s suri z e d  cab i n . 'lhi s also a_! l ows ; 1  s ui tab l e  
p e r i o d  of r e s t  p r i o r  t o  t he a c t i vi t i e s  of a s cent int'�' l unar 
orb i t  and tran seart h  i nj e ct i on . 

Figur e s  21 through z-1+- s ummari ze the �)roport i or.s of mi s s i on 

t ime - a t otal of 216 ho urs - and t h1 ;  proi;ort i :jns o : · the t otal 

c rew man hours - 648 - whi c h  are de v o -c ec'' t o  vrcr:i ·JW3 type s of 

spe c i fi c  a c t i vity . 'I'he c ont rol ta s L s , n s  c ne w r , .Ll d expe c t , 
o c cupy a re lative ly small proport i o11 uf t :- ! •:: t c: t n J  m ·  � ;; i cm t ime 



though they are obviously the most critical events . The 
relative proportions devoted to various activities are 
obviously a function of the particular details of the mission, 
though one may expect certain proportional relationships to 
remain constant for all missions . Notice that in such 
activities as monitoring, which is done primarily by one man 
on a watch configuration, there is  some nominal accumulation 
of potential crew time as  opposed to mission time . This  can 
be more apparent than real . A number of tasks require 
activity by all three crewmen while others are performed 
primarily by one man at a given time . Figure 23  i11 Lwtr:J.tes 
mechanical manipulations - the changing of stations within 
the vehicle , the donning and doffing of the suit , the manipu
lation of the docking equipment . The exploration period, 
effectively the payload, represents approximately 2ojo of the 
t otal mission time and of the total crew man hours . A third 
of the mission time in crew man hours is devoted to sleep . 
In this particular summary 31% of the mission hours or 46% 
of the crew man hours are not scheduled . 

The validity of such numbers is  only as good as the analysis  
of  the times required to  perform particular functions , and 
i s  highly sensitive to the details of the particular flight 
plan . Experience to date indicates that most activities 
take sub stantially longer in flight than during simulations , 
a factor of two or more being quite common . 

There is  a further artifact pertinent to the form of this  
summary . It does not di stingui sh usable free time from 
blocks of time of no value . Time , in the sense of crew 
man hours ,  may appear to be available but constraints s uch 
as vehicle arrangement , sub system configuration , or location 
of crewman may vitiate its utility . It is  also important to 
schedule some 1 1 free" time in the same fashion as planned 
"hold peri ods"  in a countdown . 

AVAILABLE WORK AREA 

Fig�·e 25 illustrates the available volumes in each of the 
vehicle s .  'rhe geometry of the CM is  dictated by the entry 
requirement , the offset center of mass  providing the effective 
L/D, Gnd by the sweep volume required by the couch in land 
land ings . The crevl compartment volume is  defined as the 
lightly shaded area and the effective free volume is that 
area not occupied by such objects as the couch, the PLSS ,  and 
the various other stowed equipment s . The LM geometry is  



defined by the requirement to counter balance the loads 
around the ascent engine . Here also there is a reduct ion 
in the total pressuri zed volume by the various equipments . 
Comparable figure s for the Gemini vehicle are 80 cubic feet 
of pres suri zed volume and 50 cubic feet of effective free 
volume . We expect t hat the larger volume and its favorable 
arrangement will enhance the effectiveness of a number of 
types of crew activity . 

CONTROLS AND DISPLAYS 

The CM main display console shown in  Figure 26 i s  color c oded 
to indicate the various proporti ons of functional activities 
allocated display space . The exact proportions are not shown 
s ince large numbers of the displays are t ime shared . It i s  
significant , however,  to note the relatively large areas 
devoted to  the sustaining systems . Since thi s vehicle must 
acc omplish t he long t ime operations of the mission a large 
number of levels of redundancy and cros s-switching are 
available within the environmental and the electrical power 
generati on and distribution systems . The sequential events 
and staging as sociated with launch and entry are also a 
maj or function of the CM .  

The LM panel (Figure 51 ) i s  predominantly given to propulsion 
and flight control . This reflects the character of its por
tion of the mis s i on and the s impler configuration of its 
sustaining systems . The use of batteries for electrical 
power ,  and bottled gas rather than cryogenic store s for the 
life support system make the sustaining systems simpler 
though less flexible . 

MISSION OUTLINE 

At this point it would be well to review the configuration of 
the vehicle at each of the phases of the miss:i  on and to  
examine the crew functi ons w '  : c:h characteri ze tha t  phase of 
the mission .  

Launch 

During launch the crew is  primarily c oncerned with monitoring 
the characteristics  of the launch vehicle and its fl ight per
fomance,  maintaining communication, and monit o r i ng the condi 
tion of the spacecraft . ( Figure 27 ) The vehic l e  at this time 
i s  arranged with a number of s oft goods stowed on the floor, 
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the lithium hydroxide ( LiOH ) cannisters used in the environ
mental c ontrol system (ECS ) are installed along the lower 
edge and a large number of equipments are stowed on the upper 
wall and in a number of c ompartments on both sides of the 
vehi cle . ( Figure 28 ) The crew is  not shown in the launch 
configuration because they would obstruct the view b ut they 
are beneath the array of harnesses , oxygen umbilicals , and 
communications lines . It  is  di ffic ult to  describe , in a 
sense that can be appreciated, the monitoring activity in 
launch . However,  Figure 29 outlines a typical sequence of 
events for one selected launch condition in which an abort 
would be necessary subsequent to 61 sec onds of powered flight . 

Once an abort dec i s i on is taken , e ither by the crew or on 
ground request ,  the crew has the capability to monitor a 
large number of the events which take place  automatically . 
The timer would reset so  that the time sequence character
istic of the abort c ould be monitored . There i s  a capability 
t o  note the acceleration of the CM by launch escape motor 
both by accelerometer and directly . If this does not occur 
the event can be c ommanded by the crew . Those items shown 
with question marks i n  the figure are items checked to c onfinn 
the functioning of the automatic sequencer; verifying that the 
CM reaction control system ( RCS ) has pressurized confirms that 
the relays have actuated which c ut the tension ties , deadface 
the CM and service module ( SM ) ,  and arm the CM batteries to 
provide electrical power in that configuration and pressuri ze 
the CM RCS for attitude c ontrol . Eleven seconds after the 
initiation of the abort the canards would deploy. If they do 
not deploy the crew can c ommand that event through an inde
pendent path.  The crew can c onfirm that the earth landing 
system logic has been armed and provide an alternate path for 
the jettison of the launch escape t owe r .  Drogue chute deploy
ment can be confirmed at 24, 000 feet or below by reference to 
the barometric altimeter, and in the event that function does 
not occur they can again provide an alternate command . Once 
on the main parachutes , no longer requi ring the attitude c on
trol of the CM RCS ,  they would close the cabin press ure 
relief valve s ,  c ommand the neces sary dumping and purging of 
the CM RCS, re -open the valves  which have been closed to 
prevent inj e stion of the gases and ,  after landing , release 
the main chute . 

The identifying characteristic of the abort after 61 seconds 
is that there i s  not an automatic dumping of the RCS pro
pellants ,  s ince above the altitude attained by that point in 
launch one may require use of the attitude c ontrol system 
for orientation . 
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Earth Orbit 

In the earth orbit phase  of the mis sion the crew has control 
of the total space vehicle ,  including the S-IVB , through the 
interface between the spacecraft guidance c omputer a nd launch 
vehicle guidance computer . After �arth  orbit  insertion the 
crew would realign the inertial measurement unit ( I�ID ) using 
the guidance optic s .  Provided there were time , as  would be 
the case with transl w1ar injection on the second orb l t ,  they 
can perform certain navigation activities in e0rth ( lrb i t . 
( Figure 30 )  These activities  would be done to confirm the 
condition of the onb oard system since the ground stations 
would provide the primary navigation . The te chnj quc used 
for orbital navigation is , however , also used in lunar orbit , 
with known orbita l  condi tic,ns , to a s sess  the o l  t j  tude o f  
landing s ites . 

Prior to  translunar injection the crew would fine al ign the 
IMU ( Figure 31 ) and begin the countdown for s he �L gni t ion of 
the second b urn of the S- IVB . The crew can l nhi bi  t this 
c ommand s hould their onboard data indicate t ha t  the vehi cle 
is not ready for the mi ssion .  There i s ,  howeve r ,  only a 
s ingle opport unity due to  the requirements of the S - TVB 
propellants . 

Translunar Injection 

During the translunar i njection burn , as  during n l l  other pro
pulsive maneuvers , the crew will have prepared the vehic le for 
peak power loads by bringing b oth batteries and fuel cells on 
the l i ne . They will monit or the condition of the v:.iri ous sys
tems and in particulFl r monitor the gui dance perfonnqnce . 
( Figure 32 ) Perhaps of s ome interest i s  that during this 
maneuver we see the first of  a number of very low acceleration 
enviromnent s ,  approximately l l/3 g during this b urn . 

Transposition and Docking 

Transposit ion and docki ng i s  the first of a munber o f  activities 
vlhi ch the crew directly and completely controls . Immedi ately 
a ft e r  the conclusion of the translunar inj e ction burn the crew 
ini t iates a roll and pitch maneuver with the t r;tal c:opace vehicle 
to  place the high ge1in 'm tenna for the S-IV13 in prcper orienta
t ion to  illum:i nate the Manned Space Flight Net>wrk stati ons on 
the earth . Thj s maneuver also assures OJJtimum lie;hti ng for the 
docldng maneuver t o  foLLow . This activity t a ke s  8J;prcJximGtely 
) mi nutes due to  the l m1 rates of maneuver uced -�I:i t h  thi s high 



mass c onfiguration . It takes approximately 10 minutes for 
the ground stations t o  confirm the adequacy of the orbit  to  
which the spacecraft has been injected and subsequent to 
this point in time the crew is free t o  proceed with the 
mane uvers separat ing the CM to a distance of approximately 
100 feet . ( Figure 33 ) Again they enter a roll and pitch 
maneuver to  provide antenna orientation for the c onunand and 
servi ce module to the ground stations and begin the sequence 
of activities leading up to  the docking . ( Figure 34 ) 

Figure 35 shows the fashion in which the couches are moved 
about pivot points and along a rack in order to provide an 
optimum v iew for the crew through the rende zvous and docki ng 
windows,  whi ch can be used by the crewmen on the left and on 
the right . The view available to  the pilot performing the 
maneuver is  illustrated in Figure 36 . Figures 37 and 38 
show the docking target that the pilot sights on to perform 
thi s precision maneuver . 

The docking target i s  observed by the CM pilot through an 
optical devi ce much like a gun sight . The white cross stands 
li+ inches above the red target . In its  final configuration 
it will be T- shaped with a diamond in the center of the 
intersection of the bars . As long as that diamond remains 
within the white circle the docking is being performed wit hin 
the capt ure range of the probe and drogue . The verticle 
stand- off gives the pilot some cue as to hi s errors out of 
the line of approach . The lines of  the T are an index of the 
proper rotational indexing of the CM and the LM. 

After having made the initial contact with the probe and drogue 
the probe mechanism provides .for drawing the LM and the CM 
together and setting four latches at which time a soft docking 
is  achieved . A sequence of activities is begun to pressuri ze 
the tunnel area against a leak rate . A pre ssure hatch and a 
thermal hatch are removed by the c rew . Eight additional 
latches are hand- set by the crew to achieve a hard dock and 
structural integrity . ( Figure 39 ) Redundant umbilicals are 
connected to the LM to  provide for the electrical current 
requi red in the LM during the translunar leg of the mission 
and t o  provide a path for the pyrotechnic device actuations 
whi ch will release the LM from the adapter .  A fter thi s opera
tion has been performed the docking mechanisms are restored 
in the tunnel and the crew activates the pyrotechnic device 
and withdraws the LM from the adapter by us ing the SM RCS in 
a minus-X translati on mode . This  is  done using a series o f' 
short intermittent burns to  reduce the amount of impingement 
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of the SM reaction control engines upon the thermal coatings 
of the LM .  The crew establish a separation rate of approxi
mately three feet per second and then orient the vehicle for 
passive thermal control during the remainder of the mi ssion . 

Translunar Coast 

Translunar coast is  characterized primarily by the mid-course 
correction requirements determined by the precision of the 
initial guidance and by the necessity to monitor and maintain 
periodic checks on the systems . (Figure 40 ) Periodic main
tenance of systems such as the fuel cells and the ECS and a 
number of the general housekeeping activities are necessary 
for living during the period while we go to the moon . 

This seems a suitable point to discuss  the housekeeping 
problem. Figure 41 shows the various stowage compartments 
in the three walls of the vehicle - the lower equipment bay ,  
the right hand equipment bay ,  the left hand equipment bay, 
and the rear side of the main display cons ole . There are a 
large number of items stowed in each of these compartments -
the numbers being indicated in Figure 42 . These items and 
operations in a small volume in which three men must live 
for a protracted period make a situation in which everything 
must have its place and be in that place . The numbers are 
reasonably impressive all by themselves , while obviously 
subject to a good deal of discussion in terms of what should 
be defined as an operation or what one should define as a 
unit . The numbers indicate that there is a significant 
problem in simply keeping track of the location and usage 
of each of the devices . This  number of things and operations 
contributes to the requirement for a good deal of formality 
and care in various procedures .  It also emphasizes how a 
small error in estimate of time required can adversely affect 
flight plans . 

Figure 43 illustrates the configuration of the vehicle during 
those periods when the crew would sleep in the CM . Two of 
the crewmen sleep under the couches in sleeping bag arrange
ments which provide some measure of thermal cuntrcl and 
which further allow the crew to be restrained in the zero g 
environment . The third man sleeps in his couch  where he 
has direct access to  the environmental and electrical con
trol systems which sustain the vehicle . Should any anomaly 
develop the crew can be awakened in the CM by a direct 
updata link command . At this  point the s uits and helmets 
would be stowed in bags . 



The arrangement for the preparati on of food is  illustrated in 
Figure 44 . Food is stowed in the compartment facing the 
crewman in man/meal type containers . A water delive ry  probe 
located to the crewman ' s  left provides the source for recon
stitution of freeze-dried food . The system has the capability 
for providing three hot meals at the same t ime to the crew . 
There is  a velcro c overed work shelf provided so that equip
ment can be manipulated in the environment . 

Figure 45 illustrates the arrangements of the mechanical com
ponents of the ECS which allow the crew t o  have access to  the 
LiOH cannisters i nstalled in the system. There are two 
cannisters in parallel . Each has a 24-hour life and they are 
cycled so that there i s  a cylinder change each 12 hours . In 
addition to providing the removal of carbon dioxide these 
cylinders also contain an amount of carbon to  minimi ze the 
accumulation of unpleasant odors . That problem, however,  is  
relieved primarily by venti ng such odors directly overboard . 

T,ypi cal of the types of s tatus checks which may be conducted 
during this portion of the mission is  an ECS periodic review 
where the parameters characterizing the nominal performance 
of the vehicle can be examined . ( Figure 46 ) A number of 
these are di splayed c ontinuously , such as the glycol s team 
pressure and the glycol discharge pressure . In the event 
that the crew are in s uits it is possible to c onfirm the 
oxygen flow and pressure . Some of the displays are t ime 
shared.  The radiator outlet temperature is  an index of the 
adequacy of the passive thermal control maneuve r .  Glycol 
temperature indicate s the condition of the electronics 
cooling . The partial pressure of carbon di oxide is an indi 
cation of the safety of the atmosphere . Any event whi ch is  
critical to the safety of the c rew is in the logic of  the 
cauti on and warning system where an array of annunciations 
can direct the crew ' s attention should something occur that 
is not immediately perceived in general monitoring of the 
systems . 

Navigati on activities can also be performed on the translunar 
and transearth porti ons of the mi ssion . ( Figure 47 ) The 
geometry of this activity has been described in an earlier 
pape r .  

I n  the early missions w e  contemplate checking out the LM 
pri or t o  lunar orbit entry in  order to  have the benefit of 
its systems for certain abort contingencies and to confirm 
the condition of the vehicle prior t o  the commitment to 
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lunar orbit insertion .  ( Figure 48 ) This has some �dditional 
advantage in that it allows the complete se quence of activity 
to be observed by the ground . In order to perform this 
activity the crew must enter the 1M and since it has probably 
depressurized since launch the procedure is to pressuri ze the 
tunnel area and the 1M from the CM and confirm that the 
pressure is equivalent acros s the t'unnel and in the vehicles . 
The crew then removes the pressure hatch, the ablative hatch, 
the probe ,  and the drogue , opens the 1M hatch, and enters the 
LM. ( Figures 49 and 50 ) Figure 49 shows the configuration 
of' the CM during the stowage of' the pressure and ablative 
hatches , the drogue and the probe . One crewman ' s  foot can be 
seen as he is  beginning the trans fer . .  It would be expected 
that two of the crewmen would enter the 1M to conduct the 
checkout . 

The orientation of the crew within the vehicle can be 
appreciated by noting Figure 52.  One of the devices note
worthy in this configuration is the sequence camera in the 
right 1M window mounted in a fixed bracket ,  parallel to the 
crew ' s  line of s ight so that it can observe the lunar 
landing and record it . The TV camera is stowed at the lower 
right front . There is stowage of much of the needed equip
ment in the bags below the right and left side-panels . 

Characteristic  of the checkout sequence to be conducted is  
the procedure shown in Figure 5 3 .  The regulator status 
would be verified by confirming the position of thE talk-backs 
associated with each switch and examination of the pressuri
zation of the system by checking the descent pressuri zation 
indicator, helium pressure , and the other system sta tus points 
shown . This would be the series of activities for the descent 
propulsion system up to the point where the crew would begin 
that sequence as sociated with the throttle manipulation . 

Lunar Orbit Insertion 

Lunar orbit insertion is  again a guidance maneuver which has 
been discussed in  significant detail in a preceedi ng pape r .  
The activities are very similar on the part o f  the crew for 
thi s  maneuver as for the translunar injection and for earth 
orbit insert ion . ( Figure 54 ) There is an aspect of the 
geometry which has not been commented upon . Figure 5 5  shows 
the growth in the apparent s i ze of the moon as a function of 
mission time . The schematic in Figure 56 shows the effect 
of the lighting conditions . At the 75 : 36 : 36 point in time 
the moon occupies 23 degrees ,  an hotu- later it occupi es 63  



degrees , and 1 5  minutes later it has grown to  approximately 
130 degrees  with a 134 degree apparent s i ze in lunar orbit . 
The significant thing i s  that we will be approaching the 
dark of the moon and the earth shine is from a half earth . 
The crew can ,  however, perceive that this i s  not a collision 
course by observing the apparent regression of the limb of 
the moon against the line of sight . 

After entry into lunar orbit, the two crewmen would again 
transfer into the LM and transfer a significant amount of 
equipment . ( Figures 57 and 58 ) The PLSS has been carried 
in the CM because it provides a capability for emergency 
extravehicular activity .  The emergency oxygen supply (EOS ) 
provides a five minute capability in a high pressure bottle , 
and is  used to provide an emergency backup to the PLSS . 
These  have been stowed in the CM in order to have them in 
a more favorable thermal environment .  The extravehic ular 
gloves and the TMG have been kept in the CM to provide for 
an extravehicular capability if required . There is but a 
single radiation survey meter and it would now go to the 
LM where the inherent shielding by the vehicle is less  
effective . There i s  only one TV camera . The EVCT is  the 
extravehicular crew transfer devic\ . The umbilicals would 
remain in the CM. 

Lu.nar Descent 

The series of maneuvers ass ociated with the LM descent to 
the lunar surface has been discu.ssed in considerable detaj " 
in preceeding papers . Figure 5 9  is  a ve� brief revi• 

___, ..  the activities assigned to the crew in ccnj u.nction wL ! 
primary guidance system and the abort guidance system.  � 
addition to these there are a number of pilotage activities 
which can be performed by the crew as  opportunity allows . 
Through the overhead window, which is  above the left crewman, 
it i s  possible to  have a view of the lunar horizon during 
the descent phase of the mission, which may provide same 
useful indications of attitu.de and altitude . The primary 
filllction of the crew during thE: braking phase is  to monitor 
the automatic systems and to provide s uitable initiation of 
various equipments . They would confirm the status of the 
RCS and the ascent propulsion system prior to final approach 
in order to confirm the existence of their abort capability . 
It is interesting to note that during this  portion of the 
mission the crew will experience approximately one third of 
a g with the vector along their body axis as in standing . 
( F i gure 60 ) 
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Figure 61 shows the LLRV which has now flown approximately 
140 flight s .  To s imulate a LM des cent traj ectory it takes 
off in a VTOL mode using the jet engine as its thrust 
source with attitude controlled by a hydrogen peroxide RCS .  
The pilot climbs t o  approximately 600 feet and establishe s  
the initial c onditions for the entry to the s imulated por
tion of the LM descent trajectory . He e stablishes these 
conditions at approximately 400 feet altit ude , having 45 
feet per second forward velocity and approximately 9 feet 
per second descent velocity at that point in t ime . There 
is a departure from the fidelity of the s imulation in that 
the line of s ight of the seated crewman in this vehicle 
c annot be depres sed s o  far as in the LM and he is seated 
rather than standing . The seating requirement derives 
from the use of an ejection seat for safety . The pilot 
has cros s-range and down- range indicator s ,  the flight 
director ,  and thrust-to-weight indi cators . There i s  a 
three axis hand c ontroller for attitude control . The 
geometry of viewing t o  the instruments and to the available 
window is correct . When the pilot has established hi s 
initial conditions , he trans fers to  a lunar s imulat ion 
mode in whic h  the engine i s  gimballed and provides 5 /6 of 
a g thrust . The simulated descent engine , also a hydrogen 
peroxide engine , is ignited and from this point on the 
attitudes are characteri stic of the LM descent and its 
piloting characteristics  can be evaluated.  The control 
�uthority is that of the LM .  The attitude of  the vehicle 
is approximately 1 2  to 15 degrees pitch up to reduce the 
b( i zontal veloc itie s . He enters a hover at approximately 

and b egins a controlled rate of descent to the 
tot  , ,.m  point , reduc ing the rate to approximately 3� 
fee c unt il he is  very near the surface where a maj or 
departure in the s imulati on occ urs . Thi s  vehicle i s  
flown i n  a thrust to t ouchdown mode to minimi ze landing 
loads . The weight limitations J.o not a llow ndequate 
attenuati on for the routine practice of thrust- off landings . 

Lunar Stay 

The graph in Figure 62 i s  in the format used earlier to 
show the activities characteri stic of the lunar stay time . 
Immediately after landing the vehicle i s  checked to assure 
that c onditions are s uitable for remaining on the s urface . 
The descent tanks are vented in order to preclude problems 
due to thermal b uildups and the crew immediately aligns 
the IMU and places it in a standby mode to have an any 
time departure capability . Postlanding checkout is 



scheduled for 33 minutes and thi s  t ime estimate is  based upon 
rehearsals c onduc ted in a LM mockup . 

Thi s part i c ular plan shows the immediate donning of the extra
vehic ular equipments and an initial exploration activity .  
Representative tasks are inspecti on of the vehi cle for any 
apparent exteri or damage or leaking, confirmation of the con
dit ions of the landing s uch a s  depre s s i ons in the lunar s ur
face , slide marks , and mea surement of gear stroke dis tance . ( Figure 63 )  Other early extravehic ular acti vity would be 
the deployment of the neces sary equ ipment s ,  such as the 
antenna s ,  and an initial survey from the LM plat form to do 
TV and film scans of the area for la ter analys i s . 

The next series of Figures shows the configuration of the 
vehic le for vari ous activities . In Figure 64 the crewman 
is donning the PLSS . It shows one crewman in the TMG with 
the PLSS and the EOS attached . The s ec ond PLSS is  shown 
in the recharge station . The EVCT i s  shown above the wall 
mounted PLSS . Food and other equipments are stowed immediately 
below the EVCT . 

As noted, one of the first extravehicular activities would be 
a came ra survey of the area and a postlanding inspection . 
Figure 65 shows the net and cable device used to trans fer 
equipment to the s urface from the as cent stage . 

Figure 66 illustrates the sleeping arrangements within the 
vehicle . One of the crewmen suspends a hammock arrangement 
from the front edge of the as cent engine dome back to the 
rear wall and the other crewman sleeps across the floor of 
the vehi cle . 

Since the vehicle is  pres surized during descent and touchdown 
and because it enhance s  the speed and e fficiency of operations 
the crew could be expected to remove their helmets and gloves 
while donning the extravehi c ular gear . The se activitie s can 
be performed by a single individual b ut they go much more 
rapidly and with considerably more confidence when two men 
can perform an operation and check each other . Aga in, the 
complexity of the operation is  one which makes it a formal 
checklist operation . The PLSS trans fered from the CM and 
stowed temporari ly on the floor of the vehicle is mounted 
in the harne ss  called the donning station where it is suitably 
mounted adj acent to the checkout controls and where it can be 
held in place while the crewman donns the res t  of the equipment 
which he require s . Figure 67 shows the TMG trousers . 
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The carrying straps for the PLSS are threaded through the TMG 
j acket to  minimize the difficulties of thermal short s in the 
garment . The j acket is  difficult to donn but this is a 
tradeoff between ease of donning and the later cumbersomeness  
of excessive material . 

Two men with the PLSS ' s  and various other elements of  the suit 
occupy a pretty s ubstantial volume and when pressurized they 
move in a somewhat awkward fashion . It takes a great deal of 
time to perform a number of these operations because they are 
performed very very carefully . 

The extravehicular visor, which provides vari ous degrees of 
transmissibility, is  donned prior to egress  to protect the 
crewman from the extreme range of lighting values to be 
encountered . 

Stationed on the initial portion of the ladder is an A- frame 
type step ladder . This is  provided to  enhance the ease of 
access to various portions of the descent stage , to contend 
with various orientations of the vehicle ,  and to make easier 
the crew ' s access to the fixed ladder on the front leg . 
Figure 68 shows that the first man out would free the device 
and guide its descent to the surface while the man remaining 
in the cockpit lowered it via the equipment lift line . 
Figures 69 and 70 show the completion of the descent cycle 
for the first man .  The height o f  the fixed ladder above 
the surface for a " soft" landing, as illustrated, shows why 
the ladder is required .  

It  is  apparent from the nature of these activiti es that sub
stantial amounts of time are required to perform tasks that 
one expects to  be done rather expeditiously . This accounts 
to some degree for the fashion in which we schedule crew 
time and for the fact  that it is not very difficult during 
the course of the mission to encounter conditions wherein 
things take s ubstantially more time than we have contemplated . 
The mere act of fastening a snap which can be very straight
forward in one g and street clothes can become a very 
demanding operation in a pressurized suit under weightless  
conditions . The problem is  less  severe but not removed at 1/6 g .  

All TMG ' s ,  PLSS ' s , and associated equipment must be returned 
to stowage locations so that the arrangements for sleep can 
be made . The harness  which was used to hold the PLSS in a 
donning configuration is  used to provide the hammock con
figuration for s leeping . The crew are to  s leep suited in 
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the LM .  ( Figure 71 ) The oxygen supply system has s ome capa
bi lity in the event of a puncture but the thin skin and loca
tion on the lunar surface have a higher, though very low,  
probability of pressure vessel failure than we find in the 
CM. If there is  a puncture the system can hold pressure in 
the vehicle for a substantial t ime period. 

When the crew is  ready to depart there is a substantial amount 
of equipment left behind ( Figure 72 ) - the used LiOH cannisters 
from the LM itself and from the PLSS ' s , the batteries , bags 
containing the condensate collected in the PLSS, the urine , 
and other fecal materials ( treated with germicidal agents ) are 
all stowed in a compartment in  the des cent stage . These equip
ments are left behi nd in the interest of saving weight and 
volume in the ascent stage enhancing the amount of material 
which can be returned for scientific purposes . 

Lunar Ascent 

Lunar ascent has been described in cons iderable detail in a 
previ ous paper .  Figure 73 shows the configuration of the 
vehicle at thi s t ime . The PLSS i s  stowed on the floor to 
ease access to the optic al telescope which wo�d be used to 
align the IMU j ust prior to  liftoff . The other PLSS 
previous ly stowed in the recharge station has been di scarded . 
The equipment i s  stowed in such a fashion as to  maintaiP the 
symetry of loads a s  well as pos s ible . 

The crew activities during this maneuver are essentially the 
same as those which we have reviewed earlier for other powered 
flight maneuvers . ( Figure 74 ) During the ascent portion of 
the mission the crew will again experience a l/3 g accelera
tion envi ronment which is  quite acceptable on the standing 
configuration . The details of the rendezvous and docking 
sequence as executed by the guidance system have been dis
c us sed in detail earlie r .  It is perhaps well at t�1is point 
to note that in addition to those activities it is possible 
to use the pilotage routines  based upon observation

· 
of the 

FDAI and of the other instruments a s  they have been used in 
Gemini . 

Rendezvous and Docking 

In this phase of the mission the LM is the active element of 
the docking sequence .  ( Figure 75 ) The pilot of t he LM can 
observe t he command and service module through an overhead 
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window ( Figure 76 ) and he has a docking a id similar to the 
one shown earlier installed in the window of the CM. ( Figure 77 ) 

When the two vehicles have been docked there is  a repet ition 
of the sequence in which the docking mechanisms must be 
removed from the tunnel and then the crew can transfer the 
equipment and themselves back to the CM .  ( Figure 78 ) At 
this point in t ime a number of devices are left in the LM 
to  relieve conj estion in the CM and to enhance the arrange
ments for stowage of signi ficant items returned from the 
lunar surface . It i s  perhaps noteworthy that one of the 
PLSS ' s  is  retained in the CM, its oxygen supply being used 
as a backup to the entry oxygen s upply during that portion 
of the mission . The TV camera i s  ret urned to the CM and 
the LM flight plan which is now the l og and record of that  
flight i s  returned for record purposes . The sample return 
containers and the films from the sequence camera and other 
cameras are ret urned . The data storage electronic assembly 
is t he voice recorder provided for crew usage in the LM .  
The devices trans ferred t o  the LM are those no  longer 
required in  future phases of the mission .  

I t  is  pos sible that during the docking sequence there can 
be a failure of the mechanism which would not allow transfer 
through the tunnel .  There is a device called the EVCT ( Fig�e 79 ) which is a metalic tape boom reeled out t o  some 2�  feet in length which engages  a device called the bailer 
bar at the command and service module interface . ( Figure 80)  
Either the crewman in the CM can  open the hatch or  the hatch 
can be opened a fter t he vehicle is  depressurized by the 
crewman on the outside of the CM. The procedures would call 
for transfer of one of t he crewmen from the LM using the PLSS 
and thi s  devi ce . He would then use this device t o  ret urn the 
PLSS t o  the other crewman or, having established the con
figuration o1' the CM, t he second crewman could be brought 
across using this  device as a tether and using the EOS to 
provide breathing gases . 

Transearth Injection 

Transearth inj ection for the crew operations i s very similar 
to the other flight maneuvers previously described , and the 
trajectory and guidance considerations are reviewed in other 
papers . It has a s omewhat higher acceleration than the 
maneuvers discussed earlier, the light weight of t he system 
now providing an effective l/2 of a g accele ration . 
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Transearth Coast 

---------- ----- ----

Transearth coast is  characterized by those activities which 
were discus sed for the translunar leg of the mission . (Figure 81 ) The phenomena of apparent growth in size of 
the earth will occur on this leg . 

Entry 

The entry sequence has been described in same detail in a 
previous paper but it is  perhaps important to note that a 
large number of sequential events are controlled directly 
by the crew and those not directly under their cont rol in 
the nominal mode are subject to crew backup . (Figures 82 
and 8 3 )  Some of the particular events are those noted in 
Figure 29 in items 5 and s ubsequent , excepting, of course,  
those items associated with LES tower operation . 

SUMMARY 

The critical role of the crew in providing flexibility and 
reliability during the mis sion has been emphasized . The 
relation of training equipments and procedures to such 
requirements has been noted .  The lunar landing mission 
illustrates the wide range of capabilities of a manned 
spacecraft . 
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Que s t i ons and Answe rs 

CREW TASKS AND TRAINING 

Speake r :  Joseph P .  Loftus 

l .  Mr .  Nix - Has c ons iderat ion been given t o  ope ni ng the 
t op hatch and looking a round? 

ANSWER - Ye s ,  and this approach ha s been re j ected becaus e  
it requires removing the drogue from the LM t op hat c h  
which i s  awkward and potent ially hazardous . Als o ,  t he 
i ncreased length of oxygen umb ilical impos e s  pre s s ure drop 
penalties upon t he ECS and interference with general c rew 
mobility . The view from the front of the LM i s  greater 
t han 200 de gre es and i s  c on s idered ade quat e . 

2 .  Mr .  Davidson - How much of the t ime can t he c rew see the 
earth during t ra nslunar and t ran seart h  phases of the mi s s i i on 
mis s i on ?  

ANSWER - A s ub s ta nt ial porti on o f  t he t ime . The field of 
view of the windows and opti c s  i s  large and will make s ame 
view available most of the t ime . 

3 .  Mr .  Davidson - What i s  t he e ffe c t  of crew movement on 
spacecra ft attitude ? 

ANSWER - Effects are expe cted t o  be minor . 

4 .  Mr .  Beattie - Is t he c opilot task during LM la ndi ng e s s entially 
a monit oring one ? 

ANSWER - No , e s sent ially a t e am ope ration i s  planned .  

5 .  Dr . Re i ffel - Is there t ime allocated for inflight experiment s ?  

ANSWER - There will possib ly be some time availab le s ince not 
all of t he c rew t ime ha s been allocat ed t o  specific space craft 
or mi s s i on opera t i ons . 

6 .  Dr . Rei ffel - Do you plan t o  sterili ze the food c ontainers 
and fecal canni sters ? 

ANSWER - Yes . Ge rmi c idal p rovi s i ons are inc luded in each of 
t he c ontainers . 
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7 .  Dr . Von Braun - Since there is  concern over the effect 
on LM thermal protection from the SM/RCS during extrac
tion and subsequent operations , is  short duration 
pulsing of  the RCS really going to be effective in 
reducing degradation of the thermal coating? 

ANSWER - The condition is still under study; however,  
the limited total duration of RCS firing is  not 
expected to result in significant degradation.  
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TYPES  OF C REW TRA I N I NG 

e S Y STEMS F A M I L I A R IZAT ION 

e SPEC I F I C  TASK TRA I N I N G  

e M I S S I O N  S E G M E N T T R A I N I N G  

e SPEC I F IC  M I S S I O N  TRA IN I N G  

e E X P E R I M E N T  AC T IV ITY  T R A I N I N G  

N A S A - S - 66 - 5 2 3 8  JUN 

ELEMENTS O F  CREW TRA IN ING 

e N O R M A L  MOD E C REW A C TIV ITY 

e M A LFU N C T ION R EC OGN ITION A N D  RESPONSE 

e EM ERG EN C Y  MOD E C REW A C TIV ITY 

e C R EW I N TEG RA TION 



N A S A - S - 6 6 - 5 2 3 7  J U N  

S U B S Y STEMS 

• L A U N C H  E S C A P E  

• G U I D A N C E & N AV I G A TI O N 

• S T A B I L I Z AT I O N & C O N T R O L 

• R E A CT I O N C O N T R O L  

• P R O P U LS I O N 

• S E R V I C E  P RO P U LS I O N 

• D E S C E N T P R O  P U L S I O N 

• A S C E N T  P RO P U L S I O N 

• E N V I R O N M E N TA L  CO N T R O L 

• E L E C T R I C A L  P O W E R  

• C O M M U N I C A T I O N 

• R A D A R  

• S E Q U E N T I A L  E V E N T S  

• E A R T H  L A N D I N G 

• E XT R AV E H I C U L A R  M 0 B I L I T Y  U N  I T  

N A SA - S - 6 6 - 5 2 40 J U N  

T R A I N I N G  F A C I L IT I E S  

e S Y S T E M S  T R A I N E R S 

• P A R T  T A S K  T R A I N E R S 

• MO C K U P S  

• D Y N AM I C  C R E W  P RO C E D U R E S T R A I N E R  

• T R A N S L A T I O N  A N D  D O C K I N G  T R A I N E R  

• L U N A R  L A N D I N G  T R A I N I N G  V E H I C L E  

• E G R E S S  T RA I N E R  

• M I S S I O N  S I M U L ATO R S  

• C O M M A N D  & S E RV I C E  M O D U L E  

• L U N A R  M O D U L E  

• S P E C I A L  F AC I L IT I E S  

• C E N T R I F U G E  

• A I R  B E A R I N G  T R A I N E R  

• Z E R O ' G '  A N D  1 / 6 ' G '  A I R C R A F T  F L I G H TS 

• E N G I N E E R I N G  S I M U L A T O R S  
I· i 1�U!'• l' 
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I 
� ........................ __....."'-'-/ ___ ; ... ___,/"' 

N A S A - S - 6 5 - 5 7 5 3  A P R i l  2 8 ,  1 9 6 5  

APOLLO BLOCK ll M O C K U P  
C O M M A N D  M O D U l E  B l O C K  n M O C K U P  · I N T E R IOR C O N F IG U R A T I O N  

O N l Y  S H O W N  O N  T R A N S P O R T A T I O N  D O l l Y  
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NASA-S-66 -61 47 J U N E  

N A S A - S - 6 6 - 5 2 - H  J U N  

DYNAMIC CREW 
P R O C E D U R ES 

T R A I N E R  

LM MOCKUP 

CM C O N FIGURATION ---,.....--.:;oc:-: ... 

: j .•. _ , .  l ' 



NASA - S -66 - 5246 J UN 

D YNAMIC CREW 
P R O C E D U R E S  

T R A I N E R  

I r- -

; 

LM C O N FIGURATION 

Fit'l.lre 11 



r 
I ., •.A 

N A S A  S 66 6 3 8 2  J U N E  

EGRESS TRA I N ER 

l 

492 



JJ .. � / 

N A SA - S - 66 - 5 2 3 1  J U N  

l M  M I S S I O N  S I M U L A T O R  

493 



N A S A  5 6 6  4 2 4 0 A P R  2 6  

' '  

F L I G H T  A C C E L E R A T I O N  F A C I L I T Y  
T H R E E  M A N G I M B L l  N G G O  N D 0 L A  

S I M U L A T E S  A C C E L E R A T I O N U P  T O  3 0  G ' -'. � . 



N AS A - S - 66 - 3 8 8 5  JUN 

CREW A CTIVITIES PROFILE 

0 12  24 

S lEEP t T CONTROl .MA 
EVENTS 

SlEEP 
CO NTROl  
EV ENTS 

SlEEP 
C O N TRO l 
EV ENTS 

lO I � t�------'1 72 84 96 
t .. � --t 

C A B IN A C T  
EX PLO RE  
SlEEP  

r"'"'� 
_ 

..
...... l 

LUNAR STAY 

144  1 56 168 

36 

-t 
TEl  � 108 

180 

495 

48 60 

1 20 

� 
192 

-

1 32 

204 
I 

72 

I 
1 44 

216 

� 



NASA-S-66-6075 JUN 
I 
CREW ACTIVITIES 

MISS ION T IME CREW MANHOURS 

TASK 

CONTROL 

ATTITUDE 

AV BURNS 
TRANSPOSITION & DOCKING 

LM DESCENT & ASCENT 
RENDEZVOUS & DOCKING 
E NTRY 

M O NITOR 
G ENERAL DISPLAY SCAN 
P E RI O D I C  C H E C K  

E L E C T R I C A L  

E NV I R O N M E N T A L  
P RO P U L S I O N  

SUBSYSTEM MONITO R I N G  

"7o CUM 
TIME o/o 

01 01 

1 2  1 3  

NASA-S-66-6076 JUN 

CREW ACTIV IT IES {CONT) 
MISSI O N  T IM E  

% CUM 
TASK T IME % 

SYSTEM MA INTENANCE 03  1 6  
L iOH CANN I STER  CHANGE 
F U E L  CELL  H 2 PURGE  
FUE L  CE L L  0 2 PURGE  
BATTERY CHARGE  
P LSS RECHARGE 

GU IDANCE  & NAVIGATION  0 3  1 9  
R A D A R  TRACKING  
OPT I CA L  TRACK ING 

COMMUN ICATIO N  0 3  2 2  
SCH EDUL ED  VO ICE  R EPORTS 
DATA RECORD ING 
DATA DUMP 
8 10-MED TRANSMIT  

CHECKOUT 02 24  
LM PRE - S E PARA l iON 
LM PR E - LAUNCH 

"7o 

T IME 

0 1  

04 

CUM 
"7o 

01 

05 

CREW MANHOURS 
% CUM 

T IME  % 

01 06 

02 08 

0 2  1 0  

02 1 2  



N A S A - S-66- 6077 J U N  

C R E W  A CTIV IT IES ( C O NT} 

TASK 

F U N CT I O NA L  T A S K S  

STATI O N  C H A N G E S  
S U I T  D O N  & D O F F  
E Q U I PM E NT R EM O V A L  
E Q U I P M E N T  STOWAGE 
M A K I N G  H A R D  D O C K  
C L E A R  TU N N E L  
S E C U R E  T U N N E L  
C R E W  TRA N S F E R  

E Q U I PM E NT T RA N S F E R  

M I S S I O N  T I M E  C R E W  M A N H O U R S  

% 
T I M E  

0 3  

CUM 
% 

27 

% 
T I M E  

03 

CUM 
% 

1 5  

Fit,'Ure 23 

NASA-S-66- 607 8 JUN 

CREW ACTIV IT IES (CONT)  
MISS ION T IME R E W  M A N H O U R S  

o/o C U M  % CUM 
TASK TIME % T I M E  % 

EXPLORATION 02 29 02 1 7 
PHOTOGRAPHY 
SCI E NTIF IC EQUIPMENT SETUP 
SAMPLE GATH E R I N G  
V E H I C L E  I NSPECTIO N  
SURFACE INSPECTIO N  

L I F E  SUPPORT 07 36 04 2 1  
F O O D  P R E PA RATIO N  & EATING 
BODY FUNCTIONS 
HYG I E N E  

SLEEP  3 3  6 9  3 3  54 
NO SCHEDULED ACTIV ITY 31 1 00 46 1 00 

( INFL IGHT EXP E R IMENTS W I L L  C ON SUME 
A PORTIO N O F  THIS TIME) 

TOTAL H O U R S  2 1 6  648 

.r ::.. vurc- . !1 
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NASA-S-66- 6 1 3 1 -J U N  

VEHIClE VOlUMES 

TOTAL PRESSURIZED VOLUME - 306 FT3 

CREW COMPARTMENT VOLUME - 245 FT3 

TOTAL PRESSURIZED VOLUME - 235 FT3 

CREW COMPARTMENT VOLUME - 2 1 8  FT3 
EFFECTIVE FREE VOLUME - 190 FT3 EFFECTIVE FREE VOLUME - 2 10 FT3 

NASA-S-06-�8 !UN 

COMMAND MODULE CONTROL PANEl 

- Flt CONTROl 
- SEQUENCING 
1B COMMUNICATIONS 
CJ PROPULSION 
- CAUTION & WARNING 
- ENVIRONMENTAl 
CJ ELECTRICAL 



NASA -S-66-6438 JUN 

LAUNCH 
e M O N ITOR L A U N C H  V E H IC L E  P E R F O RM A N C E  

• ATTITU D E -A TT l TU D E  RATE 

• STAG I N G  S E Q U E N C E S  

• TH R U ST L E V E L S  

• TAN K  P R ES S U R E S  

e M O N ITOR G U I D A N C E  

e M O N ITO R M I S S I O N  S E Q U E N C E S  

e M O N ITOR S P A C E CRAFT SYSTEMS 

e M O N ITOR COMM U N ICAT I O N  M O D E S  

'1' �SA S 66 6139 JUN 
... ' lAUNCH 1 

CONFIGURATION 

499 



NASA 5 66 6824 J U N  

A B 0 R T A F T E R 61  s E c 

N A S A - S - 6 6 - 6 5 9 0  J U N  

E A RTH O R B IT 

e O R I E N T  V E H I C L E  F O R  I M U  A L I G N M E N T  

e O R I E N T  F O R  L A N D M A R K  T R A C K I N G  

e E XT E N D A N D  S E C U R E  D O C K I N G  P R O B E  

e O R I E N T  F O R  I M U A L I G N M E N T  

e O R I E N T  F O R  T L I  

e E N T E R  L E B  

e A L I G N  I M U  

e T R A C K  L A N D M A R K S  

e A L I G N  I M U  

e C H A R G E B A T T E R Y  

e T R A N S M I T H I  B I T  R A T E  P C M  

e V E R I F Y  C A U T I O N  & W A R N I N G  

& S P A C E C R A F T  S Y S T E M  S T A T U S  

500 
Fi ' " U rf ·  
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N A S A  5 M 6 154  1lJNf 

O PTIC A L  S I GHTI N G  

N A SA - S -66 -6592  JUN 

T R A N S L U N A R  I N J E C T I O N  

e O R I E N T F O R  A L I G N M E N T  

e M O N I T O R  I M U  A L I G N M E N T  

e C A G E  B O D Y  M O U N T E D  G Y R O S  

e C O U N T D O W N 

e M O N I T O R S IY B  

e P E R F O R M I M U  F I N E  A L I G N M E N T  

e M O N I T O R  S Y S T E M S  

e P U R G E  F U E L  C E L L S  

e C H A R G E  B A T T E R I E S 

e P R E P A R E  F O R  P E A K  P O W E R  

0 ¥. 0 N I T O R S Y S T E M S  

501 



N A S A - S - 6 6 - 6 4 5 1  J U N  

T R A N S P O S IT I O N  DO C K I N G  

e P R E P A R E  F O R  C S M  S E P A RA T I O N  

e S E P A R A T E  C SM -LM F R O M  S -.:ri: - 8  

e P E R F O RM S E P A RA T I O N  P ITCH O V E R  A N D  

C L O S I N G  M A N E U V E R  

e A L I G N  A N D  E X EC U T E  D O CK I N G  

e C O N F I RM M S F N  T R A J E C T O R Y  

e M O N I T O R  S T A T E  V E C T O R  U P D A T E  

e P R E SS U R I Z E  T U N N E L  A N D  LM 

e R EM O V E H A TC H E S  

e S E T  D O C K I N G  L A T C H E S  

e R E STO R E  T U N N E L  A R E A  

e S H I FT C O U C H E S  T O  D O C K I N G  P O S IT I O N  

e P O W E R  D O W N  E P S  A N D  C H AN G E  B AT T E R I E S 

e A L I G N  H IG H  G A I N  A N T E N N A  

NASA-S -66 6825 JUN 

T RA N S LU N A R  T R A N S P O S I T I O N  
A N D  D O C K I N G 

EARTH 

JETT ISON 
S-IVB 

�:,' , 
CLOSE & DOCK ,/ � 

'l(" - . ,__ _ _  ,/ 

SEPA RARATION, �/ 
� 
,/ , 

TRANSLAT ION, �''- � SUNLIGHT ROLl ALIGNMENT �;
,,,/

( IN TRAJEC TORY PLANE) 
.... .... . 

....
........ 

TURN-AROUND PITCH � 
�

,_-� .. - � ACQUIRE HIGH GAIN � 
--�--� S- IVB ORIENTATION 



N ASA- S -6 6 -6 1 3 2 - JUN DOCKING A ND FLIGHT CONFIGURA TION 

NSPOSITION DOCKING 

0 e 

503 

0 
0 
0 
0 
0 
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NASA - S -66-6 1 36 - J U N  

NASA-S -66 -6-489 JUN 

HARD-DOCK LATCH ING 

T R A N S LU N AR C O AST 

e MIDCOURSE  C O R R EC TIONS 

e PER IODIC  C H EC K S  

e PER I O D I C  M A I N T E N A N C E  

e SLEEP 

505 



N A S A - S - 66 - 6 8 4 5  J U N E  
STOW A G E  C O M P A RTME N T S  

T U N N E L  

PGA COMM 
A D A PT E R  C A BL ES 

LEB J B IO INSTRU ' 

A C C ESSO R I ES �HEB 
W A STE  STO RAG E 

N A S A  s 6 6  6 8 6 1  J UN 

B L O C K  II S T O w A G E  I T E M S  
T O T A L  

O P E R A T IO N S  

( A L L  U N I T S )  U N I T S  

A E M U  H A R D W A R E  & C O N T A I N E R S -- - -- 2 8 ---- 1 60 

B T V  & S EQ U EN C E  C A M E R A  & 
A C C E S SO R I E S  2 2  --

C H Y G I EN E EQ U I P M E N T ----- -- --- - - 1 0 5 

D M E D I C A L  EQ U I PM EN T ----- -- -- - 1 0 8 -

E R A D I A T IO N  M O N I T O R I N G  E Q U I PM EN T -- 22 -

F C R E W  C A R R Y - O N  A C C E S SO R I ES -- -
-- - - 2 7  -· ---

G S U R V I V A L  EQ U I P M E N T --- - 6 --

H D O C K I N G  & E X T RA V E H I C U L A R  

- - 1 09 

-- 2 1 8  
- 2 5 3  

- - 8 7  
- - 2 89 

9 

T R A N S F E R  EQ U I PM E N T  - --- -- 8 ---- - 2 3 

I 
J 

G & N  L O O S E  E Q U I PM E N T -- - -- - - ---- ------ 7 65 

K 
L 

L O O S E  S PA C E C R A FT S U P PO R T  
H A R D W A R E -- - - - ------- -· - -

FO O D  P A C K S --- --
L i O H  C A N I ST E R --

M E X P E R I M E N T  H A R D W A R E, T Y P I C A L  

506 

------ 3 4  - ----- 8 1 2  
- 1 68 - .. . - --- 1 6 8 

- - - 56 -- 1 1 7  
9 - 90 
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NASA S 66 6153 JUNE 

SLEEP  STATIONS 

NASA-S -66 -6 1 4 8  J U N E  

507 

FOO D 
PREPA R A TIO N 
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N A SA S 66-61 38-JUN 

NAS A - 5 - 6 6 - 6 8 2 3  J U N  

L iOH CAN ISTER C H A NGE 

ECS PER IODIC VER IF ICATION 
1 GL Y EV AP STEAM PRESS 
2 GLYCOL  D I SCHARGE PRESS 
3 FLOW 02 
4 M SUIT COMPR 
5 Gl Y ACCUM - QUANT ITY 
6 SET H20 QTY IND SW ITCH- POT 

VERIFY WATER - QUANTITY 
7 SET H20QTY INDSWITC H - WAS 

VER IFY WATER - QUANT ITY 
8 ECS RAD I ATOR OUTLET 

TEMP - PR IMARY 
. 9 GL Y EV AP - OUTLET TEMP 

0 TEMP - SUIT 
1 TEMP - CAB IN 
2 PRESS - SUIT �,;.:;,. .... .  ,,_.;,, J. 3 PRESS - CAB IN 
4 PART PRESS C02 

508 



N A S A - S - 6 6 - 6 1 4 9  J U N E  

OPT I C A L  
S IGHT ING 

NASA - S-66 - 6 4 4 5  JUN 

LM C H EC KO UT 

e P R E SSU R I Z E  TU N N E L  A N D  LM 

e R E M O V E  P R E S S U R E  HATC H , A B LATIV E H ATC H ,  

P RO B E ,  & D RO G U E 

e E N T E R  LM - C H E C K  C O N TRO L SYST EMS 

e E N T E R  LM 

e C H E C K  E L E CTR I C A L  AND E N V I RO N M E N TA L  SYSTEMS 

e A L I G N  I M U  

• STOW D O C K I N G  E Q U I P M E N T  

e MON ITOR CSM SYST E M S  

�· i . ·  .. urr ,',t) 



NASA S 66"6152 J U N E  

P R E P A R A T I O N  F O R  T R A N S F E R  

NASA-S-66 - 6 1 50 JUNE 

CREW TRA NSFER 

510 



· '  

LM C O NTROL P A N EL 

fTiim:•1•mstnmt 
lH!H'••-�•!_!!�!!!!1 
[fJiU in.�-�!�!!!!!!] 
[IT'lrrrmr-nniinlj 

- - -- � 
,-iltti 
m 1 

FLT CONTROL 
COMMUNICATIONS, 
SEQUENCING 
PROPULSION 

!ritffill•••nnn_•::!J 
::!!_-_!_!UtftoahihnJ 
�"············ · ·! 

- - CAUTION & WARNING 
- ENVIRONMENTAL 
- ELECTRICAL 

lM FliGHT CONFIGURATION 

-�- -
-� 
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N A S A  S 66 6 8 2 2  J U N  

D ESC E NT ENG I N E  C H EC KOUT 
1 D E S  R EG 1 SW - O P E N  - FLAG ' GR A Y . 

2 DES R EG 2 SW - C LOSED - FLAG S T R I P E D  

3 H E LIUM MONITOR SW DES P R E S S '  
' -

4 I 1 1 1 1  I 
4 READ H E L I U M  I N D I C A T I O N  < 1 2 50 PS IA 

5 P R O P E L L A NT TEMP P R E S S  S W  T O  "DES 1 "  

6 F U E L / OXID DES 1 T EM P  - 70
°

F :!:  20
°

F 

·: � : � Il l  i -�--

7 F U E L  O X I D  D E S  1 PRESS - 1 7 5  !55 PS IA 

8 PROPELLANT Q T Y  MONITOR SW - "DES 1 "  
9 Q T Y  GAGES AT O R  ABOV E 95 % 

N A S A  5 66 6 4 8 4  J U N  

:. ; E1 
· - -- � 

� ��� 

L U N A R  O R B IT I N S ER T I O N  

e O R I E N T  C S M / LM F O R  M A N E U V E R  

e C O U N T D O W N  A N D  M O N I T O R  T H R U S T I N G  

e A S S E S S  R E S U L T S  O F  T H R U ST I N G  

e O R I E N T  F O R  A T T I T U D E  H O L D  

e A L I G N I M U  F O R  TH R U S T I N G  

e R E A L I G N  I M U  F O R  L O C A L  A T T I T U D E  H O L D  

e P R E PA R E  E P S  F O R  P E A K  P O W E R  

e M O N I T O R  S P S  P R O P E L L E N T  R A T I O S  & Q U A N T I T I E S  

e C H A R G E  B A T T E R I E S  

512 
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N A S A - S - 6 6 - 6 8 6 9  J U N E 

LU N A R  O R B IT  INSERT I O N  

5 30 3  F P S  
3 6 20 M PH 
76:59 :37  

8255  F P S  
5 6 4 0  M P H  
76: 5 3 : 24 

NASA - S - 6 6 - 6 5 9 3  J U N  

6 8 9 7  F P S  
4700 M P H  
76 : 36 : 36 

APPARENT S IZE O F  MO O N  

1 40 
1 3 0 
1 20 
1 1 0  
1 00 

90 

D E G R E E S O F  8 0  
S U B T E N D E D  70 

A N G L E  60 
5 0  
4 0  
3 0  
2 0  

5 2 7 0  F P S  
3600 M P H  
7 5 : 36 : 3 6  

� � [_--�--======�������� 
80 60 50 40 3 0  

H R S  O F  M I S S I O N  T I M E  

513 
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N A S A- 5 -66-6 1 46 J U N E  

TRANSFER  OF EQU IPMENT 

( TRANSLUNAR)  

TO LM 

• 1 PLSS 

• 2 EOS 

• 1 PA IR  EV GLOVES 

• 1 TMG (LESS BOOTS) 

• 1 R A D I A TION SU R V EY METER  

• 1 TV C AMERA 

• LM FL IGHT PLAN 

• 1 EVCT D EV ICE 

• 2 EV V ISORS 

• 2 H ELMET STORAGE CONTAINERS 
(CONT A IN ING V ISORS)  

TO CSM 

• 2 LM ELECTR ICAL  UMB I LI C A LS 

NASA-S-66-61 51 JUNE 

TRANSFER OF EQUIPMENT 

514 

T 'i 1�urc 57 



N A S A - S - 6 6 - 6 4 4 7  J U N  

LUNAR DESCENT 
e M O N I TO R  D E S C E N T  E N G I N E  I G N I T I O N  A N D  E N G I N E  

G IM B A L  A L I G N M E N T  

e M O N I T O R  P R O P U L S I O N  Q U A N T I T I E S  

e P R E P A R E  F O R  P G N C S /  A G S  D I F F E R E N C E  C H E C K  

e C O M P A R E  R A N G E  R A T E  W I TH G U I DA N C E  B O U N D A R I E S 
A T  C H E C K  T I M E  

e D E T E RM I N E  T H A T  L A N D I N G  R A D A R  D A TA A R E  A VA I LA B L E  

e C O M P A R E  L A N D I N G  R A D A R  A LT I TU D E  W I T H  G U I D A N C E  
B O U N D A R I E S  A T  C H E C K  T I M E  

e C H E C K  STATU S O F  R C S  A N D  A S C E N T  P R O P U L S I O N  
P R I O R  TO F I N A L  A P P RO A C H  

e M O N I T O R  P RO G RAMM E D  P I TC H  A T T I T U D E  
C H A N G E  A T  H I - G A T E  

e M O N I T O R TH R U S T  I N D I C A TO R F O R  T H R U ST R E D U C T I O N  
TO A B O U T  60 P C  

e A CT I V A T E  O S K Y  D I S P L A Y  O F  L A N D I N G  A R E A  E L E V A T I O N  
A N D  C O M M U N I C A T E  D I S P L A  Y E O  V A L U E S  

e E V A L U A T E  L A N D I N G  A R E A  F O R  A C C E PTA N C E  O R  R E J E C T I O N  

e N U LL A l l  R A T E S  E X C E PT D E S C E N T  F O R  TO U C H DO W N  

NASA-S-66-61 40 JUN 

LM FLIGHT CONFIGURATION 
� 
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N AS A - 5 - 6 6 - 5 1 6 6  J U N  

PROPOSED LUNAR STAY 
( 18 HOURS 2 2  MINUTES) 

POSTLANDING CH ECKOUT 

CH ECKOUT OF SUIT & PLSS 
& DONNING OF EMU 
EXTRA-VEHICU LAR ACTIVITY 

COORDINATION 

EAT PERIOD 

SLEEP PERIOD 

PRELAUNCH PREPARATION 
0 
I 

• 

• 

-

- I -

• • 

2 4 6 8 1 0 1 2  1 4  1 6  1 8  20 

LAUNCH 
TIME FROM TOUCH DOWN (HOURS} 
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N ASA - S -6 6 - 5 0 7 3  J U N  3 

LU N A R  STA Y 
C RE W  A C T I V IT Y  SUM M A R Y  

A C T IV I TY H R  M I N  % T I M E  

P O ST LA N D I N G  C H E C K O U T  3 3  0 3  

D O N  E M U  & C H E C K O U T  2 2  0 8  

E X P LO RAT I O N  6 07  3 3  

C A B I N  A C T I V ITY 2 2 3  1 3  

M O N ITO R S Y S T E M S  
E VA L U AT E  E X P L O RATI O N  
C O M M U N I C ATE W / M S F N  
R E C H A R G E  P L S S  
U N STOW & STOW E Q U I PM E N T  

P R E P A R E  F O O D  & E A T  5 5  0 5  

S L E E P  & R E ST 6 07  3 3  

P R E LA U N C H  P R E P A R AT I O N S  5 5  0 5  

T O T A L  STAY T I M E  1 8  2 2  1 0 0 

: t: r 

NASA-S-66-6 1 43 - JUN 
PLSS DON NING 
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POST LAND ING INSPECTION 

NASA-S-66-61 41 - J U N  LM SLEEP STATIONS 
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UNIT�o STATEs 
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UNITE:o STATEs 
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NASA-5-66-61 45 J U N E  

DISCARDED LUNAR S URFACE  

• 5 liOH CANISTERS* 

• 4 PlSS BATTERIES 

• 1 BAG PlSS CONDENSATE (TREATED)* 

• 1 BAG URINE (TREATED)* 
SEAlED FECAl CONTAINERS (TREATED)* 

• 1 PlSS 

• 1 STill CAMERA 

• 1 SEQUENCE CAMERA 

• 2 PAIR EV BOOTS 

e ? USED FOOD CONTA INERS 

*STORED W ITHIN DESCENT STAGE 
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NASA. S-66- 6595  J U N  

LU N AR ASC ENT 

e C O U N T D O W N  T O  L AU N C H  W I N DO W  

e M O N I T O R  ASC E N T  P RO F I L E  A N D V E L O C I T Y  

e C O N F I RM O R B I T  W I TH M S F N  

e A L I G N  I M U  

e V E R I F Y  D A T A  W ITH M SF N  

e A C T I VA T E  R E N D E ZV O U S R A D A R  

e C L O S E RC S / A SC E N T  I N T E R -C O N N E C T  

e O R I E N T F O R  R A D A R  T R A N S P O N D E R  A N D  LM 

O P T I CA L  T R A C K I N G  

NASA-S.S-66-6383 JUNE AOT SIGHTING 

) 
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NASA-5 -66-6591  JUN 

R E N D EZ V O U S  A N D  D O C K I N G  

e CON F I RM TRAJ E CTO R Y  P A R A M E TE RS W I TH CSM 

e M O N I TO R  R E N D E ZVOUS GATE MA N E U V E R  B U R N S  

e MAN E U V E R  T O  D O C K I N G  

e CON F I RM D E LTA -V A N D  T I M E  T O  G O  W ITH MSFN 

e CH E C K  S U B SYSTEM STATU S 

e A L I G N  IMU 

e O R I E N T  FOR ATTITU D E  H O L D  

F i r;ure 75 
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NASA-S -66-61 42  -JUN 

ASCE NT DOC K ING 

NASA-S-66-6144 JUNE 
TRANSFER OF EQUIPMENT 

(TRANSEARTH) 
TO CSM TO LM 

• 1 PLSS • 2 EOS* 

• 1 PAIR EV GLOVES e 2 TMG* 

• 1 TV CAMERA • 1 PAIR EV G LOVES* 

• 1 LM FLIGHT PLAN • 3 CWG 

• 2 HELM ET STORAGE CONTAINERS • 2 L IQUID COOLED GARMENTS 

• 2 SAMPLE RETURN CONTAIN ERS • 1 EVCT DEVICE* 

• 1 SEQUENCE CAMERA FILM CONTA I N E R  • 1 DOC K I NG PROB E  

• 1 FILM & TAPE CONTA I N E R  
• 1 DROGU E* 

DATA STORAGE ELECTRO N IC ASSEMBLY 
• 2 ELECTRICAL UMBILICALS 

• 1 
• 2 EV V ISORS* 

• 1 RAD IATIO N  SURVEY METER • USED FOOD CONTAINERS 

• SEALED FECAL CO NTAI NERS 

*LEFT I N  LM U N LESS REQUIRED FOR EVT 
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NASA-S-6d-6506 JUN 
_EVCT 

NASA-S-66- 61 30-JUN 

CSM lUNAR ORB IT 
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N A S A . S - 6 6 - 6 5 9 4  J U N  

T R A N S  E A RT H  

e M I DCOURSE  CORRECT I O N S  

e P E R I O D I C  SYSTEM CHECKS  

e PERIOD IC  MAI NTENANCE 

e SLEEP 

Figure 81 

N A S A  5 - 6 6 - 6 8 6 0  J U N  

ENT R Y  

• I N IT IAT E S EP A RAT I O N  

• U S E  ROTAT IO N A L  C O N T RO L FO R L I FT V EC T O R 

• D U M P  RCS  PRO P E L L A N T  

• E N G A G E  E L S  

• C O N F I R M  S EQ U EN C I N G  

• M O N ITO R ATT IT U D E  

• C O N F IRM D ES C ENT W IT H  M SFN 

• U N LO C K  C O U C H ES 

• ENTRY B AT T E R I E S  O N  B U S 
• D E A C T I V A T E  FU E L  C EL L S  

• M O N ITO R C H U T E  D EPLO Y 

526 



N A SA -S-65 - 1 4 1  4 

TYP ICAL  ENTRY TRAJECTORY 

PRE - E NTRY 

e A L IG N  I M U  
e S EPARATE F ROM 

S E RVI C E  M O D U L E  

E D G E  O F  // 
ATMOSPH E R E '-..,/ 

I I I I 
I 

I ! 
(SCA L E  EXAGGE RATED) 

F IGURE 8 

/ 
/' 

/ 

,.. .... "-

I 
e E N S U R E  S A F E  CAPT U R E  
e A V O I D  G ' S  

n .  S T E E R  T O  E X IT C O N D I T I O N  
m e BA L L I S T I C  L O B  

L A N D I N G  SITE  

Figure 83 
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by 
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EXTRAVEHICULAR MOBILITY UNIT OPERATIONS 

The Extravehicular Mobility Uni t  (EMU ) is in reality a space
craft module in i tself , operating completely independent of 
the other modules while on the lunar surface .  The EMU has its 
own communications , electrical power , and environmental control 
system. Its guidance and navigation , propuls ion ,  and reaction 
control sys tems are the as tronaut working in conjunction with 
the EMU. 

The EMU consists  of seven maj or subsys tems (figure 1 ) :  a liquid 
cooled undergarment ,  a pressure garment as sembly ,  a portable 
life · support system, a thermal-meteoroid garment , lunar boots , 
gloves , and protective over visor. 

In addition to the lunar exploration capabilities , the EMU will 
allow the crew to perform free space extravehicular transfer from 
the Command Module to the Lunar Module or vice versa in event of 
a docking system malfunction .  And as in both Projects Mercury 
and Gemini , the space suit provides a backup for unscheduled 
los s of cabin pressure . In the event of a noncatastrophic cabin 
depres surization ,  the suit is capable of being donned prior to 
the cabin reaching an unsafe pressure level . This capability 
allows the crew to remove the suits for a good share of the 
mis s ion if they so  choos e . 

Spec ific EMU requirements for the lunar miss ion are : To allow 
explorations of the lunar s urface for distances  of at leas t 
one-half nautical mile ; provide up to four hours of cont inuous 
separation t ime from the spacecraft for each excurs ion and a 
total capability of 24 hours by multiple excurs ions ; permit two 
crewmen to be extravehicular s imultaneously ; and permit recharge 
of the EMU within one h our for rap id t urn ar ound . The four hour 
separation period has been further defined to be three hours of 
nominal mis s ion �nd one hour contingency.  The twenty-four hour 
total explorat ion time is attained by e ight excursions of four 
per EMU. 

The des ign requirements of the portable life support system, 
PLSS , are shown in figure 4 .  The main function of the PLSS is 
to control and replenish the atmosphere within the space sui t .  
The Unit ,  which weighs 6 5  pounds fully charged , will provide 
oxygen and co2 control for respiration and cooling for average 
work rates up to 1600 Btu per hour . This is s imilar to a man 
walking at 4 to 5 miles per hour here on earth . The total capa
c ity for cooling is 4800 Btu . The unit is also des igned to 
accommodate high work rates of up to 2000 Btu per hour for 
periods of up to ten minutes . In actuality ,  tests have shown 
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that the unit will handle short peaks of 3000 to 4000 Btu per 
hour, however,  expendables will be consumed at an accelerated 
rate,  thereby shortening the mission time available . The PLSS 
also has the capacity to handle external heat leaks into the 
system of up to 250 Btu per hour . 

The basic system schematic is shown in figure 5 .  Thermal con
trol is achieved through a unique approach which does not rely 
upon crew sweating as the primary means of cooling as in the pre
sent conventional spacecraft environmental control systems . This 
is accomplished by circulating cool water at a rate of four pounds 
per minute from the PLSS through tubes in direct contact with the 
skin so that metabolic heat is conducted away . Thus,  the problems 
of astronaut dehydration, sweat in the eyes ,  skin maceration, etc . ,  
are minimized . 

The basic gas ventilation loop is still required to replenish 
oxygen, remove carbon dioxide and moisture, and control total 
pressure . However, flow rates are reduced to a total flow of 
6 cfm to the helmet, as compared to 15 to 20 cubic feet per 
minute which would be required without water cooling . 

A typ ical maximum integrated metabolic profile is shown in fig
ure 6 .  Profiles like this are being used  primarily to test the 
PLSS,  however,  they are based upon a reasonable estimate of lunar 
excursion . This profile is based upon a three hour excursion at 
an average metabolic rate of 1600 Btu ' s per hour, which is the 
maximum design point for the PLSS . Periods of heavy work such 
as egress  from the spacecraft, and walking are assumed to require 
about 2000 Btu ' s  per hour . Moderate tasks such as setting up 
experiments rates will require around 1600 Btu ' s per hour . 

Obviously, an actual metabolic profile for a lunar excursion 
will be a series of sharp peaks and valleys , many of which will 
exceed 2000 Btu' s per hour for short periods . 

The EMU will maintain the astronaut in a thermally comfortable 
condition, however, at these sustained high metabolic rates he 
will undoubtedly be come tired and may require periodic rest 
periods . 

The PLSS also houses  a redundant two-way simultaneous voi ce com
munications unit and a seven channel telemetry unit for system 
and biomedical data transmission. The data which will be avail
able is shown in figure 7 . Information available to earth will 
include : Total suit pressure, status of PLSS consumables , such 
as cooling water quantity, primary oxygen remaining , battery use 
rate,  thermal pe rformance of the PLSS, and electrocardiogram. 
From this  data, it will be possible to assess the metabolic rates 
associated with lunar tasks . 
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The astronaut will be able to monitor his suit pressure, coolant 
water quantity remaining, and primary oxygen quantity. Audible 
warning tones will also alert the astronaut to low s u i t  pressure 
and high oxygen use rates . 

One of the most difficult EMU des ign problems to date has been 
the location of PLSS controls , figure 8. It is difficult to make 
switches and valves  readily accessible without degrading mobility . 

Many approaches have been evaluated from over the shoulder cables 
to s ide arm extens ions . The concept finally chosen was a behind 
the back-fingertip operation as being the least complex insofar 
as PTBS design and operational usage . Electrical and communi cations 
switches are located on the left lower corner of the PLSS . Manual 
water and oxygen valves are located on the other corner .  As seen 
in figure 8, the corners are eas ily accessible and , with training, 
the controls can be operated quickly and accurately . All controls 
will be operated at start-up;  however, only the water garment in
let temperature control and communications switch require operation 
on the lunar surface . 

An independent emergency oxygen system is also available to the 
astronaut . This 3 . 5 pound unit contains 0 . 2  of a pound of oxygen 
stored at 7 500 psi .  The system is actuated by pulling a " green 
apple" which provides regulated oxygen directly to the helmet . 
The emergency system will provide from 5 to 38 minute s of addi
tional time, depending upon the point in time at which the failure 
occurs . The system is not rechargeable . Figure 9 typifies the 
progres s  made in the EMU program toward compacting hardware . The 
system on the left is  the emergency oxygen system as of about two 
years ago, whi ch weighed over 5 . 5  pounds . The volume improvement 
speaks for itself . 

The pressure garment assembly, shown in figure 11, consists of a 
basic  torso enclosure, intravehicular helmet, boots, and gloves . 
The suit provides p ressure protection with s ufficient mobility to 
accomplish the lunar mission . Unlike its predeces sors , the Apollo 
s uit uses convoluted bellows to allow flexure of joints by main
taining a constant volume in the suit thus reducing th� effort re
quired to compres s  the gas . Joints are located at the shoulders , 
elbows ,  wrists , thighs, knees , and ankles . Bearings are located 
in the upper arms and wrists to allow the arm and hand to be ro
tated . Entry into the suit is  made through a dual zippered opening 
in the back identical to the Gemini s uit . The Gemini z ipper has 
proved to be exceptionally reliable by comparison to past closure 
des igns . In fact , Gemini space s uit te chnology, operational experi
ence and components are being used to fullest extent possible in 
the Apollo program. 

Figures 1 2  through 14 depict some of the basic movements that can 
be performed with the Apollo suit . The lunar explorer will be able 
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to walk, kneel, c rawl on all four s ,  get up from a prone pos ition 
e ither from the side,  front , or back , bend d own at tl:e 1..ra i s t , s quat 
and reach most f rontal and s ide areas of his s uit . 

A maj or factor contrib ut ing to the c apab ilit ies o f  the suit i s  
familiarizat ion and training o n  the part of the weare r .  For 
example, many arm pos itions are more eas ily attained by a comb ina
tion of motions rather than a d i re ct movement to that position . 
Proper use of the helmet tie down can make s itting and other simi
lar operations which require bending at the waist much e a s ie r .  

The helmet h a s  a f ixed v i s o r  w ith n o  ne ck bearing, which a llows 
the wearer to turn hi s head without having to move the helmet w ith 
him. Thi s give s the crewman a greater f ield of vis ion and elimi
nates the torque required to move a neck bearing . Downward vis ion 
is part i cularly important to the lunar mi s s ion s ince the astronaut 
must be able to s e e  hi s feet to be able to s elect each step in 
rough terrain . Also,  the c rewman will be required to make and 
break his gas ventilation conne ctions within two minutes to trans 
fer from vehicle to PLSS operati on . The helmet i s  c apable of be ing 
qui ckly donned without a s s i stanc e ,  over a communi cat ions cap . The 
cap is also worn for " shirt s leeve" communications . 

Vi s or fogging, which o ccurred d uring the GT-9 Gemini extravehicular 
experiment , ha s been and will continue to be given a great deal of 
consideration in the EMU test program. 

Fogging i s ,  of cour s e ,  caused by condensat ion of the warm wet 
exp ired breath and vent ilation gas on the relatively cold inner 
surface of the visor.  Manned tests on an EMU at an altitude of 
300 , 000 feet, with - 300°F cold walls s imulating lunar night condi
t ions , showed that s at i sfactory clearing of the visor o ccurred at 
metabolic rates up to 2000 Btu per hour . The test s ub je ct c ould 
force a small patch of fogging by purposely blowing on the visor, 
however, the clouded area c leared itself within one to two seconds . 
Visor inside s urface temperatm·"' was only slightly lower than the 
tempe rat ure of th6 ventilatiuu flow , in spite of an out s ide s urface 
temperature of 20 F . .  Low emi s s ivity coat ings will be p rovided on 
the visors to control visor tempe rature s and a wett ing agent coat ing 
for the internal v i so r  is be ing investigated to complete ly preclude 
fogging . 

The Apollo visor i s  made of polycarbonate which was s ele cted primaril 
for its impact strength . Quarte r  inch polyc arbonate will withstand 
impact load s of So foot pound s or more depend ing upon the area and 
velocity of the ob j ect s triking the vi s o r .  Thi s er:ergy leve l is 
very important in Apollo where the astronauts will be moving about 
on the lunar surface and inside the space craft expc, s ing the helmet 
to kno cks on bulkhe ads , bracke t s ,  et c .  For comparison, Mercury 
and early Gemini visors were made of acryli c or plexiglas s  which 
break at energy leve ls of unde r  5 foot pound s .  This was s atis
factory because the crew d id no t leave the cou ch .  
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Tests were conducted in the 1/6 gravity aircraft with a mockup 
fiberglass visor, to determine the energy loads that could be 
expected for a fall on the lunar surface (figure 15 ) .  We would 
certainly expect this to be the worst case . During this series , 
energy levels of 135 foot pounds were recorded . The polycarbonate 
helmet and over visor combination will accommodate this type of 
blow without injuring the astronaut through its ability to deform 
and absorb energy. The helmet has been impacted with 130 foot 
pounds by dropping a 16 pound rod with a 2-inch diameter hemispher
i cal tip without rupturing . Polycarbonates are relatively new and 
production process controls and fabrication techniques are not as 
yet quite developed to the point where a quality helmet visor with 
acceptable distortions and surface imperfections can be produced 
consistently . While this is still an existing problem several 
contractors are investigating forming processes and it is felt 
that an acceptable helmet will be qualified by January 1967 . 

Provisions are made to store body wastes within the suit . The 
urine collection bag is identical to the Gemini device ,  except 
for minor interface revisions . It can also be  emptied in flight 
and reused if necessary .  Fecal collection is not expected to be 
required during the planned pressurized suit modes , however, during 
an emergency return which could take up to 115 hour s ,  provisions 
must be made to contain the feces . Numerous types of systems have 
been examined, however,  to date none have been totally acceptable . 

The liquid cooled garment (figure 16 ) is  worn under the space suit, 
next to the skin. Unlike regular underwear the garment has 300 
feet of polyvinyl chloride tubing sewn into it which directly con
tacts the skin of the wearer. The PLSS circulates cool water 
through the tubes in forty parallel paths to reduce pressure drop . 
An astronaut will have a choice of inlet temperature settings , 
from 45° to 85° F, depending upon his activity level . During a 
three hour manned mission profile in which metabolic load varied 
from 400 Btu/hr to 2000 Btu/hr for varying lengths of time , test 
sub ject comfort was maintained with only six changes in position 
of the control valve . The sub ject ' s  skin temperature was main
tained at a comfortable level while the average sweat rate was 
only 71 . 7  cc/hr for the test . The testing to date on this garment 
has been extensive . Subjects have worn the garment for several 
days without significant comfort problems . 

The thermal-meteoroid garment {figure 18 ) is  worn over the entire 
pressure garment to protect the space suit from cuts , abras ions , 
and meteoroid penetrations , and to provide passive thermal control . 
The garment is made up of an outer layer of reflective white dacron, 
seven layers of super insulation, and finally two layers of neoprene 
coated nylon . Insulation to limit conduction also has been added in 
areas which will ro utinely come into contact with hot or cold 
surfaces  such as the hands , knees , and feet . 
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Mobility is  not appreciably degraded with the addition of these 
layers over the suit, except for the gloves and boots . The 
thermal gloves have a fine woven stainless steel palm for dura
bility backed by 16 layers of super insulation for conductive 
protection .  The back s ide of the glove i s  identical to the 
thermal garment cross s ection . Flexibility is hampered by the 
relatively small diameter fingers compared to the material bulk 
and tactility is very difficult to retain, especially at the 
fingertips where the material comes together .  This glove has 
recently been tested under vacuum conditions , in which a subject 
was able to grip a hot rod at 250° F for three minutes and a cold 
rod at -250° F for over thirteen minutes .  

The lunar boot i s  not as problematic as the glove because  gripping 
and tactility are not required, however, a flexible sole i s  des ir
able to avoid having to walk flat footed . The soles of the lunar 
boot have an outer surface of silicone rubber which holds up sur
prisingly well on sharp rough surfaces . The rubber is followed 
by 13 layers of super insulation and finally two layers of nomex 
felt . A current boot design has been succes sfully tested under 
the vac uum conditions in a hot plate at 250° F for over one hour . 

Unmanned testing of thermal garments has been underway since early 
1963 , in an effort to obtain adequate protection without severely 
impairing mobility. The garment has been optimized from a 25 layer 
cross section to its present seven layers . Access flaps have been 
purposely left open during these tests to evaluate potential hot 
spot problems . The outer surface  of the garment was purposely 
dusted with soil of the same absorptivity-reflectivity character
i stics as the lunar surface to examine the thermal implications . 
The test data and computer analysis  agreed that the heat flux in 
could increase by a factor of one . However, this flux is  still 
within the capacity of the PLSS . Even with the minor GT-9 problem, 
the two Gemini EVA flights and ground tests have validated this 
concept of thermal protection. 

A prototype extravehicular vi sor assembly, figure 22, will be 
worn over the primary helmet . The attachment concept is  identical 
to that shown, however, the visor attenuation approach has been 
modified to the GT-4 concept . Two visors are provided which rely 
upon reflectance rather than absorption to attenuate infrared and 
visible light . 

The test set-up for unmanned testing of the thermal-meteoroid 
garment in the Ling-Temco-Vought space simulator is shown in 
figure 23 . In this  series a quartz lamp cage was placed around 
the test specimen, in conjunction with the solar source and cold 
walls , to simulate the infrared heating expected from the lunar 
surface . The dummy is rotated about its longitudinal axis  to 
examine transient situations and different view factor s ituations . 

536 



The worst thermal case tested to date simulated an explorer stand
ing in a lunar plane with a sun at 90° from the vertical . The total 
heat leak reached about 135 Btu/hr . Further unmanned tests are 
planned to examine other critical thermal situations , such as the 
EMU working in a crater . 

Tests have shown that the Apollo Block II pressure garment assembly 
is the most mobile soft space suit yet developed .  The metaboli c 
energy required to exercise the pressurized suit is small by com
parison to the Mercury and Gemini suits and its range of motion 
significantly greater. Of course, neither of its predecessors 
were designed for walking, however, even in areas of comparable 
motion requirements ,  the Apollo suit is superior . 

While the Apollo suit is the best available , it still requires a 
good deal of metabolic energy to operate . Figure 24 summari zes 
some of the results of manned treadmill tests conducted to date , 
with unpressuri zed and pressurized suits at both l g and l/6 g .  
It appears that the metabolic expenditure for walking i n  the 
pressuri zed suit will require up to twice as much energy as that 
of the unpressurized suit in one g .  This ground based data also 
indicates that metabolic expenditure for walking will be reduced 
up to 50%, due to the 1/6 gravity environment . From this data , 
we can expect that the astronaut should be able to travel up 2 
or 3 miles per hour without any thermal stress  depending upon the 
immediate terrain. To date , metaboli c data has been collected 
primarily by exercising subjects on treadmills becaus e  it offers 
a convenient standard for comparison. More tests will be conducted, 
in fact this type of testing will be intensified to measure the 
metabolic penalty as sociated with a variety of surface conditions . 

The MSC lunar crater area has been used periodically to evaluate, 
subjectively, the problems of terrain and 1/6 gravity as shown in 
figures 25 and 26 . The l/6 gravity simulator creates some problems 
itself because of the effort required by the sub ject to overcome 
its inertia . However, these  tests have proved quite valuable in 
assessing the balance and stability problems . 

Field trips have been made to sites in Oregon and Arizona where 
the terrain is believed to resemble that of the lunar surface .  
Sub jects wearing full EMU ' s performed simulated traverses in deep 
sand and in rocky areas ,  up a variety of slopes and on flat 
surfaces ,  as seen in figures 27 and 28. Various tools , experi
ments,  and walking aids were evaluated in conjunction with the 
EMU. Field simulation of this sort will continue throughout the 
program becoming more sophisticated as production hardware and 
detail on the lunar surface is  available . 
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It has been very apparent from thes e  fi eld trips and the 1/6 
gravity s imulati ons in the MSC lunar c rater that balance will 
be diffi cult to maintain and in fact may well be the cons tra int 
in determining the range of expolrat�on . S ub j ects tended to 
walk carefully in the s e  tests rather than b ounding along, 
primarily becaus e  they have a great deal of diff i c ulty in main
taining their balanc e and stopping qui ckly . They could make 
better time by loping along; however, because of the se c ontrol 
problems , would probably only attempt thi s in an emergency. 

EMU failure modes which c onstrain the lunar mi s s ion are primarily 
directly a s sociated with expendables and therefore determine the 
time the crew has to return to the spacecraft . For example , one 
of the more critical failures is a fan malfunction which would 
require that the a s tronaut return to the spa c ecraft immediately . 
The remedial action for thi s case would be for the crewman to 
activate the emergency oxygen system and open a fixed orifice in 
the s uit whi ch caus e s  a two pound per hour or 1 . 9  cfm in the 
helmet as the pres s ure regulators attempt to ma intain the suit 
pre s s ure .  The res ultant mi s s ion c onstraint i s  shown in figure 29.  
A s  the astronaut leaves the vehicle , h e  can walk up t o  a maximum 
of 26 minutes away before he has to start working his way bac k .  
Assuming nominal usage to this point , the amount o f  oxygen left 
in his tanks will just give him 26 minutes at 2 pounds per hour . 
After 26 minutes he will have to work his way back, always stay
ing within thi s envelope , whi ch is a funct i on of the us e rate ,  
i . e . , metaboli c consumption and leaka ge . I f  he works harder or 
has a greater leakage to c ontend with, the maximum envelope i s  
reduced. The spe c ific leak rate for the EMU i s  200 standard 
c ubic centimeters per minute . A leakage check will be performed 
prior to egres s  however the check will be made by measuring 
pre s s ure decay on a small mounted gage . The test, as such, will 
be relatively gro s s ,  a s suring the crewman that all connect ions 
are properly made . Oxygen quantity trend informat ion will be 
calculated on the ground to keep the astronaut informed as to 
hi s return status . 

The EMU s ub systems have c ompleted crit i cal de s i gn review. First 
arti cle confi guration inspections will be held during July 1966 . 
In August, a s ub j ect wearing the full EMU will walk into a space 
s imulator . Thi s test will b e  the first real manned thermal t e st 
in a s imulated environment , completely protected by the EMU s ub 
systems . 

Ba s ed upon the tests to dat e ,  we are confi dent that thi s unit 
will be adequate to perform a valuable lunar mi s s i on .  When the 
program was initiated, the des i gn re quirement s were ba sed upon a 
relatively poor estimate of the lunar envi ronment . The data 
whi ch has been ac quired s ince thi s time from pegases , s urveyor , 
etc . ,  has shown the ori ginal estimate to b e  conservative and a s  
s uch adds to the confidence i n  the hardware . 
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Questions and Answers 

EXTRAVEHICULAR MOBILITY UNIT OPERATIONS 

Speaker:  William C .  Kincaide 

l . Can the extravehicular astronaut walk sideways ? 

ANSWER - Yes .  

2 .  Why is the helmet red? 

ANSWER - Allows better observation of the EVA .  

3 .  Which visor will b e  down during EVA? 

ANSWER - Normally the inner visor for night-time 
excursions and the gold visor for daytime excursions . 
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FIGURE 1 

N A S A - S - 6 6 - 6 8 5 4  J UN 

EMU MISS ION R EQ U I R EM ENTS 

• PERM IT A PO LLO C R EWMEN TO L EA V E  THE  CM OR LM 

IN FREE  SPACE  TO A C COMPL ISH E X TRAVEH ICULA R  

TRANSFER  

• PERM IT A PO LLO C R EWMAN TO LEA V E  THE  LM O N  TH E 

LUN A R  S U R F A C E  TO EX PLORE  & R ET U R N  S A FELY 

TO THE LM 

• PRO V I D E  BAC K U P  PROTECT IO N  W IT H I N  T H E  SPA C E C R A FT 

I N  TH E EV ENT O F  U N S C H EDU LED CA B IN PRESSURE  LOSS 
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SPEC IF IC lU NAR MISSION REQU I REMENTS 

• ALLOW EX PLO R A T I O N S  OF T H E  L U N A R  S U R F A C E  FO R 

D ISTA N C ES O F  AT L EA ST 0 .5  N M  FROM T H E  LM 

• PRO V I DE FO R 4 HO U R S  O F  CONT INUOUS S E PA RAT ION 

FROM THE SPACECRAFT FOR EA C H  E X C U R S ION 

& A TOTAL  OF 24 HOURS 

• PERM IT TWO C R EW M EN TO BE  E X T R A V EH I C U LA R  

A T  T H E  S A M E  T IME 

• PERM IT R ECHARGE  O F  THE  EMU W ITH IN  A N  H O U R  

FIGURE 3 
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PORT A BlE l iFE SU PPORT SYSTEM (PlSS)  
DES IGN REQU IREMENTS 

• TH ERMAL  C A PA C ITY 
• M ETABO L IC  

• EXTERNAL  LEAKAGE 

• PR ESSU R E  

• C A R BO N  D IO X ID E  

• COMM U N IC ATIONS - TELEMETRY 

FIGURE 4 
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3 SSA CHECKOUT (LUNAR SURFACE) 
4 ERECTION OF SHIELDED STORAGE A REA 
5 TRANSFER EQUIPMENT 
6 REST 
7 WALK TO OBJECTIVE NO. 1 
8 SET-UP AND PERFORM EXPERIMENT NO .1 

FIGURE 6 

9 RETURN TO LM FOR EQUIPMENT 
10 REST 
1 1  WALK TO OBJECTIVE NO. 2 
12 SET- UP AND PERFORM 

EXPERIMENT NO. 2 
1 3  RETURN TO LM 
14 PROCESS SPECIMENS 
15 INGRESS 
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EMU INSTRUMENTATI O N  

TELEMETER  ED  

e SU IT  PRESS U R E  

e W ATER  QUANTITY 
e O X YGEN Q U ANTITY 

e BATTERY C U R RENT  

e LIQU ID  C O O L E D  GARMENT AT ( I N L ET-O UTLET )  

e S U IT INLET TEMPERATU R E  

e EK G  

SELF  MON ITO R ED 
e SUIT PRESSURE 
e O X YG E N  Q UANTITY 
e WATER QUANTITY 
e HI GH OX YGEN FLO W  (AUD I BLE WARNING)  
e LOW SU IT  PRESSU RE  (AU D IBLE  WARNING)  

FIGURE 7 
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FIGURE 9 
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PRESSURE  GARMENT ASSEMBLY (PGA)  
DES IGN R EQ U IREMENTS 

• P R ESSU R E  P RO T E C T IO N ,  W IT H  M I N IM U M  L E A K A G E  

• M O B I L ITY  TO A C C O M PL I SH  LU N A R  E X PLO R A T I O N  

• STO R A G E  FO R B O D Y  W A ST E S  

• V EN T I L A T I O N  D ISTR I BUT IO N 

• V I S I B I L IT Y  & EY E P R O T E C T I O N  

• COMMU N I C A  l i O N S  

• TO L ER A B L E  FO R C O N T I N U O U S  P R ES S U R IZ ED W EA R  

FO R U P  T O  1 1 5  H O U R S  

FIGURE 1 :1 
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W ATER COOLED GARMET 
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L IQU ID  COOLED GA RMENT ( LCG)  D ES IGN 

R EQU IR EMENTS 

• L IM IT PERSP IRAT IO N  TO 1 30 GM/ H R  AT 2000 BTU/HR  

• L IM IT LO C A L  SK IN TEMPERATU RE  TO 1 05°  F M A X IM UM 

• L IM IT LOC A L  SK IN TEM PERATURE  TO 50° F M IN I M UM 

• TO LERA BLE  FO R CO N T I N U O U S  W EA R  FO R U P  TO 

1 1 5  H O U R S  

FIGURE 1 7  
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THERMAL  METEOROID  GARMENT (TMG) 
DESIGN R EQU IREMENTS 

• A BR A SIO N P ROTECT ION 

• M ETEO R O I D  P ROT ECT ION 

• PASS I V E  T H ERMAl PROTECT IO N 
El iMINATE "HOT SPOTS" 
250 BTU /HR IN 
350 BTU/ H R  OUT 

• DO N-DO FF CAPA Bil iTY TO PREVENT CONT AM I N A  l iON 

FIGURE 1 9  

PROTOTYPE APOLlO EXTRA V EH ICULAR GLOVE TEST 
• •  



PROTOTYPE APOllO lUNAR BOOTS 
< • 

PROTOTYPE APOllO EXTRA VEHICUlAR VISOR ASSEMBlY 
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APOLLO EMU THERMAL TEST 

N A S A
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3 META BOLIC RATE COMPA R I S O N  
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FIGURE 24 
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1/6 g 
S I MULATOR 

GRAVITY - lUNAR SURFACE TESTING 
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S U IT E D  A ST R O N A UT 
U S I N G  J A C O B S '  STA FF  
T O  A S S I S T  I N  W A L K I N G  O N  
S I M U L A T E D  L U N A R  S U R F A C E  

A S T R O N A U T  W E A R I N G  
C O M P L ET E  E M U  

D U R I N G  S I M U L A T E D  
L U N A R  S U R FA C E  T E S T S  

I B E N D , O R E 1  
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RANGE L IM I TAT I O N  R ESU LT I N G  F R O M  T H E  
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FIGURE 29 
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LEM LANDI NG DYNAMICS 

l .  0 INTRODUCTION 

The lp.ndin g  s i mula t i on s tudies accomp l i s he d  at MSC de f ine tte 
vehi c le s tate at touchdown . The purpos e of this pres ent a t i on 
is t o  g ive a de s c r ip t ion of the land ing sys tem and t o  d i s c us s 
the dynamics of the LEM f ollowing the in i t ial land ing impac t ,  
inc luding the analys is work ac c ompl i s hed and p lanned to pre 
d i c t  veh i c le lan d ing perf ormanc e .  

The lunar lan ding mus t obvi ous ly avoid t opp l ing i n s tab il ity 
of the LEM , within the flying quali t ie s  of vehi c le c ontrol 
sys tem , f or the range of lunar s ur face parame ters s e le c t e d  
f or des ign . 

2 . 0  DEFINITION OF LAND ING GEAR DE SIGN CRITERIA 

Landing gear des ign was in i t iated on the LEM before c urrent 
lunar data , s uch as Ranger and Surveyor f l igh t s , were ava i lab le . 
A c r i teria was chosen for the c on trac t or t o  de s ign the LEM gear 
and i s  s ummar i z e d  in Figur e  l .  In add it i on t o  the geome t r i c  
charac te r i s t ic s  o f  t h e  d e s ign lunar mode l o f  6° general s lope 
w i th 24- inch depre s s  i

.
ons or 24- inch protuberan c e s  under the 

f oot pads at impact g iv ing a max imum e f fe c t ive s lope of appr ox i
mately 12 ° , the s urface ma te r ial was cons idered to be in f in i t e ly 
rigid for s hock ab s orb er des ign . Foot pad s i z e  was bas ed on a 
minimum s urface dynamic b ear ing s t rength of 12 p s i .  Shear ing 
or s l i d ing re s i s tanc e as a fr i c t i on c oe f f ic ien t was c ons i dered 
t o  vary from 0 . 4 t o  1 . 0  in addi t ion t o  par t ial or full c on s traint 
of the foot pad . 

The vehi c le ve loc i ty , at t i tudes and rat e s  were e s tab l i shed from 
the 3 cr c on t rol s ys t em capab i l i t i e s  g iven in the pre c e ding d i s 
c us s i on .  The s e  cr i ter ia are a ver t i cal ve loc i ty o f  1 0  f t/ s e c  
with a hor i z on tal ve loc ity o f  0 f t/ s e c ; a ver t ical ve loc ity of 
7 ft/s e c  and hor i z on tal of 4 f t/s e c . The a t t i t ude c r i t e r ia i s  
±6° w i t h  a max i mum att itude rat e  o f  2 °/s e c . The control sys tem 
w i ll be act ive during land ing dynami c s , b ut was not c ons idered 
so f or original gear des ign and per f ormanc e  analys i s . Gear 
des ign als o c on s idered the pos s ible de- s tab i l i z ing moment gener
ated during s ome land ing c on d i t i ons from crus h ing of the d e s c e nt 
engine s k irt ext e ns i on , and the crus h  load c harac t e r i s t i c s  used 
were in c luded as a spe c i f i cat i on requi remen t  on the engine des ign . 
The des ign land ing we ight s were s elected based upon mini mum and 
maxi mum usage of expendab les in the des c ent from lunar orb i t . 
The max imum land ing we ight i s , in genera l ,  c r i t ical f or the 

557 



energy abs orption requirements while the mlnlmum landing we ight , 
which also has the highes t  center of gravity pos it ion , is critical 
for the stab ility requirements . 

3 . 0 DESCRIPTION OF LANDING GEAR 

The landing gear des ign that evolved from this set  of requirements 
is referred to as the "Cantilever" gear. As shown in Figure 2 ,  

each of the four gear assemblies c ons ists of a primary strut and 
two sec ondary struts. The primary strut c ons ists of an inner 
cylinder with a foot pad at its lower end , and an outer cylinder 
c onnected through a type of universal j oint at its upper end to 
the outrigger support trus s . A dual crush level honeyc omb 
cartridge shown at the top of Figure 2 acts in compres s ion to 
abs orb energy at the indicated load- stroke values . Each secondary 
strut cons ists  of an outer cylinder connecLed through a ball j oint 
to the pr imary strut , an inner cylinder connected through the 
deployment trus s to the base of the des cent s tage , and an arrange
ment of honeyc omb cartridges that can absorb energy , at the load
s troke values shown in the bottom of Figure 2 ,  while the secondary 
strut is extending or compres s ing . The 36- inch diamete r  foot pad 
has s uffic ient area and s trength to provide flotat ion and minimal 
impact penetration on low bearing strength surface s .  The center 
of each foot pad is 167 . 57 inches from the LEM centerline. 

4 .  0 LANDING - PERFORMANCE TO DESIGN CRITERIA 

To predict land ing performance on the lunar suT face , cons iderable 
effort has been and continues to  be  expended in extens ive landing 
dynamic analys is . Of prime c oncern during the development of the 
analys is was the realis t ic treatment of the non-linear geometry 
and load ing of the artic ulating landing gear. Since the proper
ties of the landing surface were not well known, spec ial attention 
was given to allow the analysis  to  accommodate a wide variety of 
c onditions . Other s ignificant effects treated in the analys is 
include the influence of c rushing the des cen t engine skirt exten
s ion ,  fue l s losh , reaction c ontrol and engine thrus t forces ,  and 
the logic required to account for the init iat ion of engine shut
down and thrus t- decay characteristics . Since purely symmetric 
landings appear unlikely , it became des i rable to  determine the 
effect of introduc ing asymmetric parameters into the init ial 
c onditions , ( e . g. ,  var iations in the flight path with respect 
to the lunar slope , and vehicle yaw angle with respect to the 
flight path ) . 

Results of a landing s imulat ion include time histories of all 
pert inent data ( e . g . , center of gravity veloc ities and accelera
tions , s trut loads , strokes , and foot pad pos ition ). Another 
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form of the s imulation output is a movie des cribing s troking 
of the s t rut s , crushing of the engine skirt and vehicle motions 
result ing from the dynamic s . The vehicle is  ass umed uns table 
if the LEM center of gravity falls outs ide a vertical plane 
pas s ing through any two adjacent foot pads . In a stable run , 
the minimum distance be tween the LEM center of gravity and any 
of the se  vert ical planes is recorded as a measure of s tability . 
Results of such an analys is  with var ious init ial c ondit ions , 
within the cr iteria , g ive us performance boundaries indicated 
by Figure 3 .  These  boundaries then indicate that the pres ent 
gear des ign is op timized to a high degreee to meet the or iginal 
design criteria for worst case energy abs orption and stability 
crit ical landing c onditions . 

5 .  0 LEM STATE AT TOUCIIDOVJN 

Factors affecting the vehicle s tate at touchdown include probes 
mounted on the LEM foot pad used to sense the landing surface 
and to provide a s ignal for engine thrust  termination ( See 
Figure 4 ) .  A landing surface bearing s trength of about 3 ps i 
acting on the probe t ip is suffic ient to act ivate the cutoff 
s ignal . Upon receipt of the sens ing probe s ignal , the as tronaut 
manually terminates the thrus t .  

Terminat ing thrus t before t ouchdown caus es  the s·pacecraft velocity 
to inc rease at t ouchaown . The earlier the thrus t is terminated , 
the highe r the touchdown veloc ity .  If the astronaut delays too 
long in terminating thrus t ,  the eng ine  will be firing at touchdown . 
Thus , two poss ible problem areas exis t : landing with veloci ties 
in exce s s  of des ign veloc ity and landing with the engine on . 

Figure 5 shows the predicted 9g'/a probability touchdown ve loc ities 
together with the t ouchdown ve locity envelope . The predicted 
touchdown veloc ity inc ludes the effect of as tronaut react ion time 
and s ys tem delays . The f igure shows that the predic ted touchdown 
veloc ities fall well within des ign value s . Therefore , no problem 
is anticipated in this area . 

To avoid pos s ible undes irable failure modes of the engine skirt 
and increased pressure and temperatures on the base  heat s hield , 
it  is  des irable t o  terminate thrus t by the time the footpads 
contact the surface . At this point , the eng ine skirt is approxi
mately 19 inches above the surface . The engine may be thrus t ing 
at touchdown if the des cent veloc ity is too high or if the astro
naut de lays too long in ini tiating engine cutoff .  F igure 6 shows 
the probability of a given vert ical veloc ity occ urring at probe 
surface contact when the nominal des cent veloc ity of 3 . 5  fps is 
de s ired .  The figure als o  shows the probability o f  a given crew 
reaction time for initiating engine cutoff . These data were 
generated dur ing the land ing s imulator s tudies mentioned above . 
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Referring to the f igure , there is a 97% p r obab i l i ty that the 
descent veloc ity at probe c ontact will be lc s �' than 5 fps . 
For this de scent veloc ity , the as tronau t reac t i on time must  
be  in  one-half second before it i s  phys ically JlOG s ible f or the 
eng ine to be thrus t ing at touchdown . The probability of the 
as tronaut reaction t ime exceeding one - ha l f  ; ; e c on J is about 2% . 
Comb ining the two probabilitie;:: results in a probab ility of 
about 99 . 94% that the engine will be off at '�ow:Ld mm .  

The minimum engine operat ion he ight above t h e  s t:rface of 19 
inches used at this t ime is from preliminary }JlW�te analys is . 
To better def ine the engine/surface interaction l imits , MSC 
has ini t iated contract s  to develop two d i f f e r e n t  analyt ical 
models of  the eng ine plume/ surface interae_� t ior as well  as an 
experimental program . 

One analytical approach will develop a free plume program for 
an ideal noz zle (parallel flow at exit ) .  An initial investi
gation of a plume impinging on a surface will als o be  made to 
obtain approximate s urface pres sures . 'l'he oti1er analytical 
program will develop a free plume program for a Rao noz z le , 
as s uming no s trong shocks and omitt ing that portion of the 
flow where a l ip shock occurs . An experimental program ,  us ing 
the Langley Research Center 41 foot high altitude facility ,  
will b e  performed incorporating the Apollo lOG-pound thrus t 
Reaction Control System engine (a  1/10- scale LEM de scent engine ) .  
These  tests  will correlate the above analyt ical programs and 
aid in evaluat ing the descent engine flovr Lmdcr various 
conditions . ( See  Figure 7 )  

Phase I I  of this effort will s e lect  the more de s criptive co�
puter program , and continue us ing the selecteJ program for 
engine flow near t�e s urface to  evaluate surface interaction . 
This s tudy will cons ider both normal and off-normal orientation 
of the eng ine plume to the surface . The i n i t ial  analytical 
and experimental programs should be completed by September 1966 . 
The more detailed Phase  II completion is  e s t imat ed for February 
19G7 . 

6 .  0 IMPLICATIONS OF LUNAR ENVIRONMENT ON LANDING PERl"ORMANCE 

As noted earlie r ,  the landing performance  cf ��he LEM i s  sa ti s 
factory for the des ign lunar surface mode l .  ;,,;e nmv turn ou:r· 
attention to the landing performance on s urfac e 2  that are les s  
rigid than the des ign s urface . 
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Determination of landing performance on s oft s urfaces  relies 
heavily on a knowlecl�:;e of the interaction of the landing gear 
foot pad with the s oft s urface as the pad penetrates the s urface .  

The inte ract ion f orr::es  and moments depend on the s oil dynami c s  
and the foot pad s ize  and shape . 

S ince soil dynamics  in a lunar environment is  a relative ly 
unexplored fie ld , a c ons iderable amount of experimental and 
the oret ical work has been init iated in this area . Thi�  work 
is a imed a t  determin ine; the foot-pad/s oil interac t ion f or 
several soil  types t hat have a high probab ility of occuring 
on the lunar s urface . The neces sary data should start becoming 
availab le within the next s ix months . 

In the meant ime , s ome landing performance bounds can be e s tab
lished through the us e of s implified theoret ical s oi l/foot-pad 
interac tion models . Experimental and theoret i cal interact i on 
force models that have been developed t o  date usually are of 
the form expressed  by the equation in Figure 8 .  

The first two terms i n  the equat ion are as s oc iated with the 
s tatic  penetration res istance , while the las t  two terms are 
as s oc ia ted with the dynamic  penetration res istance of the 
s oi l .  Thi s  equation has been programmed into MSC ' s digi tal 
c omputer s imulation of the LEM lunar touchdown dynamics . 
Work is  underway to determine the lunar landing performance 
based on this theore t ical foot-pad/soil interact i on model .  
The next several f igures s ummarize the res ults o f  our work 
to date . As exper imental data becomes availab le , the res ults 
shown here will b e  updated as neces sary . 

The ground rule s b e ing used to determine s oft s urface landing 
performance are lis ted in F igure 9 .  Lateral moti on of the foot 
pad was not allowed t o  get cons ervat ive answers for the vert ical 
penetration . 

The procedure for determining landing performance is  out l ined 
in F igure 10 . 

Figure ll is  an example of how "bad" s tabi lity cas es are deter
mined . The s tab ility performance was c omputed for each set  of 
init ial c onditions and plotted vs s tabi lity marg in . Stab i lity 
marg in is  the min imum d is tance between the LEM e . g .  and a verti
cal plane pass ing through any two adjacent foot pads as s hown 
in F igure 12 . 



The wor s t  case i s  the p o int of leas t s tab i l i ty .  S i milar curve s 
are b e in g  gene rated for a range of s lope s , veloc it ie s , yaw angle s ,  
and interac t ion mode ls . 

The next s t ep in landing performan c e  evalua t i on i s  to dete rmine 
f oo t  pad pen e t ra t i ons . 

F igure 13 s hows foot pad pene tra t i ons for s o i l  whe re penetrat i on 
i nc r eas e s  l inearly with depth . Foot pad penetra t i on i s  not t oo 
dependen t on land ing s lope f or the s e  s oi l  mode l s . One of the 

s t udy ground rule s is t hat the space craft heat sh i e ld s ha ll not 
c ontac t the s urfac e . Heat s h i e ld conta c t  oc cur s  whe n  the foo:; 
pad pene t ra t i on exc e eds appr ox imat e ly 44 inche s . F igure 13 
shows t hat the s urface s tr eng th should b e  greater than about 
5 ps i/ f t  to avo id penetrat i ons g rea ter than 44 in�he s . 

Als o s h own on Figure 13 i s  the e f f e c t  of add ing a s �ll amount 
of dynami c pene tra t i on re s i s tance to the 5 p s i/ft s o i l .  As 
c ould be expec t e d , the penetrat i on decrea s e s  c ons iderably when 
the dynami c  t e r ms are inc lude d . It will be shown la ter that 

s tab i l i ty a ls o  tends to improve as the dynamic pen e t ra t i on 
r e s i s tan c e  in creas e s . 

F igure 14 s hows foot pad pene t ra t i on f or a s o i l  ·whose pe ne tra
t i on re s i s tanc e  is c ons tant w i th depth .  A s oi l  s t rength of 
about 8 p s i  i s  required to p revent foot pad pen e t ra t i on b eyon::l 
44 ·inches in this type of s o i l .  

The r e s ults o f  the previous f igur e s  have been plo t t e d  tog e ther 

on Figur e  15 t o  ob tain a pre l iminary landing per f orman ce envelope . 

The hor i z ontal lines repre s e n t  s tab i li ty bounda r i e s  for the 
d i f f e rent s oi l  mode ls c on s i de re d . It is i mpor ';an t t o  note t ha t  
s o ils that a r e  ac c ep table from a pene tra t i on s tandpoint provide 
good landing areas from a s tab i li ty s tan dp oin t .  In fact , the 
s tab i l ity performanc e  on t he s e  s o i ls is prac -:: i , ·ally the s ame 
as the r ig id s ur face pe rformanc e .  

Bas e d on t h i s  pr e l i minary data , i t  appears that Lhe LEM c an land 
s a f e ly on a s urface s l ope of ab out 7 dee;r e e s  p lus 2 - .::' oot depr e s 
s ions , prov ided the s o i l  s tre ngth i s  greater il1an '! p s i/ f t  or 
8 p s i  depend ing on the type of s o i l . 

Thi s  s i mp l i f i e d  theor e t i cal s o i l/ foot pad i n t e rac t i on mod e l  is 
also us eful to appr ox i mate land ing performan c e  on par t i cular 
landing areas as r::ore inf orma t i on b e c ome s ava i lab l e , e . g . , the 
r e cent S urveyor l s it e .  The l imi ted penetrat ion o:" the Surveyor 

f oot pads in t o  the lunar s urfa c e  leave s the s o i l  p r ope r t i e s  open 
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to int e rp re tat i on , but as far as LEM landing ac cep tab i lity , 
i t  may b e  b ounded us ing the f ind ings pre s ented in the prel im
inary report of the S ur face Mechan i cal Proper t ies working 
gr oup . This report s ugges t s  that the bear ing s treng th of the 
mate r ial in the area of the Surveyor foot pads photographed i s  
approx imately 5 ps i .  If we a s s ume this to b e  a mater ial t ha t  
b earing s trength varies l inearly w i t h  depth , then t h e  5 ps i 
a t  2 inches c ould be repres ented b y  a 3 0  ps i/f t  interac t i on 
model wh ich would res ult in LEM land ing performan c e  s imilar 
to that shown f or a r ig id s urface . 

I f  we as s ume the c onse rva t ive int e rac t i on model of 5 ps i c ons tan t , 
then the c omputed pene tra t i on of the LEM for a 10- fps s tra ight 
down land ing would be approx imately 8 inche s for all f our foot 
pads . By introduc ing hor i z on tal ve loc ity c omponent and veh i c le 
maximum a t t i t ude and a t t it ude rate s ,  t he grea t e s t  f oot pad pene
tra t i on is approx ima tely l. 7 fe e t ; therefore , for land ing per
f orman c e  c on s iderat ion s , the LEM would land safely on a landing 
area s imi lar t o  the S urveyor l s it e . 

7 . 0  COTJCLUS I ONS 

LEM landing perf ormance me e t s  the or ig inal spe c i f i ca t i on des ign 
c r it e r ia . 

The prob e  s urface s ensor allows manua l eng ine cut- off con s i s tent 
with des ign touchdown ve loc i t ie s  and min imum eng ine ope rat ion 
height ab ove the s urfac e . 

St udy is c on t inuing to det ermine mlnlmum engine opera t ing he ight 
above the s urfac e t hat is required to e s tab l i s h  max imum de s c ent 
veloc i ty and range of r eac t i on t ime s c on s i s ten t with des ign touch
down ve loc i t i e s . 

LEM landing perf ormance on s oft s urfac e s  r e l ie s  heavi ly on foot
pad/s oi l  interac t ion forc e s . 

Experimental work to determine in terac t i on force s  f or seve ral 
s oil types is unde rway . 

Pre liminary data bas ed on the or e t i cal interact i on forces ind i cate 
that the LEM c an land safely on a s lope of about 7 degre es plus 
2 - foot depr e s s ions if the s oi l  s t rength is 5 p s i/ft or 8 ps i 
c on s tan t . 

LEM land ing would b e  s uc c e s s ful on a lunar s ur face s imi lar t o  
the one ind icated by the Surveyor l spac e c raf t .  



Que st ions and Answer s  

TOUCHDOWN DYNAMICS 

Speake r : Hugh Scott 

1 .  I s  it po s s ible for 1M to come to r e s t  on three o f  the four 
foot pads?  

ANSWER - Ye s .  S imulat ion t e s t s  s how t hat i f  t he c e nter o f  
gr avity i s  forward o f  t h e  mid ge ar s t he 1M w i l l  come to r e s t  
with o n e  o f  t he pads off t he s ur fac,� . 

2 .  As s uming 7 ft/ s e c . ver t i c al veloc ity , 4 ft/ s e c . hor izont al 

velocity , and a 12 degr e e  e ffect ive s lope , the n what coeff i c i e nt 
o f  fr i c t io n  i s  re quired t o  ove r t urn t he veh i c le? 

ANSWER - The per formance boundar i e s  shown i n  t he pre s entat i on 
used i nfinite coeffic i e nt o f  frict ion , and the veh i c le did not 
turn ove r . 
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GROUND RU LES 

e DESC ENT STAGE H EAT SH IELD SHALL 
NOT CONTACT LANDING SURFACE 

e 4-JET CONTROL SYSTEM ACTIVE 

e NO LATERAL FOOTPAD MOT ION 

e SURFACE PROTU BERANCES & 
DEPRESSION S �  2 FT 

e TOUCHDOW N STATE V ECTOR-SAME 
AS D ESIGN CR ITERIA 

PERFORMA NCE EVAlUATION PROCEDURE  

1 )  CHOOSE I NTERACTION MODEL, E .  G.,  F = K2 X(Ap) 

2) DETERMINE "BAD" STABIL ITY & PENETRATION 
LANDINGS BY S IMU LATING SERIES OF LAND INGS 
WHILE PARAMETICALL Y V ARYING TOUCH DOWN 
CONDIT ION & SLOPE 

3) DETERMINE M A X IMUM FOOTPAD PENETRATION 
VS SLOPE 

4) DETERMINE TOUCHDO W N  STABIL ITY VS SLOPE 
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LANDING SITE SELECTION CRITERIA 

1 . 0  INTRODUCTION 

The presentation on Site Selection is given in two parts : 
Site S election Criteria and S ite S election Data Sources and 
Int erpretation ( Fig .  1 ) . This document presents the S ite 
Select ion Criteria port ion of the presentat ion and the as soc i
ated charts . 

The obj ectives of the s ite select ion act ivities as shown on 
Fig . 2 are : 

To develop s ite  select ion c riteria that will maximize 
the probability of successful 1M landing 

To develop methods of ranking candidate s ites 

To utilize lunar surface data in ranking candidate s ites  

To select the landing sites 

The s ite select ion process  must be completed not later than s ix 
months prior to launch to satisfy target ing requirements .  

The capab ilities and constraints of 1M and its as soc iated sub
systems have been developed in previous papers . S imilarly, the 
operational problems that must be cons idered have been developed 
in previous papers . It is these various considerations that 
constitute the s it e  select ion c riteria. This c riteria us ed in 
conjunction with the available lunar surface data provides the 
mechanism for candidate s ite  s election as noted on Fig . 3 .  

The various cons iderat ions used to  establish the s ite selection 
criteria have been divided into two categories : Operat ional 
cons iderat ions and spacecraft/surface interactions . Thes e  two 
categories will be discus sed in subsequent sections . 

2 . 0  OPERATIONAL CONSIDERATIONS 

The operat ional cons iderat ions cons ist of lunar lighting , VlS l 
bility and CSM performanc e a s  noted o n  Fig . 4 .  Lunar light ing 
and vis ibility will be  discussed in some detail followed by a 
shorter dis cus s ion on the impl ications of lighting and CSM per
formanc e on the acc essible lunar area and the required landing 
s ite  spac ing . 
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L U N A R  LA N D I N G  S IT E  S E L E C T I O N  

• S ITE  SELECTION C R ITE R IA 

• S I T E  S E L E C T I O N  DATA S O U R C ES 
A N D  I N T E RP RETAT I O N  

NASA-S-66 - 6 1 1 2  J U N  

OBJECTIVES 

e DEVELOP CR ITERIA TO SELECT S IT ES THAT W ILL M A X I M I Z E  
PROB A B I LITY OF  SUC C ESSFUL L M  LANDING 

e DEV ELOP METHODS OF RANK ING CANDIDATE S ITES 

e UT I LIZE  LUNAR SURFACE D ATA IN RANKING C A N D I D AT E  S ITES 

e SELECT LANDING SITES 

e TARGET ING R EQ U IRES S ITE SELECTION NO LATER THAN S IX 
MONTHS PR IOR TO LAUNCH 

F: - ' 
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B A S I S  FO R S ITE SELEC T ION 

• L IGHT ING  R EQU I R E M E N TS 
• CSM P E R F ORMANCE  
• G N & C  R E Q U I R EMENTS 
• LM LA N D I N G  R EQU I R EMENTS 

} S I T E  
S E L ECT ION  
C R I T E R IA  

• ' EARTH - BASED  O B S E RVATIONAL  DATA ) 
• RANGE R  DATA t 
• LUNAR  O R B I T E R  DATA J • SURVEYO R DATA 

Fig . 3 
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e L IGHTING CONSIDER ATIONS 

e CSM PERFORMANCE 
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2 . 1  LUNAR LIGHTING AND VISIBILITY 

An important crew task during LM de scent i s  visual inspe ction 
of the lnnar surface . This  req_uirement for visual evaluation 
of the surface will affect site selection by the impo sition of 
constraints on acceptable snn angle s .  The range of snn angle s ,  
in turn, influence s the spacing o f  lnnar site s  and lannch date s .  
In thi s se ction, the basis  for the current choice of minimum 
and maximum snn angle s i s  developed .  

The visibility of ob stacles i s  strongly dependent on the solar 
and viewing elevation angle s .  In general, above some minimum 
value of sun angle , vi sibility de crease s as sun angle increase s .  
Thus , for a given viewing angle , it is  ne cessary to select a max
imum snn angle which permits both acceptable visibility and 
allows sufficient operational flexibility . 

The viewing angle to the nominal landing site is  fixed by the 
de scent traj ectory and varies during the 1M de scent . The 
maximum acceptable snn angle for a given traj ectory will, thus , 
depend on the point during de scent at which vi sual interrogation 
of the surface i s  ne ce ssary . 

In spite of the face that this  point is  not yet firmly determined 
it is possible to e stablish preliminary criteria for the minimum 
and maximum sun angle s based on several source s of data . As 
indicated on Fig . 5 , the se are : 

Lnnar reflectance characteri stics . 

Dete ction range e stimates .  

The effects of  glare for forward sun angle s .  

The need for shadowing to enhance site evaluation 
and detection . 

The amount of shadowing at low sun angle s .  

Correlation of the se re sults with the viewing angle history 
re sulted in the range of sun angles and lighting conditions 
currently used for site selection . Each set o f  re sults will 
now be de scribed . 

2 . 1 . 1  Lli'NAR REFLECTANCE PROPERTIES 

Fig . 6 pre sents the variation in luminc',L ' ' �  , , , . : Le L o r i ::. o nt a L 
lnnar surface as it i s  viewed over a 180° range for three sun 
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angles ; 10° . 45° . and 90° . Two luminance contours are shown , 
500 ft . -Lamb ert s and 900 ft . -Lambert s .  S hown als o ,  but not to 
s cale ,  i s  a reflectance curve for a s emi- specular mate r ial as 
an example of typ ical Earth t errain .  

The important lunar reflectanc e charact eris t i c s  are summarized 
on F ig .  6 .  The s e  lunar reflectance propert ies were derived by 
JPL from Earth-bas ed teles copic ob s e rvat ions for use  in the 
Ranger and Surveyor Programs (JPL TY 32 -664 , " The Lunar Reflec
t ivity Model for Ranger Block I I I  Analys e s " , by D.  Willingham, 
Novemb er 1964) . Although the t el e s c op i c  dat a are of low resol
ut ion , the Ranger p ictures have prov ided s ome confirmat ion at 
higher re solut ions . Furthermore , studies  of lunar surfac e 
models indic at e  that the surfac e structure re spons ible for such 
reflectanc e charact e r i s t i c s  c an be in the mm region. The pos s i 
b il ity o f  deviat ions on the small s c ale from the currently used 
reflectance standard must be c on s i dered and it is hoped that 
analys i s  of the Surveyor p ictures will provi de addit ional infor
mat ion on this  point . 

The data pres ent ed on Figures 6 and 7 indicate that the lunar 
surfac e act s as a retroreflector ; i . e . , most of the inc i dent 
illuminat ion is reflected back along the direct ion of inc idenc e . 
Thi s  is quite unlike typical Earth t errain for which peak re
flectance occurs at a viewing angle oppo s it e  and equal to the 
inc ident angle and for which the reflectanc e is relat ively 
uniform at other viewing angle s .  The lunar s urfac e luminanc e 
reaches a maximum when the viewing angle e quals the solar angle , 
t hat is , when the sun is direct ly beh ind the v iewer . A rap id 
dropoff of luminance occurs on e ither s ide of this zero phase 
angle.  For example , when the sun i s  at an angle of  45 degrees , 
the data in Fig . 6 indicat e s  t hat luminance dec reas es  from 
900 ft . -Lambert s  to 500 ft . -Lamb erts when the viewing angle 
is inc reased 15 degrees b eyond the z ero phas e angl e .  The lumi
nan c e  value at zero phase i s  e qual for all sun angles . At that 
po int , a variat ion in sun angle is equ ivalent to a var iation in 
surfac e slope in terms of the amount of l ight refle�t e d .  Thus , 
a variat ion in luminance will not occur as slope i s  var i e d  for 
this  condit ion and the s c ene w ill appear homogeneous and " washed 
out " . Exc ept at the washout area,  surfac e s lope i s  the main 
c ont r ibutor to v isual cont rast s inc e the lunar albedo variat ion 
is small . Howeve r ,  for z ero phas e ,  even surfac e s lope i s  
ineffect ive . This i s  the reverse  of the Earth s i tuat ion i n  which 
alb edo and c olor variat ions are most import ant and s lope variat ions 
are of relat ively minor s ign ificance . In add i t ion to s lope 
variat ions , shadows provide c ontrast areas rmd arc the dominant 
vi sual features  for lo'.v sun angles . 



2 . 1 . 2 DETECTION RANGE ESTIMATES 

Analytical studie s  of obstacle detection range s have been 
conducted by MSC and by contractors under MSC direction . These 
studies are based on the lunar reflectance characteri stic s  
just de scribed and on standard visual thre shold data . 

The principal results of such studie s  are parametric analyse s of 
obstacle detection ranges as  a function of solar angle and viewing 
angle . These re sults indicate the regions of optimal visibility 
and the relative degradation for deviations from the optimal . 
Le s s  confidence can be attached to the absolute value s of e stimated 
detection range than can be given to the form of the functions ; 
however ,  experimental studies  are in progres s  to more firmly 
e stablish absolute value s . 

Typical re sults are shown in the next three figures .  Fig . 8 
pre sents detection range as  a function of solar angle for model 
craters and protuberance s . Two viewing angles are shown, 14° 
and 38° . Both obstacles were as sumed to have depth ( or height ) 
to diameter ratios of 1 : 10 and to be 20 feet in diameter .  

Note that the detection range fGr craters  and protuberance s 
decrease s rapidly as sun angle increase s .  Protuberance s show 
a greater detection range than craters at low sun angles ,  due 
to their large shadows . Note also that an increase in viewing 
angle re sults in an increase in detection range and that detection 
range s approach zero for sun angles greater than the view angle . 
The los s  of dete ction range i s  due to a severe decrease of 
contrast related to slope variations for sun angle s higher than 
the viewing angle and to the los s  of shadows . 

Fig . 9 shows the effect of an azimuthal difference between the 
viewing angle and incidence angle . For low viewing angles ,  an 
azimuthal change is  beneficial ; however, for high viewing angles ,  
an azimuthal change is  somewhat detremental .  Thus , objects 
will be more detectable when the viewing angle is  low, if one 
looks to the side of a zero phase washout area . 

With regard to the possibility of the sun being in front of the 
viewer , these data were extended for a complete range of sun 
angles .  Re sults for a 14° viewing angle are shown i s  Fig . 10 
for sun angles from 5° to 175° . The analysi s carried out indicates 
that the detection range doe s  not reach an appreciable magnitude , 
after the initial decrease to z ero, until an angle of' about 
1500 is  reached ; i . e . ,  30° above the horizon in front of LM .  
However ,  the value s shown for the sun in front do not include 
the effe ct of glare , which seriously degrade s visibility . 
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LU NAR REFLECTANCE PROPERTIES 

e LUNAR SURFACE ACTS AS A RETRO-REFLECTOR 
• SURFACE BRIGHTNESS DEPENDS ON V IEW & SUN ANGLES 

• LUMINANCE REACHES MAX IMUM AT SUN ANGLE 
• WASHOUT PHENOMENA OCCURS AT ZERO PHASE ANGLE 

e ALBEDO VARIATION IS  SMALL 
• FROM 0.065 (MAR IA )  TO 0.1 3  ( BR IGHTEST RAYS) 

e CONTRAST DEPENDS ON LOCAL SLOPE VARIATIONS 
AND SHADOWS 

e MEASUREMENTS OF REFLECTANCE PROPERTIES ARE EARTH
BASED AND OF LOW RESOLUTION 
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2 . l .  3 GLARE AT FDRWARD SUN ANGLES 

When the sun shines directly in the LM window, a veiling 
luminance  results which obs cures  the lunar surface ( Fig . ll) . 
The main component of the veiling luminance is  the scattering at 
the window due to  depos it s  from the adj ac ent RCS motor . A 
smaller component result s from scattering in the eye . As can 
be s een from Fig . 12 , the ve iling luminance may b e  five to s ix 
t imes as great as the lunar background luminance .  This result s 
in a large reduct ion in s c ene cont rast and precludes c ons iderat ion 
of low forward sun angles . 

2 . 1 . 4  SHADOWING AND RECOGNITION 

Shadows are des irable for the enchancement of obj ect recognit ion , 
as well as for detection . The maximum sun angle for shadowing 
is  shown in Fig .  13 for typical c rater configurat ions . The 
10 : 1  diameter to depth ratio c onfigurat ion is the most typical 
observed and corresponds to sun angles of 220 or less  for 
shadowing . Sun angles  of 22° or less  would result in shadowing 
from at least 6o% of the c rat ers . 

2 . 1 . 5  SHAOOWING AT LOW SUN ANGLES 

For very low sun angles , a substantial port ion of each crater is  
covered by its shadow and a general dec rease in luminanc e occurs . 
Acc eptable landing areas with a slope of a few degrees could b e  
completely contained within a shadow when the sun is at a low 
angle . Henc e ,  a lower limit must  be placed on the sun angle . 
This limit is presently s et at 7° (Fig . 14) . 

2 . 1 . 6  VIS IBILITY RESULTS 

The result s of the visibility studies insofar as they affect the 
relat ionship b etween the viewing angles  and the sun angles  are 
shown in Fig . 15 . 

2 .  2 SELECTION OF MAXJMUM SUN ANGLES 

The vis ibility result s have established the relat ionships 
between viewing angles and sun angles . The results must  be 
related to the LM viewing angle history to  arrive at a maximum 
and minimum sun angle . Fig . 16 shows viewing angle histories 
as a function of range from the landing s ite  for the lunar 
des c ent t raj ectory developed in an earlier presentation . 

The maximum view angle pos s ible is  defined by the lower window 
l imit , this angle varies from 25° at high gate to  approximately 
50° in the vic inity of the landing s it e .  The view angles to the 
landing s it e  it self are s een to vary from 14° at high gate to 
approximately 38° in the vic in ity of the landing s it e .  
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As dis cus sed  earlier ,  the sun angle must be  less  than the viewing 
angle and also when the sun angle and the viewing angle are within 
a few degrees of being coincident , washout occurs . Thus , the 
maximum sun angles are taken to be 5° less  than the viewing angle 
to accommodate the detection requirements and to accommodate 
an as sumed 5° washout deadband. 

Fig . 17 presents the sun angle histories corresponding to the 
maximum viewing angles and the view angles to the landing s ite . 
Also presented are the maximum sun angles for init iat ion of crater 
shadowing . Note that a maximum sun angle of 20° allows contin
uous viewing of the lunar surface from high gate ,  with favorable 
viewing condit ions of : 

1 .  View angle at least 5° greater than sun angle .  

2 .  Crater shadows for most c raters . 

Also ,  the 20° maximum sun angle provides a view of the landing 
s ite under these favorable viewing condit ions from a range of 
at least 1 , 000 ft . ,  and at the phase in the landing traj ectory 
of greatest importance ;  i . e . , immediately prior to landing . 
Lower sun angles would increas e the range of favorable viewing 
conditions even more .  

For these  reasons , a maximum value for the  sun angle has been 
s et at 20° and the minimum value s et at 7° for the lunar landing 
s ite selection criteria. These  values will change if newer 
information so indicat e .  The study program on which these  
data are based is not complete .  Analys is of  s imulation studies 
on detection and recognit ion and of Surveyor and O rb iter photo
graphs will as s ist in the evaluat ion of the current choice  of 
l ight ing condit ions . 

2 .  3 CSM PERFDRMANCE 

2 . 3 . 1  ACCESS IBLE LUNAR REGION 

The sun angle range of 7° to 20° will now be cons idered in 
c un ;i u nc t ion wi th the CSM performance to establish the ac ces sible 
l u nar rc[';ion and hence ,  establish the region which will be  c o n 
;; i dPred in  t h e  s ite  s election process . The details relat ing t o  
t h e  CS!f; performance have b een developed in a previous paper .  

Fig . 1 8  shows the acces s ible lunar landing area when l ight ing 
condit ions are correct for a typical month ( February 1968) . 
1'he acces s ible lunar area for the year of 1968 is shown on 
Fig . 19 . Bas e d  on these  typical data , the lat itude boundaries 
for t h e:  lun ar area o f  interest for site select ion have been 
taken to be ±5° . 



The longitude boundaries are extabli shed by tracking and commun
ications considerations . The Eastern boundary is  set at 45° 
longitude to satisfy powered descent re�uirements . The We stern 
boundary i s  set -45° longitude to satisfy as cent re�uirements .  

2 . 3 . 2  LANDING SITE SPACING 

The sun angle range of 7° to 20° re sults in a one day launch 
opportunity for a given sity as  noted on Fig . 20 . This implies 
that the landing sites must be spaced in a manner which is 
dependent on the launch philosophy . 

A consecutive day launch window will re�uire , for example , 
separate site s  whi ch are spaced in longitude 10 :2o . For an 
every-other-day launch philosophy,  the site s must be  spaced 
approximately 23 :3° in longitude , and so on . 

2 .  4 SUMMARY OF OPERATIONAL CONSIDERATIONS 

The operational considerations which make up part of the site 
selection criteria are summarized in Fig . 21 . The key items 
are the definition of the lunar region which will be considered 
in the site selection process ,  the fact that the sun angle 
range of 7° to 20° re sults in only a one day launch opportunity 
per landing site , and that landing sites must be spaced in 
longitude in a manner whi ch i s  dependent on the launch philosophy . 

3 . 0  SPACECRAFT/SURFACE INTERACTIONS 

The second category of considerations which i s  included in the 
site selection criteria i s  the interaction between LM and the 
lunar surface . As noted in Fig . 22 , the spacecraft/surface 
interactions apply to the landing approach and the landing . 

3 . 1  LANDING APPROACH CONSIDERATIONS 

The landing approach considerations relate to the interactions 
of the landing radar with the lunar surface . The portion of 
the descent trajectory where this interaction takes place i s  
discus sed below . 

3 . 1 . 1  LM DESCENT TRAJECTORY 

The portion of the de scent traj ectory where the landing radar 
interacts with the lunar surface i s  from initiation of landing 
radar altitude update to landing . As noted on Figure s 23 and 
24 , this phase of the flight begins when the LM is  30 n . m .  uprange 
of the landing site and at an altitude of approximately 25 , 000 
feet . 
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The use of the landing radar dur ing the last 30 n . m .  result s in 
c ertain rest rict ions b e ing impos e d  on the lunar surfac e in this  
reg ion . The s e  restrict ions are discus sed b elow . 

3 . 1 . 2 'IDFD GRAPHIC RES TRIC TIONS IMFDS ED BY LANDING RADAR 

The re st rict ions impos ed by the landing radar on the approach 
topography of the lunar surfac e are pr'e s ent ed in Fig . 2 5 . 
The restrictions are that the mean slope not exceed ±2 ° ove r 
the last 30 n . m .  to touchdown . In addit ion , the deviat ion due 
to local surfac e effe c t s  about the mean slope must be l e s s  than 
or equal to ±5% of the nominal 1M att itude . Thes e  topographic 
re st rict ions must b e  s at i s fied throughout an approach path ray 
wh ich i s  30 n . m .  long and varies  in width· from 16 , 000 feet at 
th e landing s ite to approximately 8 . 6 n . m .  at a dis tanc e of 
30 n . m .  from the landing s it e .  If the topography of the landing 
approach ray exc eeds the restrict ions de s c rib e d ,  then the c om
manded att itudes and commanded throttle rat ios of LM can b ecome 
exc e s s ive . Thi s  c an result in exc es s ive 1M att itude excurs ions 
which would c au s e  the landing radar to loos e  loc k .  

The incl inat ion of the landing radar approach ray vari e s  as  a 
funct ion of lunar lat itude and longitude in such a manner that 
the angle s  7'11 and 1]2 noted on the c hart , pos s e s s  the following 
propert ie s : 

i) l + , 2  = 

Thi s  variat ion i s  due to the c hange in s pac ec raft orb it al 
incl inat ion as a funct ion o f  landing s it e  pos it ion . 

3 . 2  LANDING CONS IDERATIO NS 

The landing c ons i de rat ions relate t o  the s i z e  of the l anding 
area and the requirement s impos ed on the lunar topography and 
the soil c harac t e r is t i c s  within the landing area . The require
ment s on topography and s o il c haracte r i s t ic s are defined by LM 
landing dynamic s  and s t ab il ity cons i de rat ions . 

3 . 2 . 1  LANDING S ITE S IZE 

The landing area , for s it e  selection purpo s es , corresponds to 
the 3 - s igma dispers ion ell ip s e  of the 1M at landing . The 
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dimens ions of the landing dispers ion ellipse WE're developed in 
a previous paper and are repeated on Fig . 26 . As noted, the 
landing area has : :. major axis of 52 , 000 feet and a minor axis 
of 10 , 800 feet . 

This landing d i spers ion ellips e is  based em MSFN tracking for 
three orb it s  and does not include s ite  locat ion uncertainties . 
This ellipse  corresponds to the guidance Jlhilosophy which allows 
range to be  a free parameter . 

3 . 2  . 2  L.ANil iNG S I TE RESTRIC T IONS IMFOSED BY LAND ING DYNAM ICS ! STAB IL I TY 
CONS IDERAT IONS 

The characterist i c s  of the lunar topography and the soil within 
the landing area ( 3-s igma dispersion ellipse)  are defined by 
landing dynamics and landing stability cons iderat ions . A 
previous pape r described the studies carried out by MSC in 
this area and established surface requirements . 

• 
The results  of the analysis previously described indicated that 
the maximum allowable penetrat ion of the lunar surface by LM 
is approximately 44 inches . Based upon this value , it has been 
determined that for a surface with 24 inch deep holes the surface 
slope must not exceed 7° . TI1e corresponding static  bearing 
stress  mu st u e  greater than 8 psi  or equivalently , the bearing 
stres s must be greater than 5 psi  per foot of penetration . For 
a surface devoid of holes , the surface slope must not exceed 
13 degrees and the b earing stress  must be  greater than 4 ps i .  
In addition , the soil coefficient of frict ion must b e  � 0 . 4  to 
prevent exces s ive sliding . 

Fig . 27 summarizes these  slope and soil requirements .  

4 . 0  S I TE S ELEC TIO N  C R I TER IA 

The s ite s elect ion criteria is summarized on Figures 28 and 29. 
This criteria cons ists  of all the operational considerations 
and spacecraft/surface cons iderations discussed herein . Thi s  
c riteria repres ents the most realistic requirements a s  presently 
understood and will b e  updated as the requirements change . 

As stated in the Introduction, the s it e  s elect ion c riteria will 
be used in conjunction with the available lunar surface data to 
provide the mechanism for select ing candidate landing s ites . 

The next discuss ion ent itled, " S it e  Select ion Data Sources and 
Interpretat ion" will elaborat e  on the lunar surface data and 
how it will be  used for select ing candidate landing s ites . 
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l iGHTING CONSIDERATIO N S  

• S U N  A NGlE IN THE  R A N G E  7° T O  20° 

• V I EW A NGlE  G REATER THAN S U N  A NGlE AT RANGE 

W H E R E  O BJ ECT DETECTION & R ECOGNIT ION 

C APA Bil iTY IS R EQU IRED 
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S IT E  S E L E C T I O N  C R IT E R I A  ( C O N T )  

T O P O G R A P H Y  

e L A N D I N G  R A D A R  A N D  G U I D A N C E  C O N S I D E R A T I O N S  
• M E A N  S L O P E  O Fs t 2 °  O V E R  L A ST 3 0  N M l  
• L O C A L  T E R R A I N  D E V I A T I O N S  ( A B O U T  M E A N  S L O P E �  t5o/o 

O F  N O M I N A L  L M  A LT I TU D E  
• A P P R O A C H  R A Y :  1 6 , 0 0 0  f T  W I D E  A N D  I N C L I N A T I O N  VA R I E S  

A S  A F U N C T I O N  O F  L O N G I T U D E  A N D  L A T I T U D E  

e L A N D I N G  E l l i P S E  G E O M E TR Y  
• B A S E D  O N  M S F N  W I T H  N O  S I G H T I N G S ,  T H E  Jo 

D I S P E R S I O N  E l l i P S E  D I M E N S I O N S  A R E :  
5 2  K FT BY  1 0 .8  K F T W ITH RA N G E  F R E E  

e L M  S T A B i l i T Y  
• W I T H  H I G H  C O N F I D E N C E ,  9 5 o/o  O F  T H E P O S S I B L E  

R A N D O M  L M  L A N D I N G S  O N  T H E T O P O G R A P H I C  
S U R F A C E  W I T H I N  T H E  J o  D I S P E R S I O N  E l l i P S E  C A U S E  
T H E  L M  T O  T I LT 5:7 ° W I T H  R E S P E C T  T O  T H E L O C A L  
V E R T I C A L .  T H E  R E G I O N  S H A L L  A L L O W  A V O I D A N C E  
O F  B O TT O M I N G  H A ZA R D S  D U E  T O  P R O T U B E R A N C E S  
> 2 4 "  I N  H E I G H T  

S O I L  M E C H A N I C S  
e C O E F F I C I E N T  O F  F R I C T I O N : �0 . 4  
e S O I L  B E A R I N G  S T R E N G T H  � 8  P S I  T O  P R E C L U D E  L M  

S I N K A G E  O F  >4 4 I N C H E S  
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Questions and Comments 

SITE SELECTION CRITERIA 

Speaker:  A .  v .  Bernard 

1 . Comment by Mr .  Milwit zky - Although the photometric function (as  re
viewed in this presentation ) indicates that a certain range of sun 
angle is highly desirable ( and the Surveyor data generally confirm 
thi s ) ,  the Surveyor data have shown that the degradati on of vis ibility 
i s  not as bad at the higher s un angles as was indicated in the presen
tation . Further study will be made on this s ubj ect ; however, there is  
no question that the low sun angle is  best . 

2 .  Dr . Shoemaker - What were the main contrib utors t o  scattering, the 
window or the helmet? How were the scattering data establi shed? 

ANSWER - Only the window scattering was considered , not the helmet . 
A rather pessimistic scattering coefficient was used, ass uming that 
the RCS had left deposits on the 1M window . The scattering co
effic ient assume6 was 0 . 1 .  

3 .  E .  Stern - Why does the landing radar limit the acceptable slope to 
2 degrees ?  

ANSWER - The consideration i s  one of excursi ons i n  1M attitude . As 
the slope and the local deviati ons exceed those pre sented in the 
criteri a ,  it would probably result in excessive attitude rates or 
exc urs ions from the nominal attitude . 

4 .  How did the assumption for the window degradation compare with the 
experience in Gemini ? 

ANSWER - The GT-9 flight crew observed that particle s  from the RCS 
from the other vehicle � back and impac ted the windows like rain
drops . The actual numerical value for the degradation i s  not known 
at thi s  time . 

5 .  Comment by Dr . Von Braun - The shadow of the 1M with the s un behind 
it could be used as an aid to the crew in s urface contour ident ifica
tion,  for general observations , and for use as  an altimeter during 
the final landing phase . 

ANSWER ( 0 .  Maynard ) - Mr .  Loftus has been looking into the potential 
value of the shadow as an aid to  the crew . A c ursory review of the 
analysis  to date indicates that the shadow i s  not of much use to the 
pilot for asses sment of the terrain contour or altitude until the last 
portion of the descent at which time there are s ome useful altitude 
cues . The study will be available early in August . We do plan to per
form flight tests which seem promis ing and use the phenomenon if appro
priate . 
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LUNAR LANDING S I TE DATA SOURCES AN D  ANALYS IS 

l . O INTRODUCTION 

Information from earth-ba s e d  studi e s  and from Surveyor and 
Luna s pa c e c ra ft indi cate s that Apo llo landing s it e s  can be 
found wi thin area s to be photographed by Lunar Orbiter . 
Analy s i s  o f  lunar data in relation to Apo l lo Spa c e cra ft and 
o perati onal con straints has shown that favorable s i t e s  can 
be lo c ated, so as to provide for maximum mi s s i on flexibility. 0 
The favo rable areas are generally c lustered around 30 Ea st 
longitude , near 0° , and 35° We st longitude . 

Thi s port i on o f  the program w i ll concentrate on lunar surfa c e  
data a s  gathered from Earth o r  from unmanned s pa c e c ra ft and 
how it is be ing us ed in the Apo l lo landing s i te analys i s  pro 
gram at illC . 

2 . 0  EARTH-BASED S 'IUDIES 

FIGURE l - LAC l :  1,000 ,000 SCALE COVERAGE 

At the pres ent time mo st o f  the vi s ible fac e  o f  the Moon has 
been mappe d fo r the NASA by the u . s .  Air Force Ae ronaut i c al 
Chart and I nformation C enter . The s e  charts at s i xteen mi les 
to the inch are about the s ame s cale a s  the best you could 
get to day for covering parts of Antarc t i c a ,  Australia, and 
Afri ca . By carefully measuring on observatory pho tograph s ,  
the lengths o f  shadow s c a s t  by craters a t  low s un  angles , w e  
are able to est imate one thousand foot contours on the lunar 
surfac e .  Thi s  s l i de i l lus trates that at th i s  s cale charts of 
the lunar equi tori al region, or the region of interest for 
early Apollo mi s s ions , have already been compl eted . The area 
covered by one of the s e  chart s i s  shown by the outline of the 
Kepler cha rt . 

FI GURE 2 - USGS PHOTOGEOLOGI CAL MAP 

At the pres ent time pro f e s s iona l  geo log i s t s  of the U . S .  Geolo 
gi cal Survey are using the Air Force charts a s  bas e maps on 
whi ch they are plott ing t errain and stratigraph i c  relationshi ps . 
The se geo log i sts headquart ered at the USGS Cent er of Astrogeology 
in Flags taff, Ari zona , s pend many hours at the teles cope to provi de 
such maps a s  thi s  one o f  the region surrounding the crat er, Kepler . 
The various co lors indi cat e  materials such as mare, ray, impact 
e j ecta, and vo l cani c .  The Apo l lo area of interest has already 
been geologi cally mapped at thi s  scale . 
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FI CURE 3 - AIC l :  500 ,000 SCALE COVERAGE 

Wi thin the pa st year, the Air Fo rce Chart Center has a l so be en 
a s ked by the NASA to produc e chart s at a s cale o f  eight mi l e s  
t o  t h e  inch concentrat ing on the equatorial area o f  imme diate 
Apo llo intere s t . �he s e  chart s c arry the maximum amount of in
fo rmati on that can be gaine d  vi sua l ly or photograph i c a l ly 
through the fi nest earth -ba s e d  observato ry  t e l e s copes . �ey 
a re concentrating th eir view ing e ffo rt s in det a i l ing th e flatter 
mare area s ,  where landing s i t es may mo st probably be foun d . 
The s e  chart s are keyed to the 1 : 1 , 000 , 000 s cale series as may be 
s een on the Kepler sheet . 

FI GURE 4 - THERMA L ANO.MA.LIES 

The cartogra phers and geologi s t s  have mapped from Earth , how the 
Moon varies from pla c e  to pla c e  in the vi s ible spec trum . As the 
wave l ength o f  instrumental obs ervat ion i s  increa s e d  into the 
i n frared, we see that around 10 mi crons wavelength, the Moon be
gins to demonstrate anomalous characteri s t i c s . �i s s li de by 
Sho rth i l l  and Saari i llustrate s that during an e c l i p s e ,  a s  the 
sour c e  o f  energy - the sun - i s  qui ckly remove d ,  certain portions 
o f  the lunar surface reta in heat longer than other s . From thi s  
we might infer that t h e  areas reta ining heat are rocky o r  covered 
by more dens e mat eri a l ,  where a s  tho se w hi ch qui ckly cool could be 
covere d with a l e s s  den s e  or h ighly insulating material . 

FI GURE 5 - RADAR MAPPING 

The NASA i s  a l so c onduct i ng s tudi e s  w i th th e Lincoln Laborato ri e s  
o f  Ma s s a chusetts Ins titut e o f  Technology in anothe r I)o rti o n  o f  
the s pec trum . By examining the l>bon i n  the cent i.met e r  and meter 
radar w avelength regions it shoul d  a l so be po s s ible to infer 
di fferenc es from pla c e  to place as sma l l  a s  s everal c quare mi l e s . 
From an analys i s  o f  the return E: J s i gnal s ,  s c i ent i st;; e xpect to 
learn something o f  the den s i ty o f  mat erials ma.king u p  the upper 
luna r matle and the average � ·'� u.ghne s s  of the surfa c e  from place 
to place . B,y combining a l l  data gathered from Earth w ith know 
ledge gained from di s c rete s ample s  from Surveyo r o.nd Luna, we 
feel confi dent that sat i s fa cto ry landing s i t e s  can be lo cated 
on the Orbiter photography . 

F I GURE 6 - APOLLO ZONE OF INTEREST 

�e Apo l lo Area of interest ha s been de fined as fo rty- five 
degre e s  Eas t  to fo rty- five degre e s  We s t  longitude and from five 
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degrees North to five degree s  South lati tude . NASA has already 
photogra phi cally explored part of th is region as a result of 
the Ranger Pro j e ct and soon the unmanned Orbiter A spacecraft 
w i ll supply detailed photograph i c  information fo r Apo llo landing 
s ite selection . The surface has been photographed at two loca
t ions - by Surveyo r I and Luna IX,  but only Surveyo r was in the 
Apo llo Zone o f  Interest . Data from Surveyor has indi cated that 
the soil bearing strength would be acc eptable for the Lunar 
Module in thi s  area . Future Surveyo rs will sample some o f  the 
o ther areas indi cated by circles on thi s  chart . 

3 .0 RANGER DATA ANALYS IS 

FIGURES 7 AND 8 - RANGER IX AND LUNAR SLOPES AT 1M SCALE 

1he highest resolution photographs taken duri ng the Ranger flights 
came from Ranger I X .  The last few P frames as seen o n  thi s  fig
ure provi ded surface resolution less than one foot . MSC has con
ducted a computer analysi s  of photometrically derived slopes on 
thes e photographs . Data from the se programs indi cates that more 
than 90 perc ent of the slopes w ithi n  the area of the last few 0 
photographs were l e s s  than 10 . It wa s only on thos e  photographs 
where the large two hundred foot crater was located, that a cumu
lative slope frequency diagram would indi cate a potential problem 
in landing . With the astronaut s performing the lunar landing , a 
crater such as thi s  could easily be avo i ded . 

FIGURES 9 AND lO - RANGER VI I I  APOLLO SITE ANA LYSIS AND LM LANDABI LITY 

The s e  two sli des i llustrate how our computer analy s i s  of lunar 
photography i s  being used to determine Lunar Module topographic 
landability . The Jet Propulsion Laboratory has provided a 
magnetic tape containing the digital information as re c eived 
from Ranger VI I I  and a computer program to remove extraneous 
no i s e  from the photography and to recti fy e ach image . On thi s  
fi gure , the photo o n  the left i llustrates a compo site map of 
s lope and protuberance values derived from the photograph . 

The graphs on fi gure 10 were computed from the Ranger VI I I  photo 
graphy and illustrate numeri cally that whi ch i s  shown on the map 
on the previous figure . We can see that from our analys i s  of thi s 
photograph , the Lunar Module would have encountered slopes of more 
than s i x  degrees over only twenty- five perc ent of the area and 
protuberances of more than two feet over les s than five perc ent o f  
the area . 
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FIGURES l l  AND 12 - RANGER IX PHOTOGRAPH OF FLOOR OF ALPHONSUS 

AND GEOLOGICAL MAP 

Thi s  photograph and map cover an area of about 20 x 30 km 
( about 24o sq .  miles ) on the north-east floor of  the crater 
Alphonsus .  Very evident on the photograph are geologic 
features such as young craters, old or worn-down craters , 
rilles,  chain craters , and others . As our knowledge o f  the 
lunar surface improves ,  we wi ll be able to draw much more 
detai led maps . The geological map was prepared by the USGS 
and is  included in the JPL report on Rangers VII I  and IX . 
We anticipate that as a result of Surveyor and Orbiter, much 
more detailed and precise geologic  maps will be prepared for 
use in Apollo landing site analysi s . Large scale geologic 
maps will also aid in mi ssion planning and i n  lunar surface 
exploration . 

FIGURE 13 - KUIPEH BEARING STRENGTH ANALYS IS 

By fonnulating concept s  for the evolution and morphology of  
features seen on  the Ranger photographs ,  it i s  pos sible to 
estimate some physical properties . Dr .  Gerard Kui per of  the 
University of Arizona and Princi pal Inve stigator for Ranger 
photography establi shed several basi c  assumptions and from 
them, estimated the bearing strength of  the cratered surface .  
He examined many protuberances , indi cated on thi s Ranger IX 
photograph by small arrows ,  and surmi sed that they were mate
rials ejected from the 150 ft .  primary crater at the top of 
the photo . The materials measured at the 10° sun angle appeared 
to be about 3 feet across  and about a foot high . Assuming they 
w ere ejected from the primary crater to where they are found 
and that their bulk density was about 2 ,  he concluded that most 
of the protuberances were probably half  squashed and half bur
ied . From thi s  he concluded the bearing strength to be over 
14 pounds per square inch averaged for the upper one to two 
feet of this  part of  the lunar surface .  

4 .0 LUNAR SURFACE DATA 

A .  WNA IX 

FIGURES 14 AND 15 - LUNA IX PANORAMIC SKE'I{: H AND ANALYSIS OF 

CLOSE-UP PHOTOGRAPHY 

The soft landing on the lunar surface by Luna IX provided the 
first substantive information that a man-made vehicle could 
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land, transmit information to Earth, and not slowly s ink into 
a mora ss of dust . In fact, the spacecraft and opt i cal surfaces 
show ed a remarkable abs ence o f  fine parti cles or dus t . This 
sketch is a compo site of much of the info rmation which has been 
int erpreted from analys i s  of the photography . By locating con
jugate images on two mirrors and a direct photo image , w e  were 
able to determine the di stance t o  the materials photographed .  
From th i s  di stance w e  could determine that the s i ze o f  part i cles 
3 to 5 feet from the spac ecraft were about 2/10" in s ize . The 
larger obj ects are 10" - 12" . The c rater on the le ft ho rizon 
is appro ximately 50 feet in diameter . 

I have included thi s  figure to i l lustrate some of the problems 
we encounter when working with photography taken c lo s e  to the 
surfa c e . We as sume the Luna IX s pacecraft camera to have been 
only about 22 inches or l e s s  above the lunar surface . Due to 
the small mirror bas e o f  about 12" , reliable measurement s are 
limited to a di stance between about 3 to 20 feet . 

The Surveyor TV c amera provi ded photograph s from about five and 
a hal f feet above the lunar surface . Also , a more prec i s e  know 
ledge o f  the Surveyor spacecra ft ,  landing dynami c s , c amera cali 
bration, and ori entation, should provi de much more quantative 
information than Luna IX . 

In thi s  Luna photograph we have indi cated the lo cation o f  the 
mirro r images and some of the s c aling measurements we have made . 

B .  SURVEYOR I 

FIGURES 16 AND 17 - SURVEYOR I S PACECRAFT SHADOW 

The mo sa i c  figure i llustrates lunar l ighting conditions w ith a 
10° sun angle looking toward the 0° phase angle po int ( dire ctly 
along the sun line, away from the sun) . The s pacecraft shadow 
is about 35 ' long . The deta i le d  texture o f  the lunar surfac e  
i s  evi dent below the camera shadow and t o  each s i de . 

The s i de-angle view o f  the camera shadow t aken at about the 
same sun angle covers a 25° field o f  vi ew .  It may be noted that 
even from the Surveyor camera height of about 5 . 5 feet above the 
lunar surface, there i s  a very strong back- s c attering of light 
above and around 5° below and on either s i de of the c amera shadow . 
As di s cussed by previous speakers , thi s  factor i s  being cons i dered 
in the mi s s ion planning for Apollo by uti li z ing sun angles below 

the view ing angle . Thi s would be the region covered by the space
c raft below the top o f  the camera . 
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FIGURE 18 - SURVEYOR I FOOT- PAD PHOTOGRAPH 

Thi s i s  the computer enhan c e d  photograph o f  Footpad 2 re l ea s e d  
b y  JPL a t  the June 16 pres s conference in Wa shington, D . C . It 
c l early sho� s the honeycomb s t ructure of the pad and lunar sur
face material s in the mi l l imeter s i z e  range ( .04 inche s ) . On 
the bas i s  o f  photographs such as thi s and o ther tou 2hdown dy 
nami c s  measurement s ,  JPL s c i ent i s t s  and i nvestigato rs have 
e s t imate d  that th e upper surfa ce mat eria l s  have a stat i c  bear
i ng strength of 5 pounds per s quare inch at a penetrat i on depth 
o f  one inch . 

FIGURES 19 AND 20 - SURVEYOR I PANORAMAS - 20° 
AND lO

c 
SUN ANGLES 

Thes e t�o panoramas are loo ki ng to the south o f  the Surveyor 

s pac ecra ft a s  the sun �as s ett ing in the We s t . Figure 19 was 
made w ith the sun approxima t e ly 20° 

above the hori zon . On 
figure 20 , th e sun was about 10

° 
o r  les s than tw enty- four hours 

before suns et .  The s e  panoramas i l lustrate dramati c ally how 
v i s ible detai l on the lunar surface i s  di rec t ly relat ed to the 
sun angl e .  

The large c rater just beyond the ro ck in the l e ft foreground is 

about 35 feet from th e s pa ce cra ft , and has been estimated to be 

about t en feet in diameter and l to 2 fe et deep . Even at the 

20
° 

sun angle , it is di ffi cult to locate thi s c rater . At higher 
sun ang l e s  it w ould become even mo re di ffi cult . 

The 10° 
sun ang l e  mo s i ac show s a pock-marked surfa c e  compo s e d  

of fragmente d  mat eri a l s ,  w i th the ma jo rity bei ng IEuch l e s s  than 
o ne - s i xteenth i nch in s i z e . Thi s type o f  surface ha s been po s 
tulated by many s c i ent i st s  � o rking o n  NASA proErams . '  I n  inve s 
t i gating surfa ce and sub- surfa c e  explo s ions on �a rth, s c i enti s t s  

o f  the USGS and Ames Res ear ch Center found a cijrect re lat i onship 
to the cohe s ion of the mat erial and the type of crater forme d .  
In c ohe s ive mat erial s uch a s  ba s a lt they would e :-:pc ct a ro cky 
e j ecta � i t h  no appa rent l i p  or rim .  I n  loo s ely cohes ive mat erial 
they wou l d  expe ct l i ttle apparent e j ecta, but a w e l l - fo rmed and 
ra i s ed l i p . JPL inve stigator s  have surmi s ed that the 10 foo t 
c rater �as in loos ely coh e s i ve materi al , whe rea s the much l arger 
c rater in the c enter of the mo s a i c  i s  deep enough to have reached 
a more cohe s ive or ro c ky layer . 
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ivDVIE - MARE CARBORUNDUM ( AMES RESEARCH CENTER) 
Researchers at the NASA Ames Re s earch Center and USGS - Menlo 
Park have studied high and low velo city impacts in their 
laboratory through us e of spec ial light gas guns and other 
devices . � relat ing the i r  results to primary and secondary 
craters formed by atomic and explosive pro j ectile explo s ions 
at various test grounds ; Gault , Moore ,  and others have deduc ed 
that the princi pal small - s cale crater forming process on the 
Ranger photographs resulted from primary and s econdary cratering 
in loo sely cohes ive materi als . The fol lowing short movie called 
Mare Carbo rundum by Don Gault i llustrate s  how much o f  the surface 
layer of the lunar landsc ape could have been fo rmed by low velo c 
ity secondary impacts i n  loo s ely cohesive material such as dry 
sand . 

Other than the po s s ibility o f  using a w i der range of pro j ectile 
s i zes , Gault believes thi s  simulat ion to be characteri st i c  o f  
the maj o r  pro c e s s  res pons ible for the part i culate material making 
up the upper few feet of surface as s een on the Surveyor photo 
graphs . 

5 .0 ORBITER MISSIONS AND DATA ANALYSIS PROCEDURES 

F IGURE 21 - ORBITER MISS ION A AND B 

From an altitude o f  about 30 mi les , the Orbiter will photograph 
areas about 22 x 56 mi les in 8 meter resolut ion and 10 x 38 miles 
in l meter resolution on ea ch photograph i c  orbit . The A mi s s ion 
has ten photographic s ites and the B mis sion has eleven . On the 
A mis s ion Sites 2 ,  4, and 6 are in upland areas and the rema ining 
in mare terrain . On the B mis s ion, Sites 4 and 5 are in upland 
areas , Sites 7 and 9 are mixed, and the remainder generally in 
mare terrain . The low resolution photos w i ll provi de fo r stereo 
s copi c analys i s . Mono s copic or photometric s lope analysi s  w i ll 
be performed on the high resolution photo s .  

It may be noted that two consecut ive pas s es will be used on Mi s s ion 
A in order to insure that the area in whi ch Surveyor landed will 
be included in the photograph s . Langley Research Center, Lunar 
Orbiter Pro j ect O ffi ce , has stated that the two consecutive pas ses 
may provi de s i de-lap stereo on the high re solution photography o f  
the landed Surveyor I .  



FIGURE 22 - DETERMINATION OF POTENTIAL AREAS OF LANDING INTEREST 

Due to the large amount o f  photographs to be returned from each 
Orbiter mission ( about 2 , 000 , 911 x 14" photo s )  it will  be neces
sary to concentrate the search for acceptable landing sites in 
areas mo st accessible according to operational mi s s ion and spac e
craft c onstraints . We have initiated a program to analyze each 
Orbiter Site utilizing as much data as we  have available at thi s .  
time . Thi s chart show s that ba sed on application o f  current land
ing s ite select ion criteria certain portions o f  the Orbiter areas 
may not be available for use, regardless of the detai led topo 
graphic or geologic data obtained from the Orbiter photography . 

FIGURE 23  - ORBITER A MISSION - SITE NO . 5  AND SLOPES AND CRATERS 

This site near the center of the vis ible side o f  the Moon will be 
us ed as a sample to illustrate some of  our current data analysi s  
procedures . The base map illustrates a l l  of  the surface  topo 
graphic detail  which can be seen through telescopic observation 
from Earth . The areas shaded on the base chart illustrate tho se 
slopes too steep to be acceptable for landing or those  craters 
several thousand feet or more across  whi ch would not be acceptable 
as a touchdown point . 

FIGURE 24 - ORBITER A MISSION - SITE N0 . 5  - ACCEPTABLE AREA FOR 

LANDING ELLIPSE 

Thi s  figure show s areas rejected on the previous figure and the 
area remaining which could be reached when using a 30 mile radar 
approach path whi ch did no t exceed the site s election criteria 
by passing over a large crater or steep slope . He have also con
cluded that to provi de the best  s lope data along the landing radar 
descent path, the entire approach should be included l·l i thin the 
area o f  low resolution Orbiter photography . 

In using th'-' s . 3  X lS . s  ki lometer ( 3 X 11  mi le ) 3o  landing 
dispersion ellips e ,  it is evident that o nly one landing area can 
be found in whi ch there are only topographi c  feature s below the 
resolution which can be seen from Earth . I f  we w ere to use a 
20 mile approach path, there would be five ava i lable e l l i p s e s  of 
this size and with a ten mile approach path th e nunilier increases 
to eight . If the landing ellipse size were redu c r; r i . to 3 x 7 ki lo 
meters ( 2 x 4 miles ) there would be 24  ava i lab� ·� lc:u 1.:_r:.[S s i tes 
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with a ten mile radar approach path in Orbiter Site 5 .  

FIGURE 25 - ORBITER A MISSION - SITE NO .5  TERRAIN FEATURES 

This figure illustrates geologic data prepared by the USGS 
for the Orbiter Sites . Mbst o f  the area is  covered by what is  
considered "undifferentiated mare" . This  is simi lar to the type 
o f  terrain in which Surveyor I landed . In our analysis of areas 
available for LM landings ,  we did not attempt to classify areas 
topographically or geologically at the scale of the LM landing 
gear . Thi s information can only be supplied after receipt of  
the Orbiter photo s and after the USGS extrapolates geologi cal 
information from Surveyor on to the Orbiter photography at the 
scale of  the LM landing gear . 

I f  at this time we consider the ridges , domes,  rilles, and escarp
ments ( indicated by the Roman Numeral IV) to be unacceptable with
in the landing ellipse, it would be necessary to reduc e the radar 
approach path to 10 or 20 miles to get within the large IA ( un
differentiated Mare ) areas between 0° and 2° w .  longitude . 

FIGURES 26 AND 27 - PARAMETRIC ANALYSIS OF ORBITER A AND B SITES 

These figures illustrate that on the bas is  of today ' s knowledge 
o f  the Orbiter sites , favorable Apollo landing sites may be found 
on most of  the mare locations , even by taking the most conserva
tive operational approach . 

I f  the lunar surface proves to be exceedingly rough or very 
heterogeneous inso far as physi cal properties are concerned, it  
may be necessary to  alter operational plans to  reduce the size  
o f  the landing ellipse or the length of  the radar approach path . 
Many more sites are avai labl e for analys is by utilizing the small 
landing ellipse and the ten mile radar approach path . 

FI GURES 28 AND 29 - RANKING OF .M)RE FAVORABLE ORBITER SITES AND 

C LUSTERED LOCATION IN AFDLLO ZONE OF INTEREST 

These figures i llustrate the Orbiter Sites from Missions A and B 
which pos sess favorable areas for Apollo landing site analysis . 
As a result of appli cation of  operational site selection criteria 
an d the changes resulting from month to month due simply to celes
tial motions , it is  fortuitous that by selecting alternate days 
for three launch opportunities,  favorably c lustere d  sites are 
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located at about 30° 
Eas t  long i tude , near th e 0° 

meri dian, 
and about 35° We st longitude . 

6 . 0 SOURCES OF DATA ;; ur LA.HDI HG Si r;"E ;_�::;: u:;:C TI OJIJ 

F I GURE 30 

Other NASA C en�� e n; , t!1e USGS , D8D l·l'tlJPi llG i (::: s ,  J PL and 

Surveyo r S c i ent i fi · Evaluati_cn Tca;ns , 1 m d  ;.cc \TL .! 1 part i c ipate 
in providing data fo r the s el e c t i ;m o f  �ar,di dc -s :: Apo llo land i ng 

s i te s fo r the fi rst, and subs equent lunar r rt:i c3 S i:'E'� . The final 

s e l e c t i o n  o f  th e l unar s it e s  to l1 e us ed fo r each Apo l lo mi s si o n  

w i ll be made by t h e  As so c iate Ad.'ni n i s t rato r  fr�· r Manne d  Spa c e  
Flight from the rec ommendat i o ns o f  t h e  Apo llo S i t e  S e l e c t i on 
Board, chaired by l·'B j o r  General Samuel Phi l l i p s , Offi c e  of 
Manned S pa c e f l i ght . 
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Que stions and Answers  

SITE SELECTION DATA SOURCES AND INTERPRETATION 

Speaker : John E .  Dornbach 

1 .  Why was s ite A5 used in the discuss ion? 

ANSWER - It was purely an example . 

2 .  Comment from Audience : The Orbiter sidelap percentages are 
quite small , and it would be difficult to include a Surveyor 
site in stereo coverage . 

Comment from Mr .  Dornbach :  It i s  our understanding that 
Orbiter will have a larger sidelap than the normal 5% . Thi s 
could be done by tilting the spacecraft ; however ,  the actual 
method to be used i s  not known . 

3 .  Were there filters on the Surveyor and could the details 
[ of the surface feature s ]  be increased by the use of the se 
filters? 

ANSWER - There were filters ,  but their purpose was for color
imetry . Since the lunar surface i s  bas ically grey , t he filters  
had little effect on the imagery received . 

4 .  Has any cons ideration been given to observing the LM landing 
by another spacecraft in orbit , such as Lunar Orbiter? 

ANSWER (Dr . S hea )  - The answer i s  b asi cally "no " , primarily 
because it would repre sent an extra constraint [ to get into 
phase with some other spacecraft whi ch was already in lunar 
orb i t ]  out of which one would expect to get very little 
additional real value to the program . 

61) 



NASA � 66-61126 JUN 

USGS PHOTO GEOLOGICAL MAP OF KEPLER REGION 
<18 Ml 

614 

F' i • 



PLANNED 

--------· IN WORK 

N ASA.S-66-6024 MAY 

THERMAl ENHANCEMENTS (l iNES) AND 
HOT SPOTS (DOTS ) NEAR THE END OF TOTAliTY 

MARE IMBRIUM +-+-+-......-:--

COPERN ICUS 
AR ISTARCHUS 

MARE H UMORUM 
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NASA.S-66-6053 . JlJN  

RADAR MAPPING 

MIT LINCOLN LABS 
ARECIBO (CORNELL)  

0.86 CM 
3 .8 CM 

23 .0  CM 
70.0 CM 

7 .5  M 

LOCALIZED AREAS ON MOO N 
(<. 1 0  SQ KM IN SIZE) 

1 .  ESTIMATE BULK DENSITY V ERSUS DEPTH 

2 SURFACE ROUGHNESS-RMS SLOPE VERSUS SPAC ING 

TARGET AREA 
SURVEYOR 

MARIA A 0 
MARIA B n 
MARIA C 0 
MARIA 0 !:>. 
HIGHLAND BASIN V 
SCIENCE AREA t> 

Fe . 
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LU NAR SLOPES AT LM SCALE  
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RANGER 8 APOLLO SITE ANALYSIS 
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RANGER IX PHOTOGRAPH OF 
FLOOR OF  ALPHONSUS 
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K U I P E R  B E A R I N G  S T R E N G T H  A N A L Y S I S  

N A S A - 5 - 66 - 3 1 60 JUN B 

S K ET C H  OF PORT I O N  OF  L U N A IX PA N O RAMA 
TAKEN FEBRUARY 5,  1966 T I LT 21 , SUN ELEVAT ION 27 

oo 
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D ET E R M I N A T I O N  O F  POT E N T I A L  A R E A S  
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- ORBITER "A" MISSION-SITE NO. 5 
CRATER AND SLOPE DELINIATION 

. ORBITER "A" MISS ION-SITE NO. 5 
ANALYSIS BASED ON 5.3 x 18.5 Km LANDING ELLIPSE W ITH 55 Km 

N M) RADAR APPROACH PATH 
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NASA-S-66 5947 JUL A REAS F O R  
A PO L L O  LA N D I N G  S I T E  A N A L Y S IS 

r:::::J ORBITER A AND B S ITES 
r::::J FAVORED ORB ITER A AND 8 SITES Q S IT E S  NOW USED IN MISS ION PLANNING 

X LUNAR LANDING AREA - NATURAL ENVIRONMENT AND 
PHYS ICAL STANDARDS FOR THE APOLLO PROGR AM, APRIL 1965 

Fig . -'9 

NASA-S-66-605 2-JUN 

SOURCES OF DATA FOR LANDING SITE SELECTION 

SOURC E  
LEM SLOPE FREQUENCY DISTRIBUTION .. . .. . . . . . . .. . ... . .............. MSC 
LEM BOTIOMING HAZARD FREQU ENCY -............. . . . ........... MSC 

DISTRIBUTION 

ANALYSIS OF TERRAIN FOR LANDING -.............. .. . . ........... MSC 
RADAR APPROACH 

TO POGRAPHIC MAPS . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .. . . . . . . . . . . . . . . . . . . . . . . . . . . .  DOD, ACIC & AMS 

PHOTO -GEO LOGIC MAPS . . . . . . .. . . . . . . . . . . . . . . . . . . ..... . . . . . . . . . . . . . . . . . . . . . .. . . .  USGS 

LUNAR SO I L  MECHANICS PROPERTIES . .. . ...... . . .. . . .. . . . ..... . . . . .. JPL SURVEYO R 

WORKING GROUPS 
USGS 

MSC 
ANALYSIS OF S ITES FO R SCIENTIFIC -... . . . . . . . . . . . . . . . . . . . . .. ....... USGS 

INTEREST 
O R B I T E R  DATA SC R E E N I N G . . . . . . . . . . . . . . . . . . . . . . .. . . . . . . . . . . . . . . . . ----- L R C , M S C  & U SGS 



CONTROL OF LUNAR SURFACE CONTAMINATION 

AND 
BACK C ONTAMINATION 

BY 

RICHARD H .  KOHRS 
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THE PURPOSE OF THIS PRESENTATION IS TO : 

Show the current status of hardware de sign and procedure s 
that are being developed to control or minimize lunar 
surface and back  contamination . 

Subse quent chart s will show : 

a .  For e ach crew biologi cal contamination source , the hard
ware or procedure being developed to minimize lunar surface 
contaminat ion . 

b .  Preliminary contour plot s showing the level and area of 
concentration of the de scent propellant contaminant s .  

c .  The current de sign criteria for the prevention of back 
contamination plus the spacecraft and recovery procedure 
postulated to meet thi s criteria .  

d .  The current de sign re quirement s and concepts  of the Lunar 
Receiving Lab . 

BIOLOGICAL LUNAR SURFACE CONTAMINAT ION 

Figures 1 ,  2 ,  and 3 summarize for e ach crew biologi cal con
tamination source the hardware or procedure de sign currently 
being implemented . The prevent ion of exposure of crew bio
logi cal excretions is  accomplished primarily when there i s  
still lunar surface sampling and exploration time remaining . 
All storable excretions are kept in the 1M up to the comple
tion of the last excursion . At thi s time the storage con
tainers are offloaded onto the lunar surface and then stored 
in the LM de scent stage by the LM crewman . Similarly , after 
the 1M crewman enters the LM after the final excursion, 
certain EMU components are offloaded onto the lunar surface . 
Offloading of these storage containers and e quipment account s 
for approximately a 100 pound inert weight savings whi ch is  
e quivalent to approximately 200 pounds of total ascent stage 
launch weight . 

SUPPORTING DATA 

Sweat Filter 
Cabin Air 
LiOh Cannisters 
Germicide 

95% Effe ctive Bo% Effective 
Tests scheduled this month at Ft .  Dietrich 
SETOL 

631 



N A S A - S - 6 6 - 5 7 4 0 J U N  1 6  

L U N A R  S U R F A C E  C O N T A M I N A T I O N  

B I O LOGIC A L  
C O N T A M I N A T I ON SOU R C E 

D ISPOS I T ION 

F E C E S  
U R IN E 

L i O H  C A N ISTE R S  

P L SS CO N D E N SA T E 

SWEA T 

CABIN A I R  

N A S A - S - 6 6 - 5 1 3 3  J U N  8 

F.i.: ' .  l 

STO R E D  W I TH I N  L M  U N T I L  LU N A R  
SAM P L I N G  A N D  E X P L O R A T I O N 
C O M P L E T E D  
T R A N S F E R E D  T O  T H E  L U N A R  
S U R FA C E  A N D STO R E D  I N  L M  
D E S C E N T ST A G E  P R I O R  T O  LAST  
E V A  I N G R E S S  
F E C E S ,  U R I N E ,  A N D  P LS S  
CO N D E N S A T E  C O N TA I N E R S  
CO N TA I N  G E RM I C I D E  

PASSED TH RO UG H BACTERIA F I LTER  
PR IO R TO BE IN G  VEN TED O N TO 
LUN A R  SU RFACE 

PASSES CON TIN UOUSLY TH RO U G H  
L i O H  CAN ISTER 
DURIN G CAB IN DEPRESSURIZATION 
P A S S E S  TH RO U G H  F I LTER IN STA LLED 
ON CABIN VEN T 

L U N A R  S U R FA C E  CONT A M I N A T ION 

B IOlOGIC A l  
C O N T A M I N A TI O N  

SOU R C E 
EXTRAVEH ICU LA  R 

ASTRO N A UT 
FECES  

U R I N E  

L i O H  CA N N ISTERS 

SW EAT 

SU IT  A I R  

D I S P O S IT ION 

D EFECAT IO N N O T  A N T I C I PA TED. I F  R EQ U I R E D ,  
STORED I N  SU I T  U N T I L  R E TU RN  TO  LM  

STO RED IN  SU I T  A N D  TH EN  DUM PED  I N TO  
STO RAG E C O N TA I N ERS  U P O N  R E TU RN  TO 
lM CAB IN  

R EMOVED  FRO M BACK  PACK W I T H I N  LM , STORED ,  
A N D  TH E N  O F F LOADED  I N TO D E SC E N T  STA G E  

CO llECTED  A S  P LSS  CO N DE N SA TE. DUM PED  I N TO 
STO RAG E CO N TA I N E R S  U PO N  R E TURN  TO LM 

PASS ES  THRO UGH  L iO H  CAN N I ST E R  IN  BACK PACK  . 

. 0 4  L B / H R  SU IT L EAK  O N TO SU R FACE  

F l  . 
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L U N A R  S U R FA C E  C O N T AM I N AT I O N  

B I O L O G I C A L  
C O N T A M I N A T IO N SOU R C E 

E X T R AV E H I C U LA R  MO B I L I T Y  
U N  I T  C O M P O N E N TS 

1 P L S S  

2 P R  L U N A R  BOOTS 

D IS P O S I T I O N  

L E F T  O N  L U N A R S U R F A C E  A FT E R  
C O M P L E T I O N O F  L A S T L U N A R  

E X P L O R A T I O N 

O N E  P L SS 

R E TA I N  ED D U R I N G LM A S C E N T  

F O R B A C K U P  E X T R AV E H I C U L A R  

T RA N S F E R  
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DESCENT ENGINE CONTAMINATION 

Figure s 4 through 7 show the amount s of the princ ipal LM 
exhaust gas constituent s  that will be adsorbed on the lunar 
surface in the vicinity of the LM touc hdown s i  t. e .  The se  
chart s are re sults  of an init ial study of  GAEC and show 
preliminary e st imat e s . The maps  are orien"�cd 11i th re spect 
to the landing traj e ctory so  that the LM ap} roache s the 
touchdown point from the top of  the map . n i s  apparent 
that t he most he avily contaminated regions lie along the 
traj e ctory . Maps of thi s type could serve as guide s to 
locations from whi ch lunar s urface sample s con'; aining mini
mum amount s of cont amination can be  collected . They could 
also indicate to s c ientists  the amount s of con+, aminat ion 
that will exi st in sample s gathered at var iouc locat ions 
with re spect to the touchdown point . 

Contour s of  constant adsorption in units  o f  ::1i crograms of 
adsorbed gas per s quare centimeter of lunar s urface are 
plotted for H20 ,  OH , NO , 0 ,  and 02 . C O ,  CO,) , H ,  and H2 are 
also  pre sent ln the exhaust ; however , no appreciable amount s 
of the s e  adsorbed contaminant s should be found in lunar 
s ample s . 

Maps of  thi s type including information on the depth of 
contamination could be used as an important tool in com
pensating for contaminat ion . Such maps would indicate 
that the astronaut s need to colle ct sample s at distance s  
of  only 1000 or le s s  feet from the LM to insure sample s 
that are relatively uncontaminated .  

Similarly , i f  the loc ation , t ime , and depth at ,,,hich every 
lunar s ample is colle cted is recorde d ,  a coP pari son can be 
made between the amount s and di stribution of actual versus 
predicted contaminant s during postflight evaluation . This 
data would be useful in  the development of  distribution 
maps for sub s e quent flight s . 

SUPPORTING DATA 

It i s  currently e st imated that approximately l/3 of  exhaust 
by-products  will be H2

0 ,  1/3 N2 , and l/ 3 H2 , CO, C02 , H and 
o .  

Propellant UDMH and N2H4 + N2o4 ( 50/ 50 unsymdimethydrazine/ 
hydrazine + nitrogen tetroxiae ) .  
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CONTOURS OF EQUAL ADS ORPT ION 
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CONTOURS OF EQUAL ADSORPTION 
OF OH IN UNITS OF p. g/cm2 
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BACK CONTAMINATION 

The remaining charts  will show t he back cont aminat ion criteri a ,  
the po stulated inflight and recovery procedur e s  t o  me et thi s 
cr iter i a ,  plus the LRL ( Lunar Re ce iving Lab ) de s i gn re quire
ment s and conc epts . 

Hardware and procedur e s  to m1n1m1ze bac k  cont amination c an 
be divided into three spe c i f i c  phase s .  Name ly : 

a .  The t ime from lunar landing t hrough po stearth landing 
recovery . 

b .  The t ime from recovery through transportat ion to t he 
Lunar Re ceiving Lab . 

c .  T he post m i s s ion confinement in t he Lunar Re ce iving Lab . 

Figur e s  8 and 9 show the spac e c r aft and re covery criteria 
recomme nded by the inter agency c ommittee . 

Unt il re cently no spe c i fi c  r e quirement has existed to provide 
hardware or develop procedur e s  that minimize the sour c e s  of 
back c ontaminat i on . However , t he interagency committee for 
back c ont aminat ion has r e c e nt ly recommended spac e craft and 
recovery procedure s as well as approved t he de s ign re quire 
ment s and functions of the Lunar Re ce iving Lab . 

Thi s criteria has recently been approved by NASA He adquarter s 
and currently i s  under study by MSC . 

Thi s criteria was e s t abli s hed as a re sult of a briefing at 
MSC on Apr i l  13 , 1966 , at wh i c h  MSC outline d  t he spac e c r a1t , 
recovery , an(j lab c urrent c apabilit i e s  and re quirement'S . 

The commi ttee gave i t s  approval to the lab requirement s and 
r P c orrum: r li e d  t he .spacecraft and re covery criter i a  shown on 
t h(' ne xt c h ar s .  
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S P A C E C R A F T A N D  R E C O V E R Y  

R E C O M M E N D A T I O N S  B Y  T H E  

I N T E R A G E N C Y  C O M M I T T E E  

SPAC EC R A FT C R I T E R I A  

e D E V I S E  A N D P R O T O T Y P E  T E S T  A N Y C O M B I N A T I O N O F  T H E 
L M  C M  R E T U R N  P R O C E D U R E S ,  A L O N G  W I T H  A N Y  D E S I R E D  

C O N TA M I N A T I O N C O N T R O L E Q U I P M E N T ,  T H A T  W I L L  

C U M M U L A T I V E L Y P R O D U C E  A D E G R E E  O F  E A R T H  P R O T E C 

T I O N  G E N E RA L L Y E Q U I VA L E N T  T O  T H A T  A C H I E V E D  W I T H  
A N  E X H A U ST F I L T E R  

f'j_ · •  > 
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S P A C E C R AFT A N D  R E C O V E R Y  
R EC O M M E N D AT IO N S  B Y  T H E  

I N TE R A G E N C Y  C O M M ITTE E  
R EC O V E R Y  C R IT E R I A  

e M S C  S H O U L D  P E R F O RM A STU D Y  O F  A LT E R N A T I V E S  I N  T H E 

R E C O V E R Y  M O D E S  S U C H  A S  S U B ST I T U T I N G  GO O D  

S A N I T AT I O N ,  I S O L A T I O N  A N D  Q U A R A N T I N E  T E C H N I Q U E S 

I N  P L A C E  O F  S P E C I A L  I S O L AT I O N  E Q U I PM E N T 

F i - .  



Bas e d  on t he int e r agency criteri a t he spac e c r aft pro c e dure s  
s hown o n  figur e s  10 t hrough 14 are be ing conside red a s  ways 
o f  minimi z ing t he s our c e  of bac k  c ontaminat i on . 

The procedur e s  have been s ubdivided into t he var ious mi s s ion 
phase s .  

SUPPORTING DATA 

a .  Forward hat c h  open only 7% o f  t ime . 

b .  Helmet s  normally o f f  for e at ing only 4% o f  t ime . 
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PRO C E D U R ES POSTU L AT E D  TO M I N I M I Z E  
S O U R C ES O F  B A C K  C O N T A M I N AT I O N  

L U N A R  S U R F A C E  PH A S E  

e T H E  L M  F O R W A R D  H A T C H  W I L L  B E  S E C U R E D  E X C E P T F O R  
C R EW E G R E S S  A N D  I N G R E S S 

e P R I O R  T O  L M  I N G R E S S T H E C R E W  W I L L  W I P E  O F F  E X T E R N A L  
G A R M E N T S  A N D  B O O TS 

e T H E  C R EW W I L L  M I N I M I Z E  T H E H E LM E T  O F F  T I M E  T O  R E D U C E  
D I R E C T  E X P O S U R E  T O  C A B I N  E N V I R O N M E N T  

e L M  L i O H  C A N N I S T E R S  W I L L  F I LT E R  C A B I N / S U IT E N V I RO N M E N T 

e S C I E NT I F I C  C O N T A I N E RS W I L L  B E  W I P E D  O F F  P R I O R  
TO LM I N G R E S S  

J:i'j ;-' . .  ' 1  
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P R O C E D U R E S  P O ST U L AT E D  T O  M I N I M I Z E 
S O U R C E S  O F  B A C K  C O N T A M I N AT I O N  

L M  TO C S M  T R A N S F E R  P H A S E  

e A F T E R  H A R D D O C K  T H E  C SM W I L L  P R E S S U R I Z E  T H E  D O C K I N G  
T U N N EL ,  TH E L M  E C S  W I L L  B E  D E A C T I V A T E D ,  T H E  L M  
R E L I E F  V A L V E  W I L L  B E  M A N U A L L Y  V E N T E D  T O  C R E A T E  A 
F L O W  F R O M  C M  T H R O U G H  L M. P R E S S U R E  H A T C H  R E 
M O V E D  A N D  F LO W  O F  A I R  W I L L  C O M E  F R O M  C M 
T H R O U G H  L M  

e E XT E R N A L  TMG ' S  R E M A I N  I N  LM A S C E N T  S T A G E 

e E Q U I P M E N T  T R A N S F E R R E D  TO C S M  W I L L  B E  ' W I P E D  O F F "  I N  
T H E L M  P R I O R  T O  T R AN S F E R  

T R A N S E A RT H  C O AST 

G t i O H  C A N N I Sl E R S  F I L T E R  C A B I N / S U I T E N V I R O N M E NT 
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P R O C E D U R E S P O ST U L A T E D  T O  M I N I M I Z E  
S O U R C E S  O F  B A C K  C O N T A M I N A T I O N  

E N T R Y  P H A S E  

e L i O H  C A N I S T E R S  F I L T E R  C A B I N / S U I T E N V I R O N M E N T  

e E X T E R N A L  R E E N T R Y  T E M P E R A T U R E S  W I L L  D E C O N T A M I N A T E  
T H E E X T  E R N A l S U R F,A C E 0 F T H E S P A  C E C R A F T  

S U R F A C E  T E M P E R A T U R E  ° F  

N A S A - S -6 6 - 5 1 3 9 J U N  8 

9 0 %  S U R F A C E  L O S T  

6 0 0 ° F  B O N D L I N E  A T  
C H U T E  D E P L O Y M E N T  

3 0 0 ° F  B O N D  L I N E  
A T  T O U C H D O W N  

P R O C E D U R E S  P O S T U LAT E D  TO M I N I M I Z E  

S O U R C E S  O F  B A C K  C O N TA M I N AT I O N  

POSHA N D I N G  

e V E N T I L A T I O N S Y S T E M  P R OV I D E S  1 0 0 - 1 5 0 C F M  A I R  C I RC U L A T I O N . 

S T U DY C U R R E N TL Y  B E I N G  P E R F O RM E D  T O  S H OW I M P A C T  O F  

P R OV I D I N G  PO STL A N D I N G  B I O L O G I C A L F I L T R A T I O N . 

Fte . 

641 



N A S A - S - 6 6 - 5 2 3 4  J U N  

P R O C E D U R E S  P O S T U L A T E D  TO M I N I M IZ E  
S O U R C E S O F  B A C K  C O N T  A M I N A  l i O N  ( C O N T )  

R E D E S I G N E D  S Y S T E M  
P R E S E N T  P R E S E N T  F A N  N E W F A N  
S Y S T E M  N E W F A N  W I TH  F I L T E R  W I TH  F I L T E R  

W I T H  W I T H  F I L T E R  P L U S  WA T E R  P L U S  WA T E R  
F I L T E R  C O O L E D  S U I T S  C O O L E D  S U I T S  

!:::. I N E R T 4 L B S  2 1 0  L B S  3 5  L B S  4 3  L B S  W E I G H T  

E F F E C T I V E  
9 L B S  4 5 0 L B S  7 5 L B S  C S M  W E I G H T  9 3  L B S  

T H E R M A L T H E R M A L  

L I M I TS 
C O N T R O L  C O N T R O L  
O F  C R E W  O F  C R E W  

I N A D E Q U A T E  M A R G I N A L  

C O S T  
& T B D  T B D  T B D  T B D  

S C H E D U L E  

642 



Figur e s  15 through 20 s how t he postulated rec overy procedure s 
being considered from t ime of  init i al par ar e s c ue cont act 
t hrough shipment to the Lunar Re ce iving Lab . 

The procedur e s  have been s ubdivided for various s ituat ions . 
That i s , crew egre s s  prior to retrieval : Crew in  CM at ship 
retrieval ; Crew tran s fe r  to LRL ; Spacecraft trans fer to LRL . 
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PROC E D U R E S PO STU LA T E D  TO M I N IM I Z E  
SOU RC ES O F  B A C K  C O NTA M I N A T I O N  

C R E W  E G R E S S  P R I O R  T O  R ET R I E V A l 

e PA RA R E SC U E  P E R S O N N E L  J U M P W I TH F L O T A T I O N  CO L L A R  A N D  
B I O L O G I C A L I S O L A T I O N S U I T S  

e P A R A R E S C U E  P E R SO N N E L I N STA l l  F L O TA T I O N CO L L A R ,  P U T  
B I O L O G I C A L ISO LA T IO N S U I T S  I N  R A F T  O U TS I D E  O F  CM 

e C R E W  EG R E S S  F R O M  CM , G E T I N TO R A F T , A N D  D O N B I O L O G ICA L 
I SO L A  T I O  N S U ITS  

e PA RA R E S C U E P E R S O N N E L  A SS I ST F L IG H T  C R E W  O N L Y I F  N E E D E D ;  
O T H E RW I S E M O V E  SO M E  D I S TA N C E AWAY U N T I L  T H E  C R EW D O N S  
S U ITS  

e R E C O V E R Y  S H I P  P RO C E E D S  TO L A N D I N G  P O I N T ;  R E T R I E V E S  
S P A C E C R A F T ,  F L I G H T  C R E W ,  A N D  P A RA R E SC U E  P E RS O N N E L  

F i  . , . 
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P R O C E D U R E S P O S T U L A T E D  T O  M I N I M I Z E  
S O U R C E S O F  B A C K  C O N T A M I N A T I O N  
C R E W  E G R E S S  P R I O R T O  R E T R I E V A L  ( C O N T I N U E D )  

e A F T E R  C M  I S  A B O A R D  S H I P ,  O N E  M E M B E R  O F  F L I G H T  C R E W  

R E E N T E R S  C M  I N  O R D l: K  TO R E M O V E  l U N A R  S A M P l E S ,  

F l i G H T  T A P E S , E T C .  I T E M S  A R E  P l A C E D  I N  A N  A P P R O P R I A T E  

C O N T A I N E R ,  C R E W M E M B E R  E G R E S S E S ,  A N D  D O N S  A 

F R E S H  B I O l O G I C A l  I S O L AT I O N  S U I T .  

e F l i G H T  C R E W  P R O C E E D  T O  Q U A R A N T I N E  Q U A R T E R S  O R  F A C I L I TY 

F O R  M E D I C A L  A N D  M I S S I O N  D E B R I E F I N G .  ( M E D I C A L  P E RS O N 

N E L A R E  T H E N  Q U A R A N T I N E D  A L O N G  W I T H  T H E  C R EW . )  

e F L I G H T C R E W  A N D  M E D I C A L  P E R S O N N E L  S T A Y  I N  Q U A R A N T I N E  

U N T I L  S H I P  R E A C H E S  N E A R E S T A P P R O P R I A T E  D O C K .  

e A L L  W A S T E  P R O D U C TS O F  Q U A R A N T I N E D  P E R S O N N E L  A R E  

C O L l E C T E D  A N D  T R E A T E D .  

F " '  . � 
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P R O C E D U R ES P O ST U LATED TO M I N I M I Z E  
SO U R C ES O F  B A C K  C O N T  A M  I N A  T I O N  

C R E W  I N  C M  A T  S H I P  R E T R I E VA L  

e PA R A R E S C U E  P E R S O N N E L  J U M P W I T H  F LO T AT I O N  C O L L A R ,  
B I O LO G I C A L  I S O L AT I O N  S U I T S ,  A N D  C A B I N  F I L T R A T I O N  D E V I C E * 

e PA R A R E S C U E  P E R S O N N E L  I N ST A L L  F L O T A T I O N C O L L A R  A N D  
R E M O V E  C M  H A T C H  A N D  I N S T A L L  F I LT R A T I O N  D E V I C E  

e PA R A R E S C U E  P E R S O N N E L  A S S I ST F L I G H T  C R E W  O N L Y I F  N E E D E D ;  
O T H E R W I S E  M O V E  S O M E  D I S TA N C E  A W A Y  

e R E C O V E RY S H I P  P R O C E E D S  T O  L A N D I N G  P O I N T ;  R E T R I E V E S 
S P A C E C R A F T / C R E W ,  A N D  P A R A R E S C U E  P E R SO N N E L 

e A FT E R  C M  I S  R E T R I E V E D  A N D  P LA C E D  O N  D E C K ,  F L I G H T  C R E W  
E G R E S S  W I T H  L U N A R  SAMP L E S ,  F L I G H T  T A P E S ,  E T C ,  D O N  B I O 
L O G I C A L  I S O L AT I O N  S U IT S ,  A N D  P R O C E E D  T O  Q U A R A N T I N E  
Q U A RT E R S  O R  F A C I L I T Y  F O R  M E D I C A L  A N D  M I S S I O N  
D E B R I E F I N G  

* C A B I N  F I LT R A T I O N D EV I C E  C U R R E N T L Y U N D E R  S T U DY . I F  S PA C E 
C R A FT H A S  F I L T E R ,  T H I S  D E V I C E  M A Y  N O T  B E  R E Q U I R E D  

Fir . 1 7  
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P R O C E D U R ES POST U LATED  TO M I N I M I Z E  
SO U R C ES O F  B A C K  C O N T  A M  I N A  T I O N  

C R E W  I N  C M  A T  S H I P R E T R I E V A L  ( C O NT) 

e F L I G H T  C R E W  P R O C E E D T O  Q U A R A N T I N E  Q U A R T E RS O R  
F A C I L IT Y  F O R  M E D I C A L  A N D  M I S S I O N  D E B R I E F I N G 
(M E D I C A L  P E R S O N N E L  A R E  T H E N  Q U A R A N T I N E D  
A L O N G  W I T H  T H E C R E W ) 

e F L I G H T  C R EW A N D  M E D I C A L  P E R S O N N E L  STAY I N  Q U A R A N T I N E  
U N T I L  S H I P  R E AC H E S  N E A R E S T  A P P R O P R I A T E  D O C K  

e A L L  W A S T E  P R O D U C T S  O F  Q U A R A N T I N E D P E R SO N N E L A R E  
C O L L E C T E D  A N D  T R E A T E D  
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P R O CEDU R ES POSTU LATED  T O  M I N I M I Z E  S O U R C ES 
O F  B A C K  C O NT AM I N A  l i O N  

C R EW T R A N S F E R  TO A I R C R A FT FOR F L I G H T  TO L R L ,  H O U S T O N  

e F L I G H T  C R E W A N D  M E D I C A L  P E R S O N N E L  D O N  B I O L O G I C A L  

I S O L AT I O N  S U I T S ,  L E A V E  Q U A R A N T I N E Q U A R T E R S ,  A N D  

T R A N S F E R  B Y  A P P RO P R I AT E  T R A N S P O R T A T I O N  T O  A I R C R A F T .  

L U N A R  S AM P L E S ,  TA P E S ,  ETC . ,  A R E  T R A N S F E R R E D  

e F l Y T O  E L L I N GTO N ,  T R AN S F E R  B Y  A P P R O P R I AT E  T R A N S P O RT A T I O N  

T O  L R L  
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P R O C ED U R ES POSTU L AT E D  T O  M I N I M I Z E  S O U R C ES 
O F  B A C K  C O NT A M  I N A  T •O N  

Q U A R A NT I N E  S P A C E C R A FT 

e A B O A R D  S H I P  TH E H A T C H  I S  R E P L A C E D  

e E X T E R N A L  S U R F A C E S  O F  S P A C E C RA FT A R E  
C H E M I C A l l Y  T R E A T E D  

e AT D O C K S I D E  SM / R C S  I S  D EA C T IVA T E D  A N D  T H E N  
T R A N S F E R R E D  TO L S R L  B Y  A I R  A N D  S U R F A C E  
T R A N S P O RT AT I O N  
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Fi gure 2 1  shows t he ge ner al flow s e quence from re c overy of 
spac e c r aft , c r ew , lunar s ample s ,  and mi s ce l l aneous e quip
me nt from t he r e c o very ship through distribut ion and r e t urn 
of sc ientific  s ampl e s . 
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TR ANSPO RTAT ION TO AN D FROM LRL  

A I R C R A F T  C A R R I E R  I N  R E C O V E R Y  Z O N E  

�4::�: _:-_ 
D I R E C T  A I R  
T R A N S P O R T  

D A T A  F I L M  & T A P E  
A S T R O N A U T  B I O  S P E C I M E N S  [\ ·� �- L U N A R  R E C E I V I N G  L A B  � 

M O R E  T H AN 5 0  S P E C I M E N S  :.iji 1 1 1 1 1 1 1 ;illluum_li3 ... : I R  T R A N S P O RT 

{ L A T E R )  FOR I N V E S T I7A T I O N  ' 3 A S T R O N A U T S  
1 M E D I C  

� 'T E C H N I C I A N  

6iiil__ � {ST I L L  . � ;  � tid llr:!l:t:f L A T E R ) . ... � 
n .  S U R F A C E  O R  A I R  T R A N S P O R T  

lrJ S P E C IM E N S  S E A L E D  S P A C E C R A F T  

M O R E  T H A N 5 0  U N I V E R S I T I E S  
A N D  L A B S  A L L  O V E R  W O R L D  

R E T U R N E D  F O R  
S TO R A G E  A N D / O R  
R E D I S T R I B U T I O N  
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Figure s 22 through 26 show the Lunar Rec e iving Lab funct i ons 
dur ing quar antine plus the containment concept s currently 
planned for the spac e cr aft , crew , and lunar s ample s . 
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N A S A  S - 6 6 - 5 1 5 1  J U N  8 
L U N A R  R EC E I V I N G  L A B O R  A TORY  

O P E R AT I O N S  

L U N A R  R E C E I V I N G  L A B  
F U N C T I O N S  D U R I N G  Q U A R A N T I N E  

e A S TR O N A U T  I S O L A T I O N  

• P O ST F L I G H T  M E D I C A L  E X AM I N A T I O N  

• T E C H N I C A L  D E B R I E F I N G  

• P A R T I C I P A T I O N  I N  S A M P L E  I D E N T I F I C AT I O N  
A N D  SC I E N T I F I C D E B R I E F I N G  

• E XP E R I E N C E  I N P U T  TO N EXT F L I G H T  

e S A M P L E  I S O L A T I O N  

• O P E N  C O N T A I N E R S ,  I D E N T I F Y  & C A T A L O G  
• R E M O V E  S P E C I M E N S  F O R  Q U A R A N T I N E  

C L E A R A N C E  T E STS  

• P E R F O R M  T I M E  D E P E N D E N T  S C I E N T I F I C  E X P E R I M E N TS 

• P R E P A R E  F I FTY  O R  M O R E  S P E C I M E N S  TO B E  
S E N T  T O  O U T S I D E  L A B S  
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L U N A R  R E C E I V I N G  LAB O R A T O R Y 

O P E R AT I O N S  ( C O N T ) 

L U N A R  R E C E I V I N G L A B 
FU N C T I O N S D U R I N G  Q U A R A N T I N E 

e Q U A RA N T I N E C L E A R A N C E  T E ST 

• P E R F O R M  M I N I M U M  B I O - T E STS I N  C O N F O R M A N C E  W I TH 
I N TE RA G E N C Y  R E Q U I R E M E N TS TO C E R T I F Y S A F E  R E L EA SE 
O F  I SO L A T E D  P E R S O N N E L A N D  E Q U I P M E N T  

e D A TA F I L M A N D T A P E  I S O LA T I O N 

• P L A Y TA P E S  TH RO U G H  B I O L O G I C A L B A R R I E R F O R 
0 U T S I D E  P R O C E S S I N G  

• D E V E LO P  F I LM A N D  P R I N T  TH RO U G H  O PT I C A L P R I N T E R  F O R 
O U T S I D E  U S E 

e SPAC E C R A F T  C O M M A N D  M O D U L E  I S O L A T I O N 
• AVA I LA B L E  F O R E S S E N T I A L  T E C H N I C A L  I N S P E C T I O N 
• AVA I L A B L E  FO R A D D I T I O N A L  B I O S A M P L I N G 
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L U N A R  B I O LO G Y  P R O G R A M  
B A S I C  C O N T A I N M E N T  C O N C E P T S  

S P A C E C R A FT 

e N 0 E N T RA N C E P E R M I TT E D  TO S P A C E C R A F T  I N T E R I O R  

e S P A C E C RA F T  STO R E D  I N  N O -N -Q U A RA N T I N E A R E A  

e I F  R E Q U I R E D ,  S P A C E C RA F T  STO R A G E A R EA M A Y  B E  
I N  C O  R P O  R A T E D  I N TO C R E W  R E C E P T I O N  A R E A  

e P O S S I B L E  R E Q U I R E M E N T S  I N C L U D E  
• C O M P O N E N T  A N A L Y S I S  O R  R E M O V A L  
• F U RTH E R  B I O L O G I C  A S S E S SM E N T  O F  SPA C E C R A F T  

e R E M A I N S Q U A RA N T I N E D  F O R SAM E P E R I O D A S  C R E W  
( 2 1  D A Y S )  
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L U N A R  B I O L O G Y  P R O G R A M 
B A S IC  C O N T A I N M E N T C O N C E P T S  

C R EW R EC E PT I O N A R E A  

e F A C I L I T Y  F E A T U R E S  
• S I N G L E  B A R R I E R  
• A L L W A ST E  H E A T  T R E A T E D  
• A L L  E F F L U E N T  A I R  F I L T E R E D  T H RO U G H  ' B I O L O G I C A L ' F I L T E R S  
• N E G A T I V E  P R E S S U R E  M A I N TA I N E D  I N S I D E  F A C I L I T Y  

e N O  P E R SO N N E L C A N  L E A V E  F A C I L I T Y  D U R I N G Q U A R A N T I N E  
P E R I O D 

e A S  R E Q U I R E D ,  P E R S O N N E L  C A N  E N T E R  F A C I L I T Y  

e PO S S I B L E  R E Q U I R E M E N TS I N C L U D E  
• M E D I C A L A S S I S TA N C E 
• T E C H N I C A L  P E R S O N N E L T O  E XA M I N E  S P A C E C R A FT 
• F A C I L I T I E S  P E R S O N N E L TO R E P A I R  E Q U I PM E N T  

e C R EW R E M  A I N S  I SO LA T E D  F O R 2 1  D A Y S .  U N  L E S S  S A M P L E  
A S SA Y PO S I T I V E  
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L U N A R  B I O LO G Y  P R O G R A M  B A S I C  

C O N T A I N M EN T  C O N C E P T S  
L U N A R  S A M P L E  

e F A C I L I T Y  F E A T U R E S  

• D O U B L E  B A R R I E R  C O N C E P T 

• S E C O N D A R Y  B A R R I E R - B U I L D I N G  W A L L S  

• P R I M A R Y B A R R I E R - C A B I N E T S Y S T E M  

• O P T I M U M  A I R  P R E S S U R E  D I F F E R E N T I A L S M A I N TA I N E D  

• L I Q U I D  E F F l U E N T S  H E A T  S T E R I L I Z E D  

• E F F L U E N T  A I R  F RO M  C A B I N E T I N C I N E R A T E D  

• E F F L U E N T  A I R  F R O M  R O O M  F H  F I L T E R E D  T H R O U G H  
' B I O L O G I C A L '  F I L T E R S 

• 1 0 0 %  M A K E - U P  A I R  

• A l l  M A K E - U P  A I R  F I L T E R E D  T H R O U G H  B I O L O G I C A L  F I L T E R S  

e A l l  P E R SO N N E L E N T E R  A N D  E X I T  T H R O U G H  C H A N G E  R O O M - S H O W E R  

F , - ,  -
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THERMODYNAMIC CONSTRAINTS ON LUNAR MISSION CAPABILITY 

l . O  MISSION CONCEPT FOR APOLLO THERMAL DESIGN 

Thermal des ign of the Apollo spac e craft was in i t ially bas e d  upon 
the conc ep t of s t eady s tate wor s t  case environmental c ond it i ons . 
In o the r words , each e lement of the spac e craft was t o  be des ign ed 
t o  ex i s t  in the wor s t  c old or hot c ondit i on for an indefini te t ime 
period . The pr imary incent ive for thi s c r i t er ia was our d e s ire 
t o  elimi nate any poten t ial miss ion c on s t ra in t s . 

Early calcula t i ons revealed c os t , c omplexity and we ight penalt i e s  
would be large i f  t h i s  c r i te r ia was adhe red t o .  For instance , 
a c ool ing loop was required for mainta in ing temperature c on trol 
of propellants for b oth Rea c t i on C ontrol Sys tem (RCS ) and Service 
Propuls i on Sys tem ( SPS ) . 

Becau s e  of t h i s  large impact , i t  was dec ided that t he rmal des ign 
m i s s ion c ond i t i ons should be e s tab l i s he d . Thi s  c r ite ria has b e en 
us e d  t o  d e s i gh the space craft t he rmally and e s tab lishes a c e rtain 
b oundary with in wh ich the spa c e c raft mis s i ons mus t b e  ·planned . 
F igure l ind i cates salient feature s of this des ign mis s ion .  Thi s  
does not mean that we w i ll f ly this mi s s i on .  Suff ic ient f lex i 
b i l ity re s ults from des igni ng t o  this cr i t e r ia that a large var i e ty 
of missi on c on d i t i ons can be acc ommodate d .  

We are pre s ently c onduc t ing parame t r i c  analys is t o  b e t t e r  def ine 
this operat i ng enve lope of the thermal d e s ign . We expect to pro
v i de mis s i on planning with s uffic ient data by the end of the 
s ummer to more reali s t ically inc lude the rmal c on s t raints in the 
planning of the lunar miss i on . 

To i llus t rate the s ens i t ivity of the spa c e c raft to m i s s ion 
c on d i t i on s , let us examine the res·pons e charac t e r is t i c s  of the 
Command Mod ule heat s h i e ld . F igure 2 s h ows t he resp on s e  of the 
heat s h i e ld to the spac e environment and indicates the re laxat i on 
in t empe rature requ iremen ts afforded b y  the m i s s i on c on s traints . 

Vi r tually all c omponents in the spac e c raft have tempe rature 
l imita t i on s  wh i c h  c �uld be exceeded unde r  s ome c onc e ivable 
mi s s i on c ondition . Howeve r , c erta in c omponents are more s ens i
t ive . Figure 3 s h ows thos e c omponents wh i c h  analys i s  has 
revealed to be mos t s ens i t ive . 

• 



In summary , we have des igned for well defined trans ient mis s ion 
conditions with a capab ility for limi ted s teady- s tate (wors t  
case ) condit ions , and normal communication, guidance , experimental 
thrus ting , or contingency type mis s ion requirements .  We are 
act ively engaged in analys is to provide parametric data to  
c ompletely define the operat ing envelope of the thermal des ign 
of the spacecraft . Figure 4 summarizes these primary point s . 

2 . 0 THERMAL COATING CONTAMINATION DATA 

The greates t  uncertainty in es tablishing the capability of the 
spacecraft thermal control system to effect the required mis s ion 
evolves from a lack of unders tanding of the effect of self
induced environments on the spacecraft thermal c oating . F igure 
5 shows a layout of the upper s tages of the lunar vehi c le .  Duri ng 
boos t , the s o lid propellant rocket motors for j ettison of the 
Launch Es cape System (LES ) and Saturn II s tage impinge directly 
on the space craft . In addition ,  cork located on both the Service 
Module and Command Module for thermal protection of the s tructure 
during boos t emits ablation products  'tlh i d t  can imp inge on space
craft thermal control s urfaces . 

The thermal control surfaces which c oncern us mos t are als o 
indicated on Figure 5 .  The effect of degraded coat ing perfor
mance will be discussed in greater de tail a little later .  
However , let me briefly summarize the funct ions affected . 
The Environmental Control System (ECS ) radiator heat reject ion 
capability is  reduced as the s olar ab sorptance of the radiator 
surface is increased . The re sult is a requirement for increased 
water boiling . A s imilar reduction in Electrical Power Sys tem 
(EPS ) radiator capab ility results from coating degradat ion . 
Such a reduct ion here means that the allowable fuel cell power 
level is re stricted . We have already seen an indication of the 
re sponse charac teristics  of the heat shield and how they vary 
with chang ing coating propert ies . The primary effect is that 
our original mis s ion flexibility is  further res tricted . 

The f irst information regarding the effec t  of the boost environ
ment on thernal c oat ings was collected by the Marshall Space 
Flight Center (MSFC ) during the SA- 8 ,  - 9 ,  and - 10 mi s s i ons . 
Several thermoc ouples were located on the Service  Module Adapter 
( SMA) between the Saturn IV s tage and the payload . These tempera
tures have been recorded for many months and correlated with the 
SMA coating prope rties . Figure 6 shows the se data . Note that 
the 0'/e ratio ( ratio of s olar abs orptance to infrared emit tance ) 
has increas ed by a factor of bvo over the in it ial value . 



Several calorime t ers were s hrouded s o  as to prote c t  them from 
the b oos t environment . The s e  mea s urements ind icated no c hange 
in c oa t ing prope r t i e s  in the shr ouded area s . Figure 7 shows 
the c onf igura t i on of the s e  veh i c l e s  c ompared to the Saturn V 
lunar veh i c le s . 

Add i t ional data were c ol le c t e d  on a gr ound t e s t  at the Arn old 
Eng ine e r ing Deve lopment C e n t e r  (AEDC ) .  The tes t s e tup is shown 
in F i gure 8 .  The t e s t  c on s i s t e d  of f i r ing a 3 , 5 00-p ound thrus t 
engine a t  alt it ude and measur ing the e f f e c t s  for the rrral c oa t inc; 
prope r t i e 3 . Tvro Ap ollo c oa t ings were t e s ted . The re s ul t s  of 
the t e s t are shmm in F igure 9 .  No te that the a/ e increa s e  of 
the rad iator c oa t ing is s omewha t l e s s  than that exper ien c e d  in 
the SA- 8 , - 9 ,  and - 10 fl ights but is s t i ll of s uf f i c ient magn i 
t ude t o  s i gn i f i can tly affe c t  thermal performan c e . 

The S e rvi c e  Mod ule c oat ing a&e each increas e d , but at nearly 
the s ame rate , s o  that the a/e ra t i o  rema ined app rox i mately 
c on s tant . 

Fi gure 10 s hows r e s ults of analys e s  c ond uc t e d  t o  re la te t e s t  
data t o  the lunar mi s s ion d e s ign s i tua t i on s . Thi s  analys i s  
c ons i s t s  o f  a predic t i on o f  part i c le imp ingement i n  the t e s t  
environmen t s  and i n  the lunar mi s s i on .  The analys i s  ind i c a t e s  
a more s evere env i r onment f o r  the lunar mi s s i on t han the te s t  
c ond i t ions ; the refore , s ome extrap ola t i on i s  require d .  

A s e c ond type of t e s t  has als o  b e en c onduc t e d  t o  f ur ther d e f in e  
expe c ted degradat i on .  An emi s s i on spe c t rograph i c  analys i s  o f  

depos i t s  fr om t h e  Space craft 009 and 002 windows and the tes t 
samples fr om t he AEDC gr ound te s t  are shown in Figure l l .  No te 
the s i mi lar i ty o f  depos i t s  on all three samp le s ; they would not 
b e  exp e c t e d  t o  b e  exa c t ly the s ame due t o  the s l igh t ly d i f ferent 
environment , handl ing proc e dures , e t c . Mos t  of the metal ox ides 
c on ta ined in the s olid prope l lants are f ound on all thr e e  samp le s .  
The s e  depos i ts have b e e n  lab oratory s ynthe s i z e d  and depos i t e d  on 
c oat ings in vary ing dens i t i e s  on the opt i cal ·prop e r t i e s  l i s te d . 
The re s ults of t h i s  inve s t i ga t i on are s h own on F i gure 12 . Pre 
liminary indicat i on s  a r e  tha t  this data c orre late d with the 

previous t e s ts . 

We are als o c on c e rned about the e f f e c t  of the s e  depos i t s  on the 
t ran s mi t tance of the spa c e c ra f t  w indows . Figure 13 shows t he 
e f f e c t  of the AS- 201 m i s s ion environment on Space c raft 009 
window perf orman c e . Spac e c raft 002 data s hows a s imilar degrada
t i on .  We are not c e rt a in ab out the r e la t ive effect of b oos t ,  
e ntry , and re c overy ; however , we s t rongly s uspe c t  that mos t  of 
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the degradation oc cur s  dur ing boos t . A carr.era will be mmmted 
in Space c raft Oll to rec ord the chane;e in lv indow c larity during 
the AS- 202 boos t phas e .  

The effect of RCS plume impinsement on c oa iJ ings 'dill be deter
mined by s caled e;round tes ts at a s imula �.e{l alt itude of 300 , 000 
fee t .  These  tests will be completed in J u Ly and will inc lude 
the effect of ablating c ork . 

No applicable test  data is avai lable t o  quant itate cork ab lat ion 
b iproducts  effect on c oating performance . No l ,e s t s  other ttan 
the RCS motor tests  are funded to  furthe l' .ie fine this uncertainty . 

A t e s t  to determine c oat ing pr operties  of Spacecraft 012 ',T i ll be  
conducted during mis s ion AS-201+ . Th i.::; tee ,_ should provide reas on
able s ub s tantiat ion of our pre dicted l' U!al· cons traints .  

3 . 0  MISSI ON CONSTHAINTS 

The mi s s ion cons traints  wh ich re s ult frow tlle coat ine; degradat ion 
will now be dis c us sed in detail . F i gure Jl+ s ummarizes tte pre
dicted  c oat ing properties  after  boost  Cor  those  components 1vhich 
are most sens itive . 

We predict the ECS radiator coating to degrade to  an as == 0 . '5 ,  
wh ile the emi t tance  remains 0 . 92 .  An analys i s  of radiator 
performance with and without this  degradat ion was conducted . 
Power requirements , heat leaks , metabolic rates , etc . ,  f or the 
lunar mis s ion -vrere als o determined . A heat load and water genera
tion profile resulted . Combination of the above data results in 
the predic ted radiator mis s ion cons traint as shown on Figures 15 
and 16 . Thes e  plots of available space ,� ra�' t water as a funct ion 
of time shod that the present wa ter tan}:ae e i s  inadequate for 
abort from lunar orbit  after failure o r  t l c e  pr imary cooling s;)':.; t e •:l . 
The sys t em would be adequate if no  failure occurred in t he primary 
cooling loop or if the radiator c oat ing 'de r e  prote cted to prevent 
boost contamination .  

The ma.,'<:imum pmre r capab ility o f  the Elect 1 ·  i :·al Povrer Sys tem  i s  
shown on Figure 17 as a function o f  ru.diu. tur s olar abs orptance 
for the de :3 ign condit ion of bro fue l , _• e l l  operation in ltmar 
orb it . The predicted coat ing degradatioll ·vr i ll limit fuel cell 
power level t o  approximately 2 , 4 50 watt :-: for per iods greater 
than one hour in lunar orbit . Since our r:·:i s ; : ion s tudy indicates 
no requirerr_ent:3 in exces s  of this level , �; - :is poses  no mi s s  ion 
constrain t . 



The coating requirement s for the Command Module heat shield are 
shown in Figure 18 . Also noted are the expected properties 
following the boost contamination . Figure 19 summar izes the 
effect of the contamination . The reduct ion in absolute minimum 
temperature mea ns that e ither t ighter constra int s  must be placed 
upon spa cecra ft att itude or the temperature requirement relaxed " 
The spe c ific ation minimum heat sh ield temperature of - 150� is 
ba sed on microscopic surfa ce cra cking of the ablator and gaps 
in the heat shield j o int s result ing from thermal stra ins The 
actual occurence of cracking is unlikely in the thinest sections 
of the heat shield which are the coldest . The therma l stra in 
analys is i s  not considered of suffic ient a ccuracy t o  predict 
that gaps will not occur at - l50°F and will occur at - l70°F . 
The hea t sh ield therma l deformations will be verified in the 
MSC Space E nvironment Simulat i on Laboratory ( SESL ) . An increase 
in predicted entry temperature requires that the heat shield 
be cold- soaked back to +l50°F prior to entry for a worst case 
entry tra jectory . Cabin environment temperature extremes are 
changed by less than 5 °F a s  the re sult of coating degradat ion . 

A lthough other coatings are used on the spa cecraft , their require
ments are suffic ient ly loose so that no problem results from 
the b oost contaminat ion . 

We reviewed the ava ilable window contamination data previously . 
It i s  expected that j ett i sonable covers will be neces sary to 
a s sure the visibility required for docking and scient ific ob ser
vation .  The data from the AS-202 miss ion should confirm thi s . 
Such covers are in de sign at the pre sent time . 

MSC is a lso designing covers which can be used for protection of 
the Service Module r adia tors if de s ired . Effect ivity of these 
covers will be determined upon conclus ion of the present studies . 

4 . 0  CONCLUSIONS 

Conclusi ons resulting from these studies are as follows : 

1 .  Execut ion of the lunar mis sion requires addition of ECS 
cooling water and tankage or boost protect ive covers for 
the ECS radiator coat ing . 

2 .  EPS radiator performance is a ccept able with predi cted 
c oat ing degra dat ion . 

3 . Command Module heat sh ield and c ab in t emperatures slightly 
exceed specification l imits for predicted Command Module 
coating degradat ion . These off - l imit s conditions are 
acceptable . 
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4 .  Pre d i c te d  degrada t i on was ob tained by extrap ola t i on of 
l i mi ted data ; there f ore , s ome un c erta inty ex i s t s . They 
are "b e s t  engineering j udgment " pred i c t ion s . Fl ight data 
from AS- 2 04 and - 205 i s  required for c onf irma t i on . 

5 .  The s·pac e c raft w indows w i ll be degraded . The extent and 
ac ceptab i lity vri ll be inve s t igated further and verif ied 
by f l ight da ta . 

6 .  No spacecraf t changes w i ll be implement ed pending re sults 
of boos t c over des ign s t ud ies and further fl ight data . 
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N AS A - S - 6 6 - 5 2 1 9  J U N  

THERMAL ATTITUD E  CR ITER IA  

EARTH PARK ING ORB IT 

• X-AX IS  PARAllEl TO VELOC ITY V ECTOR ± 20° 

• 1 .5 TO 4.5 HOURS DURA liON 

• S C ROLLED 1 80° 1 HOUR A FTER  START OF THIS PHASE 

• CONSIDER  WO RST CASE ROll W ITH IN  ABOVE L IM ITS 

TRANSLUNAR INJECTION THRU TRANSPOSIT ION 

• 0.5 TO 2 .0 HOURS DURA l iON 

• CONSIDER  ATTITUD E  RANDOM ( i  e ,  WORST CASE)  

N AS A - S -6 6 - 5 2 2 1  J U N  

THE RMAL ATTITU D E  CR ITER IA (CONT) 

TRANSLUNA R-TRANSEARTH COAST 

• X -A X IS NORMAL TO INCIDENT SUN ± 20° 

• ROll AT 1 .0-2.5 R EV / HOUR 

• 60 TO 1 10  HOURS DURA liON 

• AR BITRARY (WO RST CASE )  ATT ITUDE PER IODS 
OF 3 HOURS MAX AT ANY TIME 

• ROll MODE STA B I L IZED TEMPERA lURES TO I N IT IATE 
All A R B ITRARY ATT ITUDE PER IODS 
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N ASA-S-66 - 5 2 20 J U N  

THERMA L ATTITU DE CR ITERIA (C ONT) 

LUNAR ORBIT 

• X-A X IS APEX  DOWN ± 20° O F  LOCAL V ERTICA L  

• ARBITRARY ATTITUD E  FOR LM ASC ENT & DESC ENT 

• ARB ITRARY ATTITUD E  FOR PER IODS O F  3 ORB ITS 
W ITH TOTAL NOT TO E X C EED 8 ORBITS 

• ASSUME ST ABILIZA liON TO START A RBITRARY PERIOD 

LUNAR LAN DING 

• PRIOR KNOWLEDGE OF DAY OR N IGHT LANDING 

• LANDING OR IENT AT ION CONSTRAINED IN T I LT ANGLE 
& SEPARATION D ISTANCE 

N A SA - S -66 - 5 2 27 J U N  
CM HEAT  S H I E LD  - THERMAL R E S P O N S E l l�� R O l l  1 R P H  

S U N_l.- . 

1 50 

1 00 

50 

T E M P O 
c F 1\ ,'\ \ I 1 I I 1 I 1 I I 

-50 I I \ : ', 4/t ::. 7 \ I \ I  I 

., 

' 
\ 

(
:· 

7 \ 
' ' 

1 00 [\, "A = 
.4 

' 

( 
= 

.45 
- 150 - - - - - - - - - -'1- - -M I N I M U M  A llO W A BL E  T E M P E R A T U R E  

3 H R  ' .... .... .... 
H O L D  .... .... 

2 4 6 8 1 0  1 2  
T I M E ,  HRS 

662 

1 4 1 6  1 8  20 



NASA-S-66 - 61 26 JUN 

MOST S EN S IT IV E COMPO N ENTS 

N A S A - S -6 6 - 6 4 2 8  J U N  

CSM 

e CM H EAT S H I E L D  

e C M  RCS E N G I N E  

• S M  RCS E N G I N E  

e S P S  E N G I N E  A N D  F E E D  L I N E S  

e E C S  CO O LA N T  LOO P  

e E P S  C O O LA N T  LO O P  

e CREW COMPARTM E N T  

e TH E RM A L  COAT I N G S  

e E XP E N DA B L E  STO R A G E  

Figure 3 

M O S T S E N S IT IV E  C OM P O N E NT S  (C O N T )  

e LM 

• LA N D I N G  G E A R  

• E X P E N DA B L E  STORAG E 

• H I G H  GA I N , L AN D I N G  A N D  R E N D E Z VO U S  
R A DA R A N T E N N A  

• A / S  R C S  E N G I N E  

• D E S E N T E N G I N E 

• ASC E N T  E N G I N E  

• T H E RM A L  C O A TI N G S 

• C O O LA N T L O O P 

• C R E W  C O M PA R TM E N T  
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THERM A L  D ESIGN 

e DES IGN I S  BASED U PO N  CONTROLLED TEMPERATU RE TRANSIENTS 

e STEA DY- STATE DESI G N  R E S U LTS  IN WE IGHT AND CO M PLEXITY PENALTIES 

e LIMITED CAPAB I L ITY FOR W OR ST CASE M I S S I O N  CON DITI O N S  

e THESE CO N DITI O N S  ESTABLISH DES IGN ENVE LOPE  

e T H I S  CA P A BIL ITY ALLO W S  A W I DE R A N GE O F  MIS SIO N S  TO B E  EX ECUTED 

e PA RAMETR IC  D ATA TO DEFI N E  B O U N D S  O F  CAPA B I LITY IS  IN WORK 

N ASA-S -66- 6040 MA Y  

SOU RCE OF D EPOS ITS 

• LA U N C H  V EH ICLE  R ETRO 
ROCKETS 

• TOW ER J ETT ISON MOTOR 
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• ABLAT ING CORK 
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R ESU LT ING TEMPERATU R E  CONDIT IONS - B LOCK II 
H EAT SH I ELD - M IN IMUM ABLA TOR TEMP CR ITER IA 
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( =0.4 
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Figure 19 
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SERVICE MODULE REACTION CONTROL S YSTEM PROPELLANT MANAGEMENT 

Th i s  d i s c us s i on of the Servi ce Module RCS prope llan t management 
ph i los ophy was not pre s ented during the s ympos i um due t o  lack 
of t i me .  I t  is i n c luded in this report t o  i llus t ra te hov1 t he 
maneuver requi rements are b e ing p lanned t o  provide maximum 
propellant res erves t o  ac c o��odate c on t ingen c ie s . 

The Service Module RC S sys tem is us ed for space craft at t i tude 
c ontrol and f or s mall ve loc i ty change s ,  s uch as prov id ing main 
eng ine ullage . 

F igure l shows the key points of the SM- RCS propellan t usage 
philos ophy . An aus t e re bas e l ine was deve loped in wh ich only 
th os e maneuvers ab s o lutely required we re allovre d .  In add i t i on , 
the maneuve rs allowed are performed with min imum pract i cal 
rates vrith max imum ut i l izat i on of roll man euvers ins tead of 
p i tch or yaw to take advan tage of t he lower inert ia . Planning 
to f ly the mi s s i on in thi s  way vrill as s ure max i mum prope llan t s  
for b o th expec ted and un expected c ont ingen c ie s . 

Expe c t ed c on t ingen c ies , that i s , c on t ingencies for wh ich RCS 
propellan t s  have been spe c if i cally budgeted are los s  of one 
quad , LM res cue and. fai lure of the MSFN nav igat ion loop . If 
no c on t ingenc ies oc c ur pr i or to the LM rej oin ing the C SM ,  then 
the propellant marg in can be used for non- e s s ent ial maneuvers 
to further enhance the mi s s i on a c c ompl i s hmen t s . 

F igure s 2 and 3 s how the key features of the aus tere base l ine . 

Maneuver requ irements duri ng earth orb it are provided by the 
S- I VB  s tage rea c t i on c on t rol sys tem ; hen ce , the s e  requ irement s 
are not inc luded on the s e  f igure s . Navigat ion s ight ings can 
be made in earth orb i t  us ing the S- IVB RCS s hould this prove 
to be de s irab le . The SM RCS is f ir s t  used for transpos i t i on 
and dock ing , as de s c r ibed in the s e s s i on on the general mi s s i on 
de s cr i p t i on .  

MSFN is the prime s ource of nav iga t i on data and on ly two mid
c ours e  c orre c t i on s  are expe c ted during the tran s lunar and 
tran s earth phas e s : one near each end of the phas e .  The 
ma j or i ty of the t ran s i t  t ime i s  spent in a the rmal roll mode 
in wh i c h  the spac e craf t  is rolled about i t s  long i tudinal 
ax is wh i c h  is ma intained within + 20° of normal to the 
ve h i c le- s un l ine . In lunar orb i t , MSFN is aga in the pr ime 
s ourc e  of navigat i on data ; however , s ome s ight ings will be 
taken on the landins area for alt i t ude refi nement and on a 
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few o the r s i t e s  f or c on f idenc e . Other man euve rs requ i re d  
dur ing the lunar orb i t  phas e are as s h own on t h e  f ig u re s . 
S ince each of the s e  maneuve rs i s  de s c r ibed in the general 
mi s s ion de s c r ipt i on , they are not de s c r ib e d  in th i s  paper . 

F ig ure 4 shows the aus t ere maneuver p lan u s e d  for IMU al ign 

men t t o  i llus tra t e  hovr SM RCS p r op e l lan ts can be c on::: erved 
if care is taken to preplan the man e uvers f or max imwn e f f i c iency . 

F igure s 5 and 6 s h ow t he add i t i onal maneuvers n�qui :ced t o  
a c c ompl i s h  onboard nav iga t i on should t h e  MSFN navi[a t i on 
loop fa i l .  

F ig ure 7 de s c r ib e s  the three LM r e s c ue c on t ingency c i tuat i ons 
c ons idere d , The f i r s t  two are as s oc iated w i th an on- t ime 

laun c h , and the t h i rd one w i th an any t i me laun c h . 

C harac t e r i s t i c s  of the s e  s i tuat i on s  w i ll be d i s c us s ed in anothe r  
paper , b ut t h e  point t o  b e  made here i s  that the LM res cue repre
s ents 180 to 300 pounds of the total 790 pounds ava i lab le , whi c h  
i s  22% to 37% of t h e  total even i f  the LM per f orms the dock ing . 
The anyt ime laun c h  s i tuat i on in whi ch t he CSM mus t  perf orm the 
dock ing i nvolve s about 45% of the t otal . Th erefore , it is v i tal 
t o  unde r s tand the deta i l  requirement s  lead ing t o  s uch a c on

t ingency . The s e  are c ur ren tly under inve s t igat i on . 

F igure 8 pre s en t s  t he fac t ors and calcula t i ons r e lated 1�o an 
RCS quad fa ilur e . The c on s equen c e s  of a quad fai lure are s hown 
und e r  " c ons equences " . Propellant s  ava i lab le after a quad fa i lure 
are determined bas ed on the equat i ons s h own under " calcula t i ons " . 
( The s e c ond one infers good management to balan c e  quads at all 
t i me s . ) 
The i t e ms under 

"
checks

" 
ind i cate that tran s la t i on demands 

after a quad fa i lure are s igni f i c ant , and has led t o  inve s t i
ga t i on of no ullage s tart s  for the SPS w i t h  the 1M r e s c ue 
c on t ingency . 

Figure 9 s hows the n on - s che duled a c t i v i t i e s  s t i ll unde r  review . 

Growth fac tors , of c ours e ,  would be very s ignif icant . Addi t ional 
safety fac t or c ons iderat i on s  w ou ld only be ident i f ied as exper

ience g r ows . Unevaluated fac tors are c ons i dered to be s ma ll . 

In t he case of the RCS ac t iv i t i e s , a thor ough unde rs tanding 
of the maneuver r equi rements are required b e f ore tl1 e y  are 
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admitted into the budget , and , of course , we must understand 
by s imulation and flight test that the system does perform as 
estimated . A detailed understanding of s ituations which lead 
to anyt ime launch and s ubsequent LM rescue and finally the 
ability of the SPS to perform with no ullage s tarts at low 
propellant levels must be understood . 

This philosophy results in a 36 lb . reserve for the worst 
case anytime launch (with LM performing docking ) with one 
RCS quad out and with having to do onboard navigation from 
there on . For the more probable LM rescue contingency 
ass oc iated with on- time launch , the reserve would increase 
to about 50 pounds or 12% of two good quads . 
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